




Zusammenfassung

Diese Dissertation entwickelt und analysiert Szenarien für die Erforschung kleiner Körper, Monde
und Planeten des Sonnensystems durch Raumfahrzeuge. Ein Schwerpunkt dieser Arbeit liegt auf
der orbitalen Bewegung von Raumfahrzeugen um Asteroiden, einschließlich binärer und dreifacher
Asteroidensysteme, sowie auf der Bewegung um Planeten und deren Satelliten. Ein weiterer wichtiger
Schwerpunkt liegt auf dem vollständigen Missionsdesign und den Transfer-Szenarien von Raumfahrzeu-
gen für die Erforschung des Mars und seiner Monde.

Im Falle der Bewegung von Raumfahrzeugen in der Nähe kleiner Asteroiden müssen störende
Kräfte wie der Strahlungsdruck der Sonne, der die Wirkung von Gravitationskräften übersteigen kann,
berücksichtigt werden. Es werden Ergebnisse für die Bewegung von Raumfahrzeugen in sogenannten
"Terminator-Orbits" um binäre Asteroiden wie 1996 FG3 präsentiert. Ein besonders komplexes Modell
des dreifachen Asteroiden 2001 SN263, bei dem ein Hauptkörper von zwei kleineren umkreist wird,
wird ebenfalls untersucht. Hier wird die Bewegung aller drei Körper mit einem numerischen Integrator
modelliert, der die Bewegungsgleichungen unter Berücksichtigung der verschiedenen Störkräfte löst. Es
wird gezeigt, dass Raumsonden in "Selbststabilisierenden Terminator-Orbits" auch in diesem komplexen
Asteroidensystem potenziell stabil sind.

Ein weiterer Schwerpunkt dieser Arbeit lag auf der orbitalen Bewegung von Satelliten, die sich nahe
an ihrem Mutterplaneten bewegen und durch diesen gestört werden, wie im Fall der Marsmonde Phobos
und Deimos. Hier wurden die dynamischen Eigenschaften und die Stabilität sogenannter "Quasi-
Satelliten-Orbits" sowie potenzielle Nahvorbeifüge an den Monden und Landungsansätze untersucht.
In diesem Zusammenhang wurden auch resonante Orbits um den Saturnmond Enceladus untersucht,
der durch seinen großen Mutterkörper Saturn erheblichen Störungen ausgesetzt ist.

In diesem Zusammenhang wurde auch eine weitere Studie zur orbitalen Entwicklung und Lebens-
dauer der Raumsonde BepiColombo durchgeführt, die die Komplexität des Gravitationsfeldes von
Merkur höheren Grades und höherer Ordnung berücksichtigt.

Zusätzlich präsentiert diese Dissertation die Entwicklung und Untersuchung einer vollständigen
Mission zum Mars und seinem Satellitensystem. Diese Arbeit wurde im Rahmen des Vorschlags an
die ESA (European Space Agency) "Dephine" durchgeführt, der die Erforschung der Marsmonde mit
Schwerpunkt auf Deimos zum Ziel hatte. In dieser Arbeit wurden Startmöglichkeiten, Transfers und
Ankunftsszenarien am Mars untersucht. Das technische Missionskonzept wurde entwickelt, einschließlich
möglicher Datenraten und Stromanforderungen des Raumfahrzeugs. Das Missionskonzept wurde von
der ESA positiv bewertet.

Abschließend untersucht diese Arbeit mögliche Transferbahnen zum Mars, die 1,5 Umläufe um
die Sonne umfassen und Vorbeifüge an den Mars-Trojanern ermöglichen, die Ziele von hohem wis-
senschaftlichem Interesse darstellen. Die Mars-Trojaner teilen sich die gleiche große Halbachse wie der
Mars auf seiner Umlaufbahn um die Sonne, befnden sich jedoch etwa ±60° vor oder hinter dem Mars
und bewegen sich in Bahnen mit relativ hohen Inklinationen. Es wurde ein Szenario untersucht, in
dem die Raumsonde, wie die vorgeschlagene Missionssonde Dephine, auf ihrem Weg zum Mars einen
Vorbeifug an einem Trojaner durchführt. Das Szenario zielte darauf ab, zusätzliche Ressourcen im
Vergleich zu einer reinen Mars-Mission zu minimieren. In günstigen Fällen war ein kleiner zusätzlicher
Impulse von etwa 0,07 km/s ausreichend, um Trojaner-Vorbeifüge in die Mission einzubeziehen.

III





Abstract

This dissertation develops and analyzes scenarios for spacecraft exploration of small bodies, moons,
and planets of the Solar System. One focus of this work is on spacecraft orbital motion around
asteroids, including binary and triple asteroid systems, as well as motion about planets and about
their satellites. Another important focus is on the full mission design and spacecraft transfer scenarios
for the exploration of Mars and its moons.

In the case of spacecraft motion near small asteroids, perturbing forces such as Solar Radiation
Pressure, which may exceed the efect of gravitational forces, must be taken into account. Results
are presented for spacecraft motion in so-called “Terminator Orbits” around binary asteroids, such
as 1996 FG3. A particularly complex model of the triple asteroid 2001 SN263, involving a main body
orbited by two smaller ones, is also investigated. Here, the motion of all three bodies is modeled using
a numerical integrator that solves the equations of motion with the various disturbing forces. It is
shown that spacecraft in "Self-Stabilizing Terminator Orbits" are potentially stable even within this
complex asteroid system.

Another focus of this work has been the orbital motion of satellites moving close to and experiencing
perturbations from their parent planet, such as in the case of the Martian moons Phobos and Deimos.
Here, we studied the dynamic properties and stability of so-called “Quasi-Satellite Orbits,” as well
as potential close fybys of the moons and landing approaches. In this context, we also investigated
resonant orbits around Saturn’s moon Enceladus, which experiences signifcant disturbances from its
large parent, Saturn.

In this context, another study of the orbital evolution and lifetime of the BepiColombo spacecraft
was carried out, involving the complexity of the higher-degree and higher-order gravity feld of Mercury.

Additionally this dissertation presents the development and investigation of a full mission to Mars
and its satellite system. This work was carried out in the context of the proposal to ESA (European
Space Agency), "Dephine," which aimed to explore the moons of Mars, with a focus on Deimos. This
work explored launch opportunities, transfers, and arrival scenarios at Mars. The technical mission
concept was developed, including possible data rates and electrical power requirements of the spacecraft.
The mission concept was positively evaluated by ESA.

Finally, this work studied potential transfer orbits to Mars that included 1.5 revolutions around the
Sun, allowing for fybys of the Mars Trojans, targets of high scientifc interest. The Martian Trojans
share the same semi-major axis as Mars in its orbit around the Sun but are located approximately
±60° ahead of or behind Mars, moving in orbits with relatively high inclinations. A scenario was
investigated in which the spacecraft, such as the proposed mission probe Dephine, performed a fyby
of a Trojan on its way to Mars. The scenario aimed to minimize additional resources compared to a
nominal Mars-only mission. In favorable cases, a small additional delta-v (∆v) of about 0.07 km/s was
sufcient to add Trojan fybys to the mission.
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Chapter 1

Introduction

1.1 Motivation

When I started working at the Deutsche Zentrum für Luft- und Raumfahrt (German Aerospace Center
(DLR)) in September 2010, the Department of Planetary Geodesy was already planning to propose a
medium-sized mission for the Cosmic Vision call M31 of the European Space Agency (ESA).

The proposal was named Gravity, Einstein’s Theory, and Exploration of the Martian Moons’
Environment (GETEMME) (Oberst et al., 2012). I had to familiarise myself with the proposal process
within a few months and had to organize important parts of the proposal in the background. With
only a few months until the submission deadline in January 2011, I had to understand quickly what the
overall concept of a mission proposal was. We managed to fnish the proposal in time and submitted it
for evaluation.

In the years 2011 and 2012 the proposal lead and I improved the mission proposal of GETEMME.
Additionally I became involved in another Cosmic Vision proposal called Marco-Polo-R (Barucci
et al., 2012). The mission proposal consisted of a medium sized spacecraft which should investigate
scientifcally interesting asteroids or Near-Earth Object (NEO).

I was asked to search for stable orbit solutions for the primary target of the mission (175706) 1996

FG3 (Wickhusen et al., 2011). During analysis of possible orbit strategies several stable solutions were
found for the primary and also for the secondary targets (162173) 1999 JU3 Ryugu and (101955) 1999

RQ36 Bennu (Wickhusen et al., 2012; Hussmann et al., 2012).
Unfortunately, neither our GETEMME nor the Marco-Polo-R concept were selected for further

investigation. Nevertheless, the work on these proposals had a signifcant impact on my future work at
the German Aerospace Center:

• The results for the stable orbits which I found during the analysis were so important that we
decided to publish them in a dedicated paper (Hussmann et al., 2012).

• The selected mission for M3 was the PLATO mission, which was also proposed by the Institute
of Planetary Research and I am now working on this project as well

• The proposal team was quite happy with the work I did and wanted me to become the Project
Manager of the following M4, M5, and F mission proposals.

The call for M4 came out in 2014 (ESA, 2014), and we focused strongly on improving our previous
proposal, which was not considered due to a "very low level of mission defnition". As a result, we
changed the overall mission concept of GETEMME and improved orbit and data handling analyses.
We also focused more on feasibility and were able to write a very promising proposal.

ESA evaluated the concept as very good, but in the end, we were ruled out again, but this time not
due to an incomplete proposal, but due to cost estimation. According to the evaluation, our proposal
would have exceeded the overall cost limit by approximately 20% including margin.

1The European Space Agency (ESA) has established the Cosmic Vision 2015-2025 program, which is the current
planning cycle for ESA’s space science missions. Scientist from ESA member states can submit their mission proposals
as (F)ast, (M)edium or (L)arge missions, depending on the actual call.
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The proposal lead and I decided to rework the overall concept. I emphasized to the team the
importance of including professional cost estimation and spacecraft design in the proposal to realistically
advance to the next round and compete for the call. The team lead followed the advice, and we
engaged in deep discussions with the European aerospace company OHB. In the end, we were invited
to a Concurrent Design Facility (CDF) in order to prepare our proposal with more details and to have
a higher chance of succeeding.

ESA was quite happy with our proposal and gave us a very good evaluation. This time, we passed
the technical evaluation and also the cost estimation. Our scientifc leaders were invited to present
the results of the scientifc outcome. In the end, ESA agreed but selected a diferent mission as more
scientifcally valuable than ours.

In any case, with now more than four mission proposals for M- and F-class missions for ESA’s
Cosmic Vision program, I gained a lot of knowledge and experience in preparing a proposal. In
particular, the interactions between the science and engineering groups, along with their difering
views on the problem, made the development phase challenging in several aspects. The search for new
scientifc objectives and the challenges in providing a realistic mission concept led to several new ideas
which were published in scientifc journals. Through this, I was able to contribute to several scientifc
publications either as a co-author or as frst author, and the idea to write this cumulative PhD thesis
arose.

1.2 Scope of this thesis

In this thesis, the main scientifc results are summarized that I have published or contributed to
publications over the past years. The content is mainly based on the experience gained during the
mission concept development and the development of new science cases. Furthermore, background
information on the methods is provided and how they were applied to the mission concepts.

In addition to general methods for the development of mission concepts, this thesis focuses strongly
on the orbital dynamics, trajectories, and maneuvers required to allow such missions. In all these
concepts, I was often asked to provide background information about possible orbit scenarios including
their stability and ∆v demands.

In section 1.3, my scientifc contributions and the corresponding publications from recent years are
summarized and a brief overview is given.

1.3 Scientifc publications

In total, I contributed to 10 scientifc publications that are directly relevant to this Ph.D. thesis. Three
of these peer reviewed articles are include in this cumulative thesis and the remaining seven are cited in
the corresponding sections. For completeness, the 10 papers are summarized here, and a brief overview
about the content and my contribution to it are given. The authors are given in the same order as
they appeared on the publications.
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1.3.1 Peer Reviewed Articles included in this Thesis

In this section the 3 papers which are included in this thesis are summarized.

Terminator Orbits around the Triple Asteroid 2001-SN263 in Application to the Deep
Space Mission ASTER

This research article is included in this thesis in chapter 5
(Wickhusen et al., 2022a)
Authors: Kai Wickhusen, Antonio G.V. de Brum, Friedrich Damme, Alexander Stark, Jean-Baptiste
Vincent, Hauke Hussmann, Jürgen Oberst
Journal: Acta Astronautica
Year: Published 2023

I was the corresponding author of the article and was responsible for performing the numerical
calculations and developing the software and methods. I wrote the main parts of the text, especially
the methods, results and discussion sections, but also large parts of the introduction. I generated most
plots and found the results for stable regions. I also organized the structure of the paper and the
contribution by the co-authors.

Trajectory Analysis for Combined Missions to Mars and its Trojan Asteroids

This research article is included in this thesis in chapter 6.
(Wickhusen et al., 2023)
Authors: Kai Wickhusen, Jürgen Oberst, Apostolos Christou, Friedrich Damme
Journal: Planetary and Space Science
Year: Published 2023

I was the corresponding author of the paper and responsible for performing the calculations,
developing the software, and writing the main text. I generated the plots, evaluated the results, and
discussed them.

DePhine – The Deimos and Phobos Interior Explorer

This research article is included in this thesis in chapter 7.
(Oberst et al., 2018a)
Authors: Jürgen Oberst, Kai Wickhusen, Konrad Willner, Klaus Gwinner, Sofya Spiridonova,
Ralph Kahle, Andrew Coates, Alain Herique, Dirk Plettemeier, Marina Dıaz-Michelena, Alexander
Zakharov, Yoshifumi Futaana, Martin Paetzold, Pascal Rosenblatt, David J. Lawrence, Valery Lainey,
Alison Gibbings, Ingo Gerth
Journal: Advances in Space Research
Year: Published 2018

I was the project manager of the Dephine proposal and responsible for the technical aspects of the
mission. My contribution to the scientifc publication included the orbit and trajectory analysis (section
7.3). Additionally I organized the requirements and constraints of the payloads and was responsible
for technical decisions regarding spacecraft design. I set up the mission timeline and calculated the
available power and data rates. Additionally, I ran the numerical calculations of the Quasi-Satellite
orbits about Deimos, simulated the close fybys and set up the 2:1 resonance scenario. Furthermore, I
was responsible for calculating the maneuvers and the resulting delta-v demand, which was used as a
primary input for the spacecraft design.
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1.3.2 Co-Authored Peer Reviewed Articles with direct Relevance for this

Thesis

My contributions to scientifc publications that are directly related to this thesis are summarized in
this section.

Periodic orbits for interferometric and tomographic radar imaging of Saturn’s moon
Enceladus

(Benedikter et al., 2022)
Authors: Andreas Benedikter, Kai Wickhusen, Hauke Hussmann, Alexander Stark, Friedrich
Damme, Marc Rodriguez-Cassola, Gerhard Krieger
Journal: Acta Astronautica
Year: Published 2022

The paper focuses on possible radar applications in the context of Enceladus Explorer (EnEx)
initiative. A signifcant part of the paper shows the result of searches for possible interferometric
and tomographic acquisitions, which require spacecraft orbits with almost perfectly repeating ground
tracks and sufcient inclination for providing access to the most interesting south polar region with its
plumes. Unfortunately, the low Enceladus mass and its proximity to Saturn often lead to extreme
instabilities for orbit inclinations beyond 60°. However, the paper shows that stable repeat orbits close
to this inclination barrier exist.

I supported this research and ran the frst simulation to search for stable orbit about Enceladus.
Afterwards, I provided tools and methods to support the search for repeat orbits. These tools and
methods are also described in this thesis. Details about the work are given in Sections 2.2.4 and 4.4.3.

Planetary polar explorer - the case for a next-generation remote sensing mission to low
Mars orbit

(Oberst et al., 2022)
Authors: Oberst, Jürgen ; Wickhusen, Kai ; Gwinner, Klaus ; Hauber, Ernst ; Stark, Alexander ;
Elgner, Stephan ; Grott, Matthias ; Fanara, Lida ; Hussmann, Hauke ; Steinbrügge, Gregor ; Lewis,
Stephen ; Balme, Matthew ; Maugeri, Maurizio ; Diolaiuti, Guglielmina ; Karlsson, Nanna ; Johnsson,
Andreas ; Ivanov, Anton ; Hiesinger, Harald
Journal: Experimental Astronomy
Year: Published 2022

The paper proposes the exploration of polar areas on Mars with a next-generation orbiter mission.
The orbiter is intended to fy in a very low Mars orbit within the atmosphere for further investigation.
The atmospheric drag will be continuously compensated for by an electric propulsion system.

I was the project manager for this concept. I developed the mission scenario and analyzed the
trajectory and orbit. I calculated the drag, simulated the orbit, and specifed the propulsion system
and spacecraft design. Details about the Martian atmosphere are given in Section 2.2.1, and concept
details are provided in Section 4.4.4.

Quasi-Satellite Orbits around Deimos and Phobos motivated by the DePhine Mission
Proposal.

(Spiridonova et al., 2017)
Authors: Spiridonova, Sofya; Wickhusen, Kai; Kahle, Ralph; Oberst, Jürgen
Booktitle: Proceedings of the 26th International Symposium on Space Flight Dynamics
Year: Published 2017

This paper analyzes the spacecraft motion in quasi-satellite orbits frst around Deimos and then
around Phobos for the DePhine proposal.It presents the results of a numerical analysis of several
quasi-satellite orbits solutions around the Martian moons.
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For this paper I ran several simulations for Quasi Satellite Orbit (QSO)’s about Phobos and Deimos.
Details can be found in section 4.4.1.

Size matters - The shell lander concept for exploring medium-size airless bodies

(Grimm et al., 2020)
Authors: Grimm, Christian D.; Witte, Lars; Schröder, Silvio; Kai Wickhusen
Journal: Acta Astronautica
Year: Published 2020

The paper analyzes possible design scenarios for small landers and how to land them on very small
bodies with diameters between 10-50 km. For the paper Phobos was considered as the reference target.
The paper classifes carry-on landers with respect to their touchdown and operational strategy and
evaluates the constraints of ballistic deployments.

In cooperation with DLR Bremen, I was responsible for analyzing possible orbit and fy-by scenarios
about the reference target Phobos as well as defning a spacecraft separation and landing scenario.
Details of the work and methods used can be found in Section 4.4.2.

Encounter trajectories for deep space mission ASTER to the triple near Earth asteroid
2001-SN263. The laser altimeter (ALR) point of view

(Brum et al., 2021)
Authors: de Brum, A.G.V., Hussmann, H., Wickhusen, K., Stark, A.
Journal: Advances in Space Research
Year: Published 2021

The Brazilian Space Agency planned to send a small spacecraft to investigate the triple asteroid
2001-SN263. The paper focuses on identifying suitable trajectories for the ASTER spacecraft in the
encounter phase, when the main campaign will take place. This paper describes the efort undertaken
with focus on the operations of the laser altimeter. Possible encounter trajectories were modeled
and simulated to identify suitable approach parameters and conditions to accomplish the intended
investigation.

In cooperation with the Federal University of ABC (UFABC, Brazil), I supported the search for
possible encounter trajectories and mission scenarios. I analyzed the trajectories in terms of feasibility
and available power. Additionally, I provided information about laser altimeters and helped analyzing
its feasibility for this scenario. The paper is based on the ASTER mission and related to my publication
Wickhusen et al. (2022a). Details are given in section 5.

Orbital evolution of the BepiColombo Mercury Planetary Orbiter (MPO) in the gravity
feld of Mercury

(Höschele et al., 2021)
Authors: Marina Höschele, Alexander Stark, Kai Wickhusen, Hauke Hussmann, Jürgen Oberst
Journal: Planetary and Space Science
Year: Published 2021

In the article, we analyze the impact of the uncertainties in the gravity feld harmonic coefcients
of Mercury on the orbital evolution of the Mercury Planetary Orbiter (MPO), part of the European-
Japanese BepiColombo mission. In the paper the most recent estimation of the gravity feld model
of Mercury was used, which was determined from radio tracking data of the NASA spacecraft
MESSENGER. Thereby we propagated the orbital evolution of MPO by means of plausible gravity
felds compatible with the covariance matrix measured gravity feld coefcients.

During my work as BepiColombo Laser Altimeter (BELA) operations manager, we frequently
analyzed the MPO orbit and sought a detailed analysis of its evolution, which remains uncertain due
to the uncertainties in the gravity feld of Mercury.
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For the paper, I ran numerical integrations, provided background information about the mission
and the reference orbit. I defned the main objectives, and verifed the results. More details about
Mercury, BepiColombo and the results of the paper can be found in section 2.2.3.

Stability and evolution of orbits around the binary asteroid 175706 (1996 FG3): Implica-
tions for the MarcoPolo-R mission

(Hussmann et al., 2012)
Authors: Hauke Hussmann, Jürgen Oberst, Kai Wickhusen, Xian Shi, Friedrich Damme, Fabian
Lüdicke, Valery Lupovka, Sven Bauer
Journal: Planetary and Space Science
Year: Published 2012

In the paper we analyzed possible operational scenarios for MarcoPolo-R mission targets. The
paper presents stable orbit solutions known as terminator orbits.

For the article, I conducted numerical integrations, analyzed the trajectories, and found several
stable orbit solutions. I generated most of the images, presented the results, and provided large parts
of the text.

The paper is cited several times in this thesis as it served as an important starting point for my
scientifc investigations. Several details about the work are given in Sections 2.2.2 and 4.4.5
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Chapter 2

Exploration of the Solar System

"E pur si muove" are famous words attributed the Italian mathematician and astronomer Galileo Galilei
in 1633. These words can be translated to "And yet it moves" and refer to the Earth moving about the
Sun. According to legend, Galileo said this after he was forced to withdraw his statement that the
Earth actually moves around the Sun and is not the motionless center of the universe.

Indeed, the theory of a heliocentric (Sun-centered) universe was already formulated by Aristarchus
of Samos in the 3rd century BC. However, his observations were not consistent with the ideas formulated
by Aristotle and later Ptolemy, who considered the earth to be the central body (Pincock and Frary,
2008).

It took more than 1000 years until the heliocentric model was reconsidered as main explanation
for the movement of the planets. In 1543, already 90 years before the famous words of Galilei ,
Nicolaus Copernicus published his book "De revolutionibus orbium coelestium" (english translation:
On the Revolutions of the Heavenly Spheres)" which changed the way mankind looks at the universe
(Schmeidler, 1998; Faure and Mensing, 2007).

The book of Copernicus can be considered as the starting point of an astronomical revolution,
and since then several famous astronomers, physicists, and mathematicians have contributed to our
understanding of the universe. Among them are scientists such as Johannes Kepler, whose name is still
used for Kepler orbital elements (osculating elements), Isaac Newton, or Carl Friedrich Gauß (Faure
and Mensing, 2007).

Today we know that our sun is by far the most massive body in our solar system, but it is just
one star in billions of stars in the Milky Way and that our Milky Way is just one galaxy of billions of
galaxies in the universe. Besides the growing information about our universe, we were also able to gain
more and more detailed information about our Solar System. This was on hand due to the fact that
telescopes around the world have become more and more powerful and that computers are able to
store and calculate an unbelievable number of data. On the other hand, humans have also pushed the
frontiers and made their frst steps into space. In 1957, Earth’s frst artifcial satellite, ’Sputnik,’ was
launched into space. Twelve years later, a dream of humanity came true with the Apollo 11 mission,
marking the frst human landing on the Moon, where Neil Armstrong took his historic steps (Rödel,
2014; Johnson, 2017).

Since Sputnik, the very frst space probe, several follow-up missions were launched into space.
A large number of satellites is orbiting earth today for all kinds of diferent purposes, among them
satellites for communication, weather observations, GPS, military purposes or the International Space
Station (ISS). In addition to these earth satellites, all planets of the solar system as well as several
moons, asteroids, and comets have been visited and explored by human space probes. All this is
possible due to modern space fight (Fortescue et al., 2005).

In the following section 2.1 I will give a brief introduction to spacefight and the Tsiolkowsky
equation and in section 2.2 Solar System Bodies are presented are relevant for this thesis.
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2.1 Spacefight

In 1903, spacefight was still just a dream. That year Orville and Wilbur Wright made their frst
powered fight. It took more than 50 years before the frst artifcial satellite was launched into space.
However, in the same year, a young Russian teacher published his ideas about what he called "Reactive

Flying Machines". In this publication, the basic concepts of spacefight are described, and although
he was not the frst to publish on the topic, his equation is now known as the Tsiolkovsky formula or
Tsiolkovsky rocket equation (Blagonravov, 1954; Fasoulas and Messerschmid, 2009):

vmax = ve ln
mw

md

, (2.1)

with vmax being the maximum achievable velocity of a spacecraft. This maximum achievable
velocity depends primarily on the efective exhaust velocity ve of the spacecraft. The total mass of
the spacecraft (wet mass) mw includes the propellant, while the total mass of the spacecraft without
propellant is called dry mass md. With this fundamental formula, it was now possible to calculate the
required propellant mass for traveling in space. For this purpose, the equation 2.1 can be reformulated
so that the ratio between wet and dry mass is given by:

mw

md

= e

vmax

ve . (2.2)

Equation 2.2 shows that the propellant requirement grows exponentially with the demand for
maximum achievable velocity. Given the limited mass available for spacecrafts, the equation shows
clearly that required vmax or more specifcally ∆v (see Section 4.1.1) should be minimized as much as
possible.

Figure 2.1: Exponential growth of spacecraft mass with ∆v
demand. The fgure is based on the Deimos and Phobos
Interior Explorer (DePhine) spacecraft, which has a dry mass
of 548 kg and an exhaust velocity of 2.78 km/s (see chapter
7). The red curve depicts the ratio of propellant mass to dry
mass as ∆v increases, while the blue curve illustrates the
total spacecraft mass growth. Credit: Own work

An example of this exponential relationship is
shown in Figure 2.1, using the technical param-
eters of the mission proposal DePhine as input
(details in Chapter 7). The fgure shows the expo-
nential growth of the mass of the Spacecraft with
increasing demand for ∆v. This fgure considers
the constraints of the DePhine mission (Oberst
et al., 2016). The DePhine spacecraft dry mass
is 548kg and the exhaust velocity ve = 2780m/s

is a specifc property of the selected standard
MON/MMH2 bi-propellant system. With these
two input parameters, the resulting propellant
mass to dry mass ratio can be calculated for any
∆v demand.

It is important to note that a ∆v of 5km/s al-
ready increases the overall spacecraft mass from
550kg to more than 3300kg. The propellant mass
in this case will be more than 2800kg leading to
a wet to dry mass ratio of more than 5. Further-
more, the calculation doesn’t take into account
that such a high amount of propellant will most
likely even increase the spacecraft dry mass as larger tanks and a bigger spacecraft structure will be
required.

One could think that ∆v demands of 5km/s are not realistic, but this is not the case. For comparison,
the fnal demand for the DePhine mission only for Mars orbit insertion and maneuvers to Phobos
and Deimos was calculated to be more than 2km/s (Oberst et al., 2018a). Other examples are a
Hohmann-transfer (see section 4.1.2) from a 300 km Low Earth Orbit (LEO) to a Geostationary Orbit

2The propulsion subsystem uses a common approach with a mixed oxides of nitrogen (MON)/Monomethylhydrazine
(MMH) bipropellant chemical system. For details, see Chapter 7
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Figure 2.2: Image of the Solar System planets including the rim of the sun and the dwarf planet Pluto. Body diameters
to scale. Bodies on Image: Sun, Mercury, Venus, Earth, Mars, Jupiter, Saturn, Uranus, Neptune, Pluto (from left to
right) Credit: NASA

(GEO) which requires almost a ∆v ≈ 4km/s and a Hohmann-transfer from a 300 km LEO to Jupiter
transfer orbit requires more than 6.3km/s not taking into account the ∆v demand for Jupiter orbit
insertion (Fortescue et al., 2005).

It follows that impulsive maneuvers in space are very costly in terms of mass and fnancial budget.
Therefore, maneuvers should be minimized as much as possible.

Another primary motivation for avoiding maneuvers in space is the scientifc aspect. Once a
propulsion system fres its engines, the orbit is no longer perturbed by only natural forces of space,
such as gravity, atmospheres, or radiation pressures. However, determining the orbit of a spacecraft
without perturbation by the propulsion system is often of great scientifc interest. This approach
enables the determination of key physical parameters—for example, gravity-feld characteristics and
atmospheric properties.

Consequently, one of the main motivations of this thesis is the reduction of impulsive maneuvers in
space, either to reduce ∆v demands or to allow better scientifc investigation.

2.2 Bodies of the Solar System

The Solar System consists of celestial bodies in orbit about the central star: our Sun. With the Sun
being the main attractor, eight major planets, dozens of dwarf planets and thousands of asteroids,
comets, and other smaller objects orbit about this central star. The solar system is a huge and mainly
empty place. The eight major planets are millions of kilometers apart from each other. The eight
planets of the Solar System can be split into two groups: the terrestrial or rocky planets Mercury,
Venus, Earth and Mars and the gas giants Jupiter, Saturn, Uranus and Neptune. A scaled image for
size comparison of the planets can be found in Figure 2.2. It should be noted that several planets have
moons and a large number of them have diameters of several hundred kilometers (Faure and Mensing,
2007).

In order to obtain a better relationship of the distances between the planets, the Astronomical
Unit [AU] is defned as 1AU = 149 597 870 km (nearly 150 Mio. km) and corresponds to the average
distance between the geometric centers of Earth and the Sun (Faure and Mensing, 2007; Murray and
Dermott, 1999). For larger distances, such as star-to-star measurements, lightyears are the typical
distance unit, but since this thesis focuses on bodies within the Solar System, only [AU], [km], and [m]
are used.

Today, in the year 2024, all planets of the Solar System have been visited by human space probes.
Bodies that are relatively easy to reach have been visited more often than bodies that are more difcult
to reach. A brief summary of solar system exploration missions is shown in Figure 2.3. Note that
distance is not the primary constraint for readability. In fact, the orbital energy required for a transfer
could be considered to be a key role. For instance, Mercury is comparably close to Earth, but much
harder to reach than Mars (see Section 4.1.2).

In Figure 2.3 again the importance of ∆v demand is shown. In the fgure, all space missions to
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solar system bodies since the beginning of human space exploration are shown. Additionally, the
∆v demand to reach each body is shown in reverse order. It can clearly be seen that the number of
missions decreases with increasing ∆v demand, while the number of mission increases with decreasing
∆v demand. However, it is clear that the ∆v demand is a very strong constraint for the selection of
a target, but it is not the only one. Earth’s moon has always been the number one target since the
humans started to look at the sky and dreamed of visiting the stars one day. The moon, being the
most prominent body in the sky at night, is obviously a primary target. Because of their extensive
moon systems and complex atmospheres, Jupiter and Saturn are often regarded as higher-priority
targets than Mercury. It must be taken into account that mission selection considers not only scientifc
value but also public outreach.

However, the strong inverse correlation between ∆v and the number of missions, as well as ∆v
demand cannot be neglected. To prove this, the data points of fgure 2.3 were used to calculate the
Pearson correlation value r (Freedman et al., 2007). The result shows a clear value of r = −0.85 which
proves a strong inverse correlation of the two. Due to the arguments presented in this thesis, I consider
there to be a strong causality between the required ∆v and the number of visitations, as additional
∆v increase the mass, time and consequently the costs of a space mission signifcantly. It follows that
missions to planets that are difcult to reach have only been visited a few times so far, although they
might be of higher scientifc interest.

Figure 2.3: Number of Worldwide Space Missions to Solar System Bodies
and reverse ∆v demand. For the ∆v calculation of asteroids and comets,
Ceres was used as reference semi-major axis. The ∆v requirements are
for earth departures assuming a 300 km altitude circular Earth orbit
(Fortescue et al., 2005); Image is own work, with number of mission is
taken from Osterhage (2021)

In our mission proposals, we were
most of the time strictly constraint by
the mass and costs of a mission. The
proposals for Medium (M)- and Fast
(F)-Class missions, as well as the mis-
sion concept of the ASTER mission
concept, did not allow for large masses
or high ∆v demands. Consequently we
focused on the open science questions
about reachable targets such as Mars,
the Martian Moons, Martian Trojans,
and asteroids. All of these targets could
ft in a small or medium sized mission
and were considered for the proposals.
Additionally, our department and insti-
tute had strong scientifc interest and
expertise, and the selected targets re-
ceived strong support. As I am also in-
volved in the ongoing ESA missions to
Mercury (BepiColombo), to the Moons
of Jupiter (Jupiter Icy Moons Explorer
(JUICE)) and the studies for a mission

to Enceladus (EnEx), I supported publications that focused on these bodies, as shown in section 1.3.2.
In the following section I will give a brief overview about the bodies which are relevant for this

PhD Thesis, as they were the selected targets of the proposed missions. Among them are the planets
Mars and Mercury, several asteroids, and the Saturnian moon Enceladus.

2.2.1 Mars

As shown in Figure 2.3 Mars has hosted the most human-made spacecraft in its orbit, second only to
Earth. In 1971 the frst mission to Mars started. This mission was Mariner 9 and became the frst
spacecraft to orbit another planet (Duxbury and Callahan, 1989). Since then about 50 missions to
Mars have been launched and more are about to come. Although not all of them succeeded, several of
the missions were of great success and were able to shed light on highly scientifc questions, such as
the geological and atmospheric evolution of Mars. The reason why so many missions to Mars had been
launched can be explained by mainly two reasons:

1. Mars, like Venus, is located close to the edge of the so-called habitable zone of the solar system
(Urban, 2017). Thus, the chances to fnd water or even life on the planet were considered to be
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higher than on other planets

2. Mars is one of the easier targets to reach in the solar system from Earth, after the Moon. Here
again, the above mentioned Tsiolkovsky equation is of fundamental importance. In other words,
the less propellant is needed to bring the spacecraft to its target, the more scientifc instruments
can be placed on the spacecraft instead. As a transfer orbit to Mars and the Mars orbit insertion
have a comparably low demand for ∆v, more instruments can be used to investigate the global
question about the evolution of the solar system and the universe.

Mars is a terrestrial planet with a mass of 6.4185 × 1023 kg which corresponds to approximately
11 % of the Earth’s mass. In contrast, its surface acceleration is approximately 1/3 of Earth. This
diference in mass and surface acceleration is caused by the smaller radius of the Planet (see Table 2.1).
Mars orbits the Sun at a distance of 1.5237 AU. Due to the small eccentricity, this distance varies
between 1.381 and 1.666 AU over one Martian year, or 687 days (Barlow, 2009). The a brief summary
of the orbital and physical properties of Mars is given in Table 2.1.

In the context of our studies I was mainly focused on the Martian Moons, the Martian Trojans,
and the atmosphere of Mars, which are briefy described in the following subsections.

Table 2.1: Orbital and Physical Properties of Mars (Barlow, 2009)

Semi-major axis 1.5237 AU
Eccentricity 0.0933941
Sidereal orbit period 686.98 days
Solar day 24 h 39 min 35 sec
Mean equatorial radius 3, 396.2 km
Mass 6.4185 × 1023 kg
Surface gravity 3.69× m/s2

Martian Atmosphere

Mars has a very thin atmosphere compared to Earth, consisting mainly of carbon dioxide with small
amounts of Nitrogen, Argon and trace amounts of oxygen (see Table 2.2).

Figure 2.4: Atmospheric Density of Mars Over Altitudes at 0◦ longitude
0h local time. The density profle is shown at diferent latitudes. Image is
own work as presented in Wickhusen et al. (2018) with data from Mars
Climate Database ©LMD/OU/IAA/ESA/CNES Millour et al. (2018)

The average atmospheric pressure
on the surface of Mars ranges from 4
to 8 mbar, which is less than 1% of
the pressure of Earth’s atmosphere at
mean sea level (Barlow, 2009).

Although the Martian atmosphere
is very thin, the pressure at elevations
between 80 and 150 km is compara-
ble to the atmospheric pressure of the
Earth at the same altitudes as shown in
Figure 2.4. Even at altitudes between
150 and 300 km, the density of the Mar-
tian atmosphere still has an efect on
the orbit of spacecraft that come this
close.

The fact that this thin atmosphere
causes a drag and consequently a de-
celerating force is explained in section
4.3.4 and 4.4.4. This drag is also used
for the so-called aerobraking maneu-
vers which has already been used to
save propellant on Mars missions. An
example of this aerobraking technique
is the 2001 Mars Odyssey mission (Saunders et al., 2004).
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Several missions to Mars have already been conducted, during which the Martian atmosphere was
studied and analyzed in detail. Prominent examples include the Mars Global Surveyor (Albee et al.,
2001) and the Mars Atmosphere and Volatile Evolution (MAVEN) missions (Jakosky et al., 2015).
Nevertheless, open questions remain about the dynamics and evolution of the atmosphere, the seasons,
and the polar caps. Based on these open questions, the proposal lead and I decided to propose a
Mission to fy in a low Martian orbit. Details about the mission are given in section 4.4.4.

Table 2.2: Composition of the Martian Atmosphere (Franz et al., 2015)

Carbon Dioxide (CO2) 94.9%
Nitrogen (N2 2.6%
Argon (Ar) 1.9%
Oxygen (O2) 0.2%
others 0.3%

Phobos and Deimos

Mars has two natural satellites or moons, called Phobos and Deimos. The two moons are relatively
small in size, with diameters of only 26.8 km for Phobos and 15.0 km for Deimos, respectively. This
small size and the irregular shape of the bodies is illustrated in Figure 2.5.

Both moons orbit Mars at a comparably short distance in nearly circular orbit and are in synchronous
rotation (see Table 2.3). It is interesting to note that both satellites are evolving away from each other,
with tidal strain energy causing a reduction of Phobos’ semi-major axis and an increase of Deimos’
semi-major axis (Spohn et al., 1998; Burns, 1992).

Figure 2.5: Scaled Illustration of Phobos and Deimos Relative
to the Area of Berlin. Credit: Own work, 3D Models of
Phobos and Deimos provided by Konrad Willner (Willner
et al., 2014), Berlin map taken from Google maps 2024
(Bilder © 2024 TerraMetrics,Kartendaten © 2024 GeoBasis-
DE/BKG (©2009),Google)

There is still an ongoing discussion about the
origin of the two moons. Burns (1978) considered
the two moons to be captured asteroids, due to
their very low albedo, which is similar to C-class
asteroids (see section 2.2.2). However, scientists
nowadays also consider other options for their
formation. Another prominent theory suggests
that Phobos and Deimos may have formed from
a debris disk that was formed by a giant impact
(Rosenblatt et al., 2016). Most recently, Fornasier,
S. et al. (2024) analyzed the refectivtiy of the
moons’ surfaces and concluded that Phobos and
Deimos could even be a captured binary comet.
This illustrates that there are still several unan-
swered questions, and the moons remain of high
interest to the scientifc community.

Although Mars has been visited by human
space probes more than any other Planet, its
small moons have not been investigated in detail

so far. The data we have from the moons come from various missions which primarily targeted Mars,
such as Mars Express.

It should be noted that the Soviet Union Space Program and the successor, ROSKOSMOS, launched
space probes to Phobos and even attempted to land on the moon. Unfortunately, all three missions,
namely Phobos 1, Phobos 2, and Phobos-Grunt, failed, and only Phobos 2 was able to send very
limited data. In summary, until today, there has been no successful mission to Phobos or Deimos and
several questions about the moons remain unanswered (Duxbury et al., 2014).

Our mission proposals Getemme, PhoDEx and DePhine were focusing exclusively on the two moons
and would have investigated several unanswered question such as:

• What is the origin of Phobos and Deimos and how did the two satellites evolve?

• What is the interior structure of Deimos and Phobos?
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Table 2.3: Orbital and Physical Properties of Phobos and Deimos (Williams, 2023)

Property Phobos Deimos

Semi-major axis 9378 km 23459 km
Eccentricity 0.0151 0.0005
Orbital period 0.319 days 1.26 days
Inclination 1.08◦ 1.79◦

Mass 10.6 × 1015 kg 2.4 × 1015 kg
Radius 11.2 km 6.3 km

Figure 2.6: Location of asteroids and the Main Belt with respect to the Planets and the Sun, as well as the Orbital
Structure of asteroid Inclinations and Number Density of Objects (Yellow represents the highest Number Density, blue
the lowest). Credit: (DeMeo and Carry, 2014)

Although our proposals were not selected, the science questions formulated in the proposals are still
of high interest. This can be proven by the upcoming Martian Moons eXploration (MMX) mission,
which is going to be launched in 2026. This mission is a sample return mission, with Phobos as the
primary target. It addresses several of the science questions that were also the main science questions
in our proposal. A comparison with our mission proposal and Details about the MMX mission are
discussed in section 8.1.

2.2.2 Asteroids

At the end of the 18th century, astronomers in Europe started the search for a new planet. Based on
the Titus-Bode Law3, they were mainly looking for this planet between the orbits of Mars and Jupiter
and they were actually right. In 1801, Giuseppe Piazzi was the frst astronomer to discover a new
object (Schmadel, 2012) and he named this new planet Ceres. At that time, he did not know that this
new object would become the frst asteroid ever discovered (Serio et al., 2002; Cunningham, 2021).

In the following years, more objects were found in the region and until 1807, a total number of four
asteroids were discovered. The three new objects were called (2) Pallas, (3) Juno and (4) Vesta. By
1851, a total number of 15 minor planets had been discovered, and this number increased to more
than 50 by 1858 (Schmadel, 2012). Since then, the discovery of asteroids has continued to accelerate,
and with advancements in sensors, computers, and spacecraft, it has become possible to detect smaller
bodies with diameters of only a few tens of meters. As of February 2024, NASA and the Minor Planet
Center (MPC) state that more than 1.3 million asteroids have been detected and are listed in their

3The Titus-Bode Law states that the radii R of the orbits of planets follow the law R = 0.4 + 0.3 × 2n, with
n = −∞, 0, 1, 2, 4, 5 for the at the time known planets Mercury, Venus, Earth, Mars, Jupiter, and Saturn. The apparently
missing planet was searched for n=3 (Wynn-Williams, 2016)
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databases (Bolles, 2024; IAU, 2024).
As mentioned before, most asteroids are relatively small bodies but, similar to the planets, they

are in orbit about the sun. They are primarily, but not exclusively, located between Mars and Jupiter,
in the so-called "main asteroid belt" or just "main belt" (Fisher and Erickson, 2013; NASA, 2024). An
illustration of the locations of asteroids in the solar system can be found in Figure 2.6

It is common to classify the asteroids by their composition and location in the Solar System. The
frst and most widely used taxonomy of composition was originally specifed by D. Tholen and divided
into three main groups (Tholen, 1989; Michel et al., 2015):

• C-Types: Most asteroids are of this type, characterized as dark, carbonaceous objects.

• S-Types: Bodies of this group are primarily composed of silicon dioxide.

• X-Types: Tholen originally defned this group as an "umbrella" category, where asteroids have
similar spectra but likely difer in composition.

In my studies, the composition of asteroids was of minor importance, as it primarily concerned
geologists and the scientists who selected the target. Once the targets were selected, our focus shifted
to reaching them, and for my studies, the classifcation by location was more important. The previously
mentioned main belt asteroids were of minor importance, but I engage with some missions to these
body groups. The more signifcant groups included Trojan asteroids and Near-Earth asteroids (NEAs).
In addition to these, we also investigate binary and triple asteroids, which are systems of at least two
bodies orbiting each other at close distances, typically a few kilometers. Binary asteroids can be found
in the main belt, among the Trojans, and also as Near-Earth Asteroid (NEA)s. In the following a brief
overview about all four asteroid groups is given.
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Table 2.4: Properties of Selected asteroids which are Mentioned in this Thesis either as Mission Targets or for Comparative
Purposes. Note: For binary or triple asteroids, parameters refer to the primary body. a: semi-major axis, e: eccentricity,
i: inclination, d: diameter of the (main) body, GM: standard gravitational parameter times mass, class: orbital group
classifcation, type: single/binary/triple (number of bodies that belong to the asteroid); Reference frame: heliocentric
ecliptic and mean equinox/J2000;
Data taken from a) Fang and Margot (2012), b) Barucci et al. (2012), c) Watanabe et al. (2019), d) Goossens et al.
(2021) e) Todd et al. (2013), f) Levison (2024), x) JPL-SBD (2024) and IAU (2024)

Name a [AU ] e i [deg] d [km] GM [ km3

s2 ] class type

(153591) 2001 SN263
(a,x) 1.987 0.48 6.69 2.5 6.1 × 10−7 NEA Triple

(175706) 1999 FG3
(b,x) 1.054 0.35 1.99 1.4 1.4 × 10−7 NEA Binary

(162173) Ryugu (c,x) 1.190 0.19 5.87 1.0 3.0 × 10−8 NEA Single

(101955) Bennu (d,x) 1.13 0.20 6.0 0.5 4.9 × 10−9 NEA Single

(5261) Eureka (e,x) 1.524 0.07 20.3 1.9 6.3 × 10−7 * Trojan Binary

(101429) 1998 VF31
(e,x) 1.524 0.10 31.3 0.9 6.7 × 10−8 * Trojan Single

(121514) 1999 UJ7
(e,x) 1.524 0.04 16.7 2.5 2.7 × 10−6 * Trojan Single

(311999) 2007 NS2
(e,x) 1.524 0.05 18.6 0.8 5.0 × 10−8 * Trojan Single

(385250) 2001 DH47
(e,x) 1.524 0.04 24.4 0.5 1.5 × 10−8 * Trojan Single

(10469) Krohn (x) 2.349 0.11 6.4 2.5 7.5 × 10−7 * Main Belt Single

(152830) Dinkinesh (f,x) 2.19 0.11 2.1 0.7 3.3 × 10−8 Main Belt Binary

(4) Vesta (x) 2.36 0.09 7.1 525.4 1.7 × 101 Main Belt Single

* No data for the mass was found in the literature, only the diameters and spectral types. Most Mars
Trojan asteroids are classifed as S-types, with only (121514) classifed as an X-type (Todd et al., 2013).
The mass was then calculated as V olume×Density. For the volume, a homogeneous sphere with the
specifed radius was assumed, and density values of 2710kg/m3 for S-types and 5320kg/m3 for X-types
were used (Krasinsky et al., 2002). For (10469) Krohn, no composition data was found. A C-type
density (1380kg/m3) was assumed, as this is the most common group of asteroids (Michel et al., 2015).
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Main Belt asteroids

Main Belt asteroids constitute the largest number of asteroids. They are located roughly between 2
and 3.5 AU, forming a nearly fat ring (Fisher and Erickson, 2013). It is estimated that between 1.1
and 1.9 million asteroids with diameters of more than one kilometer are located in this region.

Main Belt asteroids come in all sizes, with diameters varying from a few meters up to several
hundred kilometers, and can also vary signifcantly in shape and mass. The size distribution of Main
Belt asteroids shows a clear exponential behavior. While only a few asteroids have diameters of more
than 100 km, several thousand asteroids have diameters in the range of several hundred meters (Davis
et al., 2002).

The very frst discovered and largest asteroids (1) Ceres and (4) Vesta are located within the main
belt, but also the small asteroid (152830) Dinkinesh, which has been visited by the Lucy spacecraft
in November 2023 (Mottola et al., 2023). From my very personal point of view, the most important
asteroid of the main belt is (10469) Krohn which is named after my beloved wife and mother of my
children Dr. Katrin Krohn.

An interesting side note is that the frst-ever discovered asteroid, (1) Ceres, was originally classifed
as a planet and later reclassifed as an asteroid. However, in 2005, it was recognized that Ceres is a bit
less than half the size of Pluto. With this size, the gravity of the asteroid is strong enough to pull it
into a nearly round shape (Thomas et al., 2005). Due to this and the resulting hydrostatic equilibrium,
the International Astronomical Union (IAU) decided in 2006 to change the classifcation of Ceres from
an asteroid to a dwarf planet (Ekers and Gingerich, 2006). Ceres is therefore no longer considered a
"nominal" asteroid but has maintained its ID (1) as the frst asteroid.

Trojan asteroids

Trojans asteroids are a special group that share the orbit of a major planet around the Sun but do not
collide with the planet. The reason for this is that these bodies are located in the naturally stable
Lagrangian Points L4 and L5. These geometric points are named after the astronomer Joseph-Louis
Lagrange, who was able to fnd analytical solutions to the general three-body problem. L4 and L5 are
points that form equilateral triangles with the center of gravity of the two main bodies in a three-body
problem, which are usually the Sun and a planet or a planet and its moon (Fasoulas and Messerschmid,
2009; Ley et al., 2009).

Figure 2.7: Lagrangian Points of the Sun-Mars System.
The majority of known Martian Trojans is librating
about the trailing L5 and only one about the lead-
ing L4. Credit: Own work, created using GeoGebra
[https://www.geogebra.org/calculator].

Due to the fact that Trojans at Lagrangian Points
L4 and L5 form equilateral triangles with the planet
and the Sun, they are generally either leading (L4) or
trailing (L5) the planet by 60deg. The positions of the
Lagrangian Points are shown in Figure 2.7.

A consequence of this geometry is that all Trojans
have the same semi-major axis as the planet they share
the orbit with. The other orbital elements, such as the
inclination, longitude of ascending node, or eccentricity,
can vary signifcantly, but by defnition, the semi-major
axis has to be the same and consequently also the
orbital period around the Sun (see Table 2.4).

The most famous Trojan group is probably the one
associated with Jupiter, as shown in Figure 2.6. The
asteroid (588) Achilles was discovered and confrmed to
be a Jupiter Trojan at the beginning of the 20th century.
It was the frst-ever discovered Trojan asteroid, and
since then, the total number of Trojans has increased
signifcantly to more than 10,000 (Nicholson, 1961; Li
et al., 2023).

In 2021, the National Aeronautics and Space Ad-
ministration (NASA) launched the Lucy mission with
the objective of investigating seven primitive bodies
near both the L4 and L5 Lagrange points of Jupiter. Lucy is the frst mission ever to study a diverse
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selection of Trojan asteroids with diameters ranging from roughly 1 km to 100 km (Levison et al.,
2021).

Besides Jupiter also Neptune, Uranus, Mars and even Venus and Earth are confrmed to have
Trojan companions (Santana-Ros et al., 2022). In this thesis I focus exclusively on the Trojan asteroids
of Mars.

By February 2024, nine Martian Trojans were ofcially confrmed by the Minor Planet Center
(IAU, 2022a). These bodies are relatively small in diameter, ranging from only a few hundred meters
to a few kilometers. The properties of the most prominent Mars Trojans are summarized in Table 2.4,
and additional details can be found in Table 6.1. The publication presented in chapter 6 focuses on
visiting the Martian Trojans and combining it with a mission to Mars and the moons of Mars.

Near-Earth Asteroids (NEA’s)

As can be derived from their name, Near-Earth Asteroid (NEA)’s or Near-Earth Object (NEO)’s are
small bodies with orbits close to that of Earth. ’Close’ in this case should be understood from an
astronomical point of view, as even asteroids with a closest approach of 40 million kilometers to Earth’s
orbit are considered ’near-Earth.’ NEA’s are therefore classifed by their orbital distance to the Sun
and, more importantly, to Earth’s orbit. According to the ofcial defnition, asteroids with a perihelion
distance of < 1.3 AU are considered Near-Earth asteroids (Michel et al., 2015; Scheeres, 2012). The
group is further divided into four diferent types —Atiras, Atens, Apollos, and Amors— based on fner
distance specifcations (Scheeres, 2012). An overview of these types and their diferentiation can be
found in Table 2.5. About 90% of all discovered NEOs belong to the Amor or Apollo categories (Binzel
et al., 2015).

Table 2.5: Near-Earth asteroids Classifcations (Scheeres, 2012; Binzel et al., 2015); q: perihelion distance, Q: aphelion
distance, a: semi-major axis

Group Description Defnition

NEAs Near-Earth asteroids q < 1.3AU

Atiras
NEAs whose orbits are contained
entirely within the orbit of Earth

a < 1.0AU
Q < 0.983AU

Atens
Earth crossing NEAs with
semi-major axis smaller than earth

a < 1.0AU
Q > 0.983AU

Apollos
Earth crossing NEAs with
semi-major axis larger than earth

a > 1.0AU
q < 1.017AU

Amors
Earth-approaching NEAs with orbits
exterior to Earth’s but inferior to Mars’

a > 1.0AU
1.017 < q < 1.3AU

In February 2024, the Center for Near-Earth Object Studies (CNEOS) reported that a total of
34,394 NEAs are known, of which 33 are Atiras, 2,718 are Atens, 19,488 are Apollos, and 12,155 are
Amors (Chodas et al., 2024). Due to improved observation campaigns, the total number of known
bodies has increased signifcantly in recent years, as has the interest in them. Binzel et al. (2015)
identifes several reasons for this high interest:

1. By defnition, these asteroids come close to Earth and are consequently potential hazards that
could cause civilization-threatening impacts.

2. Their close proximity allows easier access for space missions, as already explained in section 2.1
and shown in Figure 2.3

3. Diferent observational techniques are possible for Earth-based observers to investigate these
objects when they are close to Earth.
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Figure 2.8: Scaled model of binary near-earth asteroid 1996F G3 as used in our calculation. A scaled Eifel Tower is
include for size comparison. Details about the binary can be found in table 2.4 Image is own work as published in
(Wickhusen et al., 2012)

Figure 2.9: Image of asteroid Dinkinesh and Its Moon Salem taken by the Lucy spacecraft. Credit: NASA/Goddard-
/SwRI/Johns Hopkins APL

Binary and Triple asteroids

A signifcant number of asteroids form a system with a main body and at least one additional body
orbiting it. Asteroids with two bodies orbiting each other are called binary asteroids. In this thesis,
two asteroid systems belong to this group: the Near-Earth Asteroid 1996 FG3 and the Martian Trojan
(5261) Eureka (see Table 2.4). An illustration of the model of 1996 FG3, which we used in Hussmann
et al. (2012), is shown in Figure 2.8.

In November 2023, the Lucy spacecraft visited asteroid (152830) Dinkinesh during a short fyby.
The images showed that this main belt asteroid is also at least a binary asteroid. The small companion
was named Salem. However, in some images, it appeared that the moon itself might consist of two
bodies, which could either be orbiting each other or could be a special type of contact binary (Menne,
2023). The corresponding image showing Dinkinesh and its moon Salem is presented in Figure 2.9.

In addition to binary asteroids, where two bodies orbit each other, systems with three bodies also
exist. In our study on terminator orbits (Wickhusen et al., 2022a), we focused on the triple (or trinary)
asteroid 2001 SN262, which is also a NEA. It had long been assumed that asteroids with four or more
bodies exist, and in 2022, the frst-ever discovery of a quadruple (four-body) asteroid was confrmed
(Berdeu et al., 2022).

Although we also considered single asteroids, our studies often focused on binary and triple asteroids,
with the most massive body of such a system being denoted as the ’primary.’ The smaller bodies were
then denoted as ’secondary’ and ’tertiary’ bodies. This approach is also followed throughout this thesis.

An alternative notation in relevant publications is ’Alpha,’ which is used as a synonym for ’primary,’
and ’Beta’ and ’Gamma’ for ’secondary’ and ’tertiary,’ respectively.

The number of discovered binary and triple near-Earth asteroids has increased signifcantly over the
last years as well as the number of known large main-belt asteroids with satellites. Based on current
measurements, it is assumed that approximately 15% of all asteroids (main-belt, Trojans or NEOs) are
binary objects (Pravec et al., 2006). By August 2024 a total number of 407 asteroids with at least one
companion have been identifed so far (Johnston, 2024).

18



Figure 2.10: Computer generated image of BepiColombo on its way to Mercury. Credit: ESA

2.2.3 Mercury

Mercury is the smallest planet in our Solar System with a radius of 2, 439.7 km, which corresponds to
0.38 earth radii and it is also the planet closest to the Sun. It has a semi-major axis of 0.38 AU, which
results in an orbital period of 88 days around the Sun. Mercury is tidally coupled to its orbital period
around the Sun. The planet rotates 1.5 times around its own axis during one full orbit around the
Sun. This leads to a 3:2 resonance and a Mercury solar day that lasts 176 Earth days (Podbregar and
Lohmann, 2014).

Mercury is also a rocky planet, but in contrast to Venus, Earth, and Mars, it has no atmosphere. Its
surface is comparable to that of Earth’s Moon and is covered with impact craters. Due to its rotational
state, the absence of an atmosphere, and its close proximity to the Sun, the surface temperatures of
the planet range from −170◦C to +430◦C (Podbregar and Lohmann, 2014).

The orbit of Mercury has a semi-major axis that is relatively close to that of Earth ( 90 million
kilometers diference) and comparable to the semi-major axis diference between Earth and Mars ( 80
million kilometers). However, due to its proximity to the Sun, it is far more difcult to get into orbit
about Mercury than Mars, as missions to this planet require very high ∆vs (Podbregar and Lohmann,
2014). For details, see Figure 2.3.

So far, only two space probes have been sent to Mercury for exploration. The frst was Mariner 10,
which visited Mercury for the frst time in 1974 but did not enter orbit around it. The second mission,
MESSENGER, reached Mercury almost 40 years later and was able to enter a highly elliptical polar
orbit around the planet (Osterhage, 2021).

With only two missions to Mercury so far, and only one mission in orbit around it, there are still
several unanswered questions that should be investigated in the future. Currently, a new mission is on
its way to Mercury, which is ESA’s BepiColombo. The spacecraft en route to Mercury is shown in
Figure 2.10. My personal involvement in this mission as an operator of the laser altimeter BELA led
to contributions to scientifc publications about this upcoming mission. In Thomas et al. (2021), I
provided the operational concept, and in Steinbrügge et al. (2018), I set up the operational procedure,
performed the tests, and generated the test data.

However, the most important publication related to BepiColombo and this thesis is Höschele et al.
(2021). In this paper, we analyzed the orbital evolution of BepiColombo during its one-year nominal
mission lifetime and an additional year of extended lifetime. The paper addresses the uncertainties
in the known gravity feld of Mercury. The strong perturbations caused by this gravity feld lead to
a continuous reduction in the pericenter altitude of BepiColombo. This altitude is crucial for the
mission in Mercury’s harsh thermal environment. The uncertainties in Mercury’s gravity feld can
cause signifcant variations in the pericenter altitude. Starting at an altitude of 480 km above the
surface, the pericenter could drop to 400 km in the best case and fall below 100 km in the worst case
after two years Höschele et al. (2021).

The results of this Paper had been considered by ESA and possible scenarios two avoid critical
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altitudes were discussed afterwards.

2.2.4 Enceladus

Figure 2.11: Surface Features of Saturn’s Moon
Enceladus. The image was taken by the Cassini
mission and shows the south pole area. Credit:
NASA/JPL/Space Science Institute

Enceladus is a geologically active Saturnian moon of con-
siderable scientifc interest. It has a diameter of about 500
km and is geologically active.

So far, only four space probes have visited Saturn and
its moons. The NASA-ESA joint mission Cassini-Huygens
was a milestone mission that yielded numerous discover-
ies (Osterhage, 2021). The highest-resolution images of
Enceladus currently available were acquired by the Cassini
mission (see Figure 2.11). It was also the Cassini mission
that led to the discovery of plumes on Enceladus, ejecting
gas and ice particles in the south pole area. Cracks within
the ice crust in this region and the presence of complex
organic molecules have put Enceladus in the spotlight of the
planetary science community and made it a prime target
in the search for extraterrestrial life (Schenk et al., 2018;
Benedikter et al., 2022; Konstantinidis et al., 2014).

There is strong evidence that Enceladus has a subsur-
face ocean of liquid water beneath its ice crust. Thomas
et al. (2016) used measurements of control points across
the surface of Enceladus to determine the satellite’s precise
rotation state. They showed that a forced physical libration
of 0.120 is too large to be consistent with Enceladus’s core
being rigidly connected to its surface. This study provided
evidence for the presence of a global ocean rather than a
localized polar sea. Enceladus is therefore one of the best candidates for a potentially habitable ocean
world in our Solar System (Spencer and Nimmo, 2013; Thomas et al., 2016).

The German Aerospace Center (DLR) has also studied possible missions to Enceladus since 2012.
In cooperation with several Universities a mission concept was developed which includes a lander to
land close to the plumes. After landing on the surface, an ice-penetrating melting robot shall melt itself
towards the ocean for analyzing ice and water samples. The mission concept was named Enceladus
Explorer Initiative (EnEx) (Konstantinidis et al., 2014).

Our department and I have been involved in this mission study since 2016. Already in 2017, we
contributed to the research with the Enceladus geodetic framework (Oberst et al., 2017). As part
of this research, I analyzed the illumination conditions in the polar area and determined the best
time frames for the landing. Although, in retrospect, the results could have been expected, I was still
surprised that regions at the south pole would be permanently in light for more than 8 years. The time
frame even increases to almost 14 years, but during this additional time, Saturn will regularly cast a
shadow on the areas. It was also noted that the distance to the Sun varies between approximately 9 to
10 AU, and the incoming radiation from the Sun will consequently be about 80 to 100 times lower
than the radiation on Earth. In the end, this sums up to 13 − 17 W

m2 solar radiation, not taking into
account the surface angle at the landing site (Oberst et al., 2017).

In the following years we had a joint EnEx cooperation with DLR in Oberpfafenhofen. One major
objective of this study were possible repeat-pass orbits about Enceladus. Due to the very strong
gravity of Saturn, the relative small semi-major axis of Enceladus and its small gravity, highly inclined
solutions or even repeat-pass orbits were not easy to fnd. We performed a systematic analysis and
were able to fnd the required solutions (Benedikter et al., 2022).

Afterwards an Enceladus study funded by ESA was started and we are still developing concepts for
this study. One goal of the study is analysing highly inclined low-altitude orbits, fnding scenarios for
station keeping and analysing the required ∆v demand. Details about the orbital studies can be found
in Section 4.4.3
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Chapter 3

Mission Design

Experience from multiple mission proposals shows that the preparation process consistently requires the
defnition of certain key components. Through review of state-of-the-art literature such as (Fortescue
et al., 2005; Falkner et al., 2007; Montenbruck and Gill, 2000), the main work packages were condensed
into the following six major blocks:

1. Defnition of science objectives

2. Defnition of mission goals and requirements

3. Selection of payloads

4. Defnition of trajectory and orbit

5. Concept design of the spacecraft

6. Cost estimation

Figure 3.1: The Mission Design Iteration Cycle as developed
during the various mission proposals: GETEMME, PhoDEx,
DePhine, and Planetary Polar Explorer. Credit: Own work

The preparation of a scientifc mission pro-
posal should always begin with the defnition of
science objectives, which outline what the mis-
sion aims to investigate. This information is then
used to derive the mission requirements and con-
straints in the second step. In the third step,
the appropriate payloads (instruments) are se-
lected to gather the necessary data required for
answering the scientifc questions.

When the frst steps are fnalized, the tra-
jectory and orbit requirements can be defned,
taking into consideration the requirements and
constraints of the payloads, mission concept, and
science objectives. The ffth step involves develop-
ing a preliminary spacecraft design, which serves
as the foundation for the fnal step: cost estima-
tion. This estimation considers the full mission
concept to determine its cost implications.

The frst iteration through the six steps often
results in inconsistencies and a cost estimation
that exceeds the budget. This requires restarting
the process at a previous step, sometimes even
the frst step, to re-evaluate the science questions.
The process is an iteration cycle and several steps
may have to be repeated and refned to arrive at a fnal concept that can address the science questions
while staying within the budget constraints.

In some cases, the iterations may lead to the conclusion that the concept is either technically
infeasible or not feasible within the given cost constraints.
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3.1 Science Objectives

The defnition of scientifc objectives is the starting point for a science-led mission proposal, such as
the Cosmic Vision M- or F-class mission. These objectives must address the fundamental questions
about the Solar System and the Universe.

In the context of the Cosmic Vision program, the ESA has established a framework for all possible
scientifc questions (ESA, 2014). Proposals funded by this program must answer one or more of the
following questions:

1. What are the conditions for planet formation and the emergence of life?

2. How does the Solar System work?

3. What are the fundamental physical laws of the Universe?

4. How did the Universe originate and what is it made of?

Based on this framework, we have defned specifc, high-priority scientifc questions related to
asteroids and small bodies, which are explained in more detail in section 2.2 and explicitly addressed
in section 7.2.

3.2 Mission Requirements and Constraints

The mission requirements and constraints are directly derived from the science objectives. They defne
the goals that the mission must achieve to be successful.

Each mission has its own specifc objective and, consequently, its own specifc requirements. For
instance, in our Dephine proposal, we aimed to answer the question of what the bulk densities and
porosities of Phobos and Deimos are. To address this, Dephine needed to determine the global shape
and volume of the moons with high precision. This required special instruments like a camera, radar,
and radio science experiments as the minimal payload (see Section 3.3). "A specifc mission requirement
for that scientifc objective consisted of low-velocity fy-bys at close ranges.

Figure 3.2: The BepiColombo Laser Altimeter BELA
instrument for the BepiColombo mission, which will
arrive at Mercury in the year 2025. See also Section
2.2.3. Credit: DLR/University of Bern

Once the science objectives, mission requirements,
and payloads have been iterated, a so-called Science
Traceability Matrix needs to be set up to relate the
three blocks to each other. With this Matrix, each
scientifc question and goal, along with the mission
objectives, can be broken down into corresponding
measurements.

3.3 Instruments (Payloads)

The instruments or payload of a science mission are
the tools that collect data and help us understand
the conditions on the corresponding planets or small
bodies. These instruments or payloads detect or sam-
ple the environment and provide insights into these
conditions.

In our proposals, the payload always consisted of
scientifc instruments. These instruments must collect
all scientifc data within a predefned time frame to
answer the scientifc questions that are the primary
focus of the mission.

Common examples of instruments are cameras,
spectrometers, magnetometers, particle detectors,
radars, and laser altimeters. In our proposals, we
often included these instrument types as they were

optimal candidates to answer the scientifc questions. Laser altimeters, in particular, are of high
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interest to us as our department is responsible for the laser altimeters BELA and GALA (see Figure
3.2).

With the payloads, the basic demands for resources like power, data rates, and pointing accuracy, as
well as orbit properties, illumination requirements, and operational distances, are already defned. For
instance, a camera typically operates only in illuminated regions and tends to generate large amounts
of data, while a laser altimeter can only operate up to a certain distance and requires a lot of power.

However, each payload is selected for a specifc reason and is used to answer important scientifc
questions. As a consequence, the payloads also impose requirements and constraints that must be
taken into account. These requirements and constraints, in turn, must be iterated several times to
reach an acceptable compromise.

3.4 Trajectory and Orbit Analysis

With inputs from the three previous steps, a preliminary trajectory and orbit design can be performed,
taking into account the resulting requirements and constraints. It is difcult to fnd a general approach
to account for these, as they often highly depend on the specifc payloads and mission. Each payload
and spacecraft unit typically has its own dedicated demand for resources such as power, data rates,
pointing, operational altitudes, thermal operational range, etc. A camera, for example, requires an
illuminated surface to operate properly, while a laser altimeter requires a certain minimum altitude for
return pulse detection. (Thomas et al., 2021).

Another important aspect of the orbit design phase is the illumination conditions. Solar radiation
is of fundamental importance for powering a spacecraft, especially since ESA (almost) exclusively uses
solar panels for generating electric power in space. Although other concepts exist, solar panels are
the most common method for generating electric power for spacecraft. Other alternatives, such as
Radioisotope Thermoelectric Generators (RTGs), have only minor importance and have so far only
been used on NASA missions to the outer planets (Ambrosi et al., 2019).

Furthermore, the distance to Earth has a direct impact on the available data rate. Although power
generation and antenna gains can be increased with larger solar panels or antennas, the overall gain
decreases proportionally to the square of the distance from the Sun or Earth, respectively (Fortescue
et al., 2005). Additionally, a very low orbit around the target body can often result in regular shadow
phases, afecting both solar radiation and communication links.

The last, but probably most important, aspect of trajectory and orbit design is the ∆v analysis.
As already shown in section 2.1, each additional propulsive maneuver has an exponential impact on
the required propellant and, consequently, on the overall mass. It is therefore crucial to minimize the
total ∆v demand to reduce the overall spacecraft mass.

3.5 Spacecraft Design

The spacecraft bus itself has no direct scientifc purpose. Instead, it serves as the main structure that
enables the payload to collect the required data and transmit it to Earth. The spacecraft must deliver
the payload to the correct location, provide power, ensure proper pointing, manage data, and maintain
the instruments within the correct temperature range. Consequently, the spacecraft bus consists of the
following main components (Fortescue et al., 2005; Berlin, 2014):

1. On-Board Data Handling and Storage or On-Board Computer (OBC)

2. Power Generation and Distribution System

3. Telemetry, Tracking and Control (TT&C)

4. Thermal Control System

5. Attitude Control System

6. Structure and Mechanics

7. Propulsion System
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In the ESA Cosmic Vision proposals, the spacecraft design was always the responsibility of industry
partners, not the scientifc institutes. The proposals needed to defne a specifc spacecraft concept, but
ultimately, the industry had to decide what was feasible and what was not. The design is signifcantly
constrained by the understanding of the requirements. Therefore, it is extremely important to defne
the requirements clearly and precisely and to focus exclusively on the actual demands. However, it is
not always possible to reduce the demands and requirements to the essential design rules.

This point is especially important, as the spacecraft is the fundamental part of the space mission.
If a critical failure occurs during fight, it could jeopardize the entire mission and result in a complete
loss. Prominent examples of such total losses are mentioned in Section 2.2.1, where three missions were
launched towards the moons of Mars, but all of them failed, leading to a complete loss of the mission.

Furthermore, the fundamental importance of spacecraft design is evident in the cost estimation.
ESA’s guidelines for an M-class mission proposal allocate 40% of the entire budget to industry partners
for the defnition, design, and construction of the spacecraft (ESA, 2014).

In any case, the current method of expressing scientifc needs, formulating scientifc requirements,
selecting payloads, and defning a reference spacecraft design is the best approach we know so far, and
thus we continue to follow this path.

3.6 Cost Estimation

Cost estimation was the most challenging objective during our concept development phases. For
the second proposal, Phobos and Deimos Explorer (PhoDEx), I was responsible for providing a full
cost estimation for the project. The predecessor proposal, "GETEMME," was not accepted due to
incomplete cost estimations and a low level of defnition. Therefore, a better method for estimating
costs had to be developed.

The launch costs for the former Soyuz Fregat launcher were provided by ESA and fxed at 75
million euros, while the operations costs (mission + science) were estimated at 100 million euros (ESA,
2014). However, calculating the industrial costs for the spacecraft was more challenging. A precise
calculation of the building costs was not feasible with the limited resources available. The best solution
to this problem was to compare previously fown missions to Mars with our concept.

Figure 3.3: Mission Cost Estimation Comparison Diagram of the PhoDEx
Proposal. (1) Mars Global Surveyor NASA, (2) Mars Odyssey NASA,
(3) Mars Express ESA, (4) Venus Express ESA, (5) Mars Reconnaissance
Orbiter NASA, (6) MAVEN NASA Credit: Own work as published in
(Oberst et al., 2014)

First, I searched for details about
Mars Express (MEX), which was the
best reference mission for our proposal.
The total costs for the MEX spacecraft
bus were given as 150 million euros
(ESA Public Relations Division, 1999),
with a dry mass of 666 kg (Chicarro
et al., 2004). Using these values, I
calculated the cost per mass ratio to
be 0.225 M€/kg. Since we assumed
that several components of MEX could
be reused, we estimated that the price
per kilogram would be comparable for
PhoDEx. We assumed that each dry
mass kilogram of the spacecraft would
cost 0.25 M€ and derived the total
costs to be 117 M€, or 36% of the es-
timated 325 M€ Costs at Completion
without margin (Oberst et al., 2016).
This result aligned with the provided
reference value of approximately 38%

(ESA, 2014).
On top of this, we assumed a margin of 30%, leading to a total sum of 423 M€. This value was

then used in a subsequent step, where I compared it with the actual costs at completion of already
fown missions. We searched for missions that were comparable in terms of expected mission duration,
target, and dry mass. The results are shown in 3.3. With the cost estimation per dry mass for PhoDEx

24



being above the average of the six reference missions, the team was confdent that we had a reliable
cost estimation.

Unfortunately, ESA did not evaluate our cost estimation as we did, and they assumed a signifcantly
higher amount of 270 M€ for the spacecraft bus. Consequently, our entire concept would exceed the
M4 cost cap of 450 M€. As a result, the PhoDEx proposal was ruled out at the frst step of the
evaluation process.

After the evaluation, the proposal lead and I reviewed the results and iterated the process. We
concluded that a cost estimation by an industry partner with a precise spacecraft model would be
required. As it was planned to get in contact with OHB for a concurrent design study, it was also the
best opportunity to ask for a detailed cost estimation.

With the spacecraft components defned during the study and a professional cost estimation for
development costs and margins, we were able to provide a detailed estimation of the costs. It should
be noted that OHB also adopted my idea of comparing the cost estimation with previously fown
missions, and we generated an updated diagram.

The results were then included in the DePhine proposal (Oberst et al., 2016) (see also chapter 7)
and convinced the technical and programmatic evaluation team that the DePhine mission would ft
within the budget of an M-class call of the Cosmic Vision program.
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Chapter 4

Trajectory and Orbit Design

4.1 Impulsive Maneuvers in Space

As already explained in Section 2.1, impulsive maneuvers in space are often very costly in terms of ∆v
and propellant. Nevertheless, they are almost always required for corrective maneuvers during the
cruise phase, orbit insertion, station keeping, inclination changes, or changes of orbit around the target
body. This section provides an overview of how general trajectory and orbit maneuver calculations can
be performed.

4.1.1 Delta-v Calculation

Delta-v or ∆v is a physical quantity commonly used to describe an impulsive maneuver. It represents
the amount of velocity change required to perform the maneuver. It should be noted that the impulse
is generally assumed to be instantaneous, and the fact that a propulsion system burn will always take
a certain amount of time is typically neglected in the calculation. However, this approximation is
usually sufcient for a preliminary trajectory or orbit maneuver analysis. Calculating the required ∆v
is straightforward (Curtis, 2010):

v⃗i = v⃗t − v⃗c, (4.1)

∆v = |v⃗i|, (4.2)

where vc is the current velocity vector of the spacecraft and vt is the target velocity vector. From
a geometrical point of view, ∆v is the length of the vector v⃗i, which connects the current velocity
vector with the desired target velocity vector (see Figure 4.1). The vector v⃗i also indicates the required
direction of the impulse during the maneuver, i.e., the propulsion system must fre in the −v⃗i direction.

Figure 4.1: Required velocity vector v⃗i to change
from current velocity v⃗c to the target velocity
v⃗t. Credit: Credit: Own work, created using
GeoGebra [https://www.geogebra.org/calculator]

Once all the main maneuvers required during a mission
are determined, all ∆v’s must be summed up to calculate
the total demand (Fasoulas and Messerschmid, 2009). This
value, with margin, is then a mandatory input for the
Tsiolkovsky equation 2.2 in order to determine the overall
spacecraft mass. It is a key input value for the design of the
spacecraft, as it signifcantly constrains the overall available
dry mass.

Impulsive maneuvers and ∆v calculations can be used
to change any osculating element, although some elements
require a specifc position in orbit to be changed correctly.
For example, an inclination change of a polar orbit is not
possible while being directly above the pole.

In our studies, impulsive maneuvers were mainly used to change the semi-major axis and eccentricity
(which includes orbit insertion maneuvers), as well as to change the inclination or longitude of the
ascending node. The remaining two Keplerian elements, argument of periapsis and mean anomaly,
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were not considered in the trajectory analysis performed in the papers (see Chapter 6, 7 and Section
4.4.4).

In the triple asteroid paper (Section 5), the inclination and the longitude of the ascending node
were specifcally varied to rotate the orbital plane of the probe in space. However, in this particular
case, changing these two elements required only very minor amounts of ∆v due to the very low gravity
of the asteroids.

4.1.2 Hohmann Transfer

Space vehicles often need to be transferred from one orbit to another with a diferent altitude or
semi-major axis. If only a single maneuver is performed, the initial and fnal orbits will intersect at the
position where the maneuver was executed. Therefore, at least two maneuvers are required to transfer
a spacecraft between two orbits that do not intersect each other (Fortescue et al., 2005).

Figure 4.2: A Hohman transfer from a Quasi-Satellite or-
bit about Phobos to a Quasi-Satellite Orbit about Deimos.
All distances are to scale. ∆v’s are calculated with equa-
tions 4.3, 4.4 and 4.5. Orbits of Phobos and Deimos are
assumed to be circular and coplanar. The overall ∆v de-
mand to raise the orbit from Phobos to Deimos sums up
to 0.747km/s. Credit: Own work, created using GeoGebra
[https://www.geogebra.org/calculator]

The Hohmann transfer is often used to trans-
fer space vehicles from a circular orbit at low al-
titude (e.g., Low Earth Orbit (LEO)) to another
circular orbit at high altitude (e.g., Geostation-
ary Orbit (GEO)) or the vice versa (Ley et al.,
2009). In our studies for PhoDEx and DePhine,
we used the Hohmann transfer to move the space-
craft from a Quasi Satellite Orbit (QSO) around
Phobos to a QSO around Deimos, as both moons
orbit Mars in an almost circular orbit. Details
of this transfer are shown in Figure 4.2. Details
about QSO’s are given in Section 4.4.1.

In most cases, the minimum energy and thus
∆v demand for transferring a spacecraft to an-
other orbit can be determined using a Hohmann
transfer. The velocities required for the two ma-
neuvers of a transfer can be calculated using the
vis-viva equation. In the frst step, one calculates
the initial speed of the spacecraft at the point
where the maneuver is to be performed. For a
circular orbit, this is given by (Fortescue et al.,
2005):

vc =

r

GM

rc

, (4.3)

where vc is the tangential speed of the space-
craft on its orbit, GM is the gravitational con-
stant times the mass of the main body, and r is
the orbital radius. To raise the semi-major axis

for an intersection with the target orbit, a frst maneuver, in this case, a pericenter kick, has to be
performed. Afterwards, when the new apocenter is reached, another maneuver is required to enter the
new circular orbit. The tangetial velocities of the intersecting ellipse are given by (Ley et al., 2009):
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�

, (4.5)

where vp and va are the pericenter and apocenter speeds. The distances rp and ra are the pericenter
and apocenter radii, respectively, with rp + ra = 2a, where a is the semi-major axis of the ellipse.
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4.2 Lambert’s Problem

The Lambert Problem is a fundamental problem in modern celestial mechanics used to determine an
orbit connecting two points in space while satisfying a trajectory constrained by time. The concept
behind this theorem was formulated in the 18th century by Johann Heinrich Lambert and formally
solved in the 19th century by the renowned Joseph-Louis Lagrange (Lancaster and Blanchard, 1969).
During the 1960s, when the space race to the Moon reached its peak (Schefter, 2000), possible solutions
to the Lambert Problem were studied intensively, and to this day, more than 60 authors have proposed
solutions to the problem (de la Torre Sangrà and Fantino, 2021). In this section, a general overview of
solving Lambert’s problem is provided, along with a brief summary of the Izzo algorithm (Izzo, 2015),
which was used in the Martian Trojans paper (Wickhusen et al., 2023) (see chapter 6).

4.2.1 Overview

The Lambert Problem is primarily a simplifed two-body problem, where a main attractor (typically
the Sun) is used to calculate an orbit connecting two position vectors in space at diferent times (r(t1)
and r(t2)). Lambert’s Theorem provides a solution for such cases (Roa, 2017). For instance, if one
plans to travel from Earth to Mars within a specifc timeframe of 100 days, the Lambert Problem can
provide a feasible transfer orbit, although it would require a signifcant amount of ∆v to achieve.

As stated by Jordan (1964), the Lambert Theorem can be expressed as a functional equation, "the
form of which depends upon the energy per unit mass of the body in motion and certain geometrical
conditions." The energy per mass ratio (E) of a body is then given by the formula:

E =
1
2
v2 −

µ

r
, (4.6)

with r being the distance from the origin of the central force to the body, v the velocity of this
body at r, and µ = GM , where µ is the gravitational parameter (gravitational constant times the
mass of the central body).

Based on this equation, a spacecraft launched from Point P1 (at positional vector r(t1)), three
diferent energy conditions can occur:

• E < 0 and thus v1 <
q

2µ
r1

(ellipse),

• E > 0 and thus v1 >
q

2µ
r1

(hyperbola),

• E = 0 and thus v1 =
q

2µ
r1

(parabola).

For transfers within the solar system, we use only elliptical transfers, focusing only on cases where
E < 0. In these cases, a general procedure for solving Lambert’s problem consists of the following
steps (de la Torre Sangrà and Fantino, 2021):

1. computing the geometric parameters of the transfer;

2. initial guessing for the free parameter and iterating on the transfer time equation until convergence

3. computing the velocity vectors.

4.2.2 The Geometric Parameters of Lambert’s Problem

In this section, the general geometric concept used to solve Lambert’s Problem is explained, using
an Earth-Mars transfer as an illustrative example to enhance understanding and visualization of the
results. For a spacecraft launching from P1 (Earth) on an elliptical trajectory to P2 (Mars), one needs
to take into account the launch date (t0) and the arrival date (t1).

During this travel time, the target (Mars) will also move along its orbit around the Sun. Conse-
quently, the position of the target depends only on the time.

Figure 4.3 illustrates the frst three steps in constructing a geometric solution for Lambert’s problem,
using an Earth-Mars transfer as an example. In the frst step (4.3a), the departure and arrival times
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(a) (b) (c)

Figure 4.3: Geometric way to construct possible transfer ellipses for an exemplary Earth-Mars Transfer. a) Initial orbit
geometry, b) construction of a hyperbola, c) defning a secondary focus for transfer ellipse defnition. Details are given in
section 4.2.2. Credit: Own work, created using GeoGebra [https://www.geogebra.org/calculator]

(Earth at t0 and Mars at t1) are defned, and the corresponding positions of the two bodies relative to
the main attractor (the Sun) are determined. In the second step (4.3b), a hyperbola is drawn with
Earth at departure and Mars at arrival as the two foci, and the Sun as a point on the hyperbola. This
hyperbola defnes the possible transfer ellipses, with the Sun as the frst focus (attractor) and any
point on the opposite hyperbola as the second focus. The fnal step determines either Mars at arrival
or Earth at departure as a point on the ellipse (4.3c).

4.2.3 Transfer Time of the Arc

Once the geometric parameters of Lambert’s Problem have been determined, the semi-major axis a
must be calculated based on a given transfer time or Time of Flight (TOF). While the transfer time
for a full or half ellipse depends only on the gravitational parameter (GM) and the semi-major axis, an
analytically correct solution can be found. Calculating the time for only partial arc transfers is more
challenging, as no analytical solution exists (Fasoulas and Messerschmid, 2009).

The Time of Flight we are interested in is the diference between the departure time and the arrival
time. In Figure 4.3, this time is defned as follows:

∆t = t1 − t0. (4.7)

However, the goal is to fnd the corresponding semi-major axis based on the Time of Flight. Peet
(2023) and Izzo (2015) suggest determining the chord and the semi-perimeter, which are defned as
follows:

c = |r⃗1 − r⃗0|, (4.8)

where r⃗0 is the position on the transfer ellipse at the departure time t0 and r⃗1 the position at the
arrival time t1. With these two positions, the chord c of the triangle formed by r⃗0, r⃗1, and c can be
calculated and is shown in Figure 4.4.

Afterwards the semi-perimeter s of this triangle can be calculated:

s =
c+ r0 + r1

2
. (4.9)

Now the two auxiliary angles ³ and ´ can be defned:
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With these two angles the semi-major axis and the Time of Flight can be related to each other.
This can be done by using a modern Formulation of Lambert’s Equation (Peet, 2023):

∆t =

r

a3

GM
(³− ´ − (sin³− sin ´)) , (4.12)

where a is the semi-major axis of the wanted transfer ellipse and ∆t the TOF as defned in Equation
4.7. GM is the standard gravitational parameter which consists of the gravitational constant times
the mass of the central body which is the sun in the examples of Figure 4.4.

Figure 4.4: Geometric relation between the departure posi-
tion r0 at time t0, the arrival position r1 at time t1 and the
chord c of the triangle. Additionally four velocity vectors
v0, v1, v2 and v3 are shown. In this image, v0 is the original
velocity on the initial orbit and v1 the target velocity of the
transfer ellipse, v2 is the arrival velocity of the spacecraft and
v3 the target velocity. Credit: Credit: Own work, created
using GeoGebra [https://www.geogebra.org/calculator]

Unfortunately, in this equation, ∆t is clearly
defned for a given semi-major axis a, but in the
case of Lambert’s Problem, ∆t is given, and we
are searching for the corresponding a. Accord-
ing to Fasoulas and Messerschmid (2009), the
equation cannot be solved analytically in this sit-
uation and must be solved numerically. There
are several numerical methods to solve Lambert’s
Equation, and Peet (2023) suggests the following:

1. Newton Iteration

2. Series Expansion

3. Bisection

Besides these, there are several other algo-
rithms, each with its own advantages and dis-
advantages. Today, computational speed and
accuracy are likely the most important factors
when selecting a numerical algorithm.

In Izzo (2015), the problem was revisited, and
the author suggested a new algorithm for solv-
ing the Time of Flight. Izzo introduced a new
variable representing all problem classes, which
is used to express the TOF equation. In this new
formulation, the time of fight curves have two
oblique asymptotes, which are mostly approxi-
mated by piecewise continuous lines. Additionally,
he provided a new frst-guess method to reduce
the overall iteration time.

In de la Torre Sangrà and Fantino (2021), nine diferent numerical Lambert solvers were analyzed,
and it was concluded that the Izzo (2015) algorithm ’exhibits the best ratio between speed, robustness,
and accuracy.’ For that reason, and due to its ability to include multi-revolutions in the algorithm, we
selected it for our calculations.

4.2.4 Computing the Velocity Vectors

Once the semi-major axis for the given Time of Flight is determined, the full ellipse is defned. With
this, the Izzo (2015) algorithm calculates four velocity vectors, which are required for determining the
two impulsive maneuvers and the ∆v demand. These four vectors are:

1. v0: initial velocity on initial orbit at r⃗0(t0)

2. v1: departure velocity on transfer ellipse also at r⃗0(t0)

3. v2: arrival velocity on transfer ellipse at r⃗1(t1)

4. v3: target velocity on target orbit also at r⃗1(t1)
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Figure 4.5: Contour or Porkchop Plots for a Earth-Mars Transfer as used for Mission Analysis during DePhine Concept
Development. The x-axis gives all possible launch dates between the years 2028 and 2033. On the y-axis, the required
cruise time is shown. The map itself consists of islands with diferent ∆v demands. All transfers with a ∆v demand
higher than 7km/s are not shown. Note: The islands with transfer duration of 400 days or less are direct transfers, while
the ones with 600 days and more include more than one revolution about the sun. Credit: Own work as used for the
Dephine mission defnition.

The four vectors and the transfer ellipse are shown in Figure 4.4. With the Equation 4.2 it is now
possible to determine the overall ∆v demand:

∆v = |v⃗1 − v⃗0| + |v⃗3 − v⃗2| (4.13)

4.2.5 Visualization of the Results

Once all previous steps of solving Lambert’s problem are complete, a solution for an orbit connecting
two points in space at given times is found. The resulting ∆vs provide the overall demand for this
specifc trajectory. All steps are then repeated for diferent launch dates and diferent arrival dates.
Consequently, the departure and arrival time space is scanned, typically with equidistant time steps
of 1 or 2 days. For each departure-arrival time combination, a total ∆v demand is determined and
plotted on a map, typically as contour or color-coded information (Burke et al., 2010).

The resulting plot is a contour plot with the x-axis representing the departure date and the y-axis
representing the arrival date or alternatively the transfer duration (see Figure 4.5). This contour plot
is also called a porkchop plot and shows curve levels of equal ∆v or characteristic energy (C3).

During the development of Phodex and Dephine, we also considered not only the direct transfers
from Earth to Mars but also those that include an additional revolution around the Sun. In Figure
4.5, the three areas above 600 days of transfer duration represent the solutions for these additional
revolutions. Although these transfers last approximately 400-700 days longer, they ofered partially
better ∆v demands at the cost of longer operation times. However, this longer transfer also allowed
for possible fyby scenarios at the Martian Trojans, which are presented in Chapter 6.
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4.3 Numerical Integration

At the department of planetary geodesy, a numerical integrator has been developed for solving
trajectories of planets, asteroids, particles, or spacecraft in space (Hussmann et al., 2012; Höschele,
2022; Benedikter et al., 2022; Wickhusen et al., 2022a). This integrator is able to solve the equations
of motion and was used to simulate orbits around asteroids, particularly for the Triple Asteroid paper
(Section 5) and for verifcation of the results in the Martian Trojan paper (Section 6).

The integrator solves the equations of motion using SPICE. SPICE is a toolkit provided by
Navigation and Ancillary Information Facility (NAIF) and was built to assist scientists and engineers
involved in modeling, planning, and executing activities needed to conduct planetary exploration
missions (Acton, 1996; Acton et al., 2018). We used the toolkit to retrieve solar system data, such
as ephemerides, reference frames, and planetary constants. With this data, a precise simulation of
small bodies or spacecraft in the solar system is possible by solving the following equation of motion
(Montenbruck and Gill, 2000):

¨⃗r(t) = −
GM

r3
r⃗(t) + ¨⃗rht(r⃗, t) +

X

sb

¨⃗rsb(r⃗, t) + ¨⃗rsrp(r⃗, t) + ¨⃗rdrag(r⃗, ˙⃗r, t), (4.14)

where r⃗ is the position of the body or spacecraft relative to the center of gravity of the main body,
⃗̇r is the spacecraft’s velocity, and ⃗̈r is its acceleration, respectively. The gravity caused by the main
attractor is given by the GM value, representing the body as a point mass. The second term ¨⃗rht in
equation 4.14 accounts for deviations from the spherical gravity feld of the main body (higher-order
terms). Perturbing gravity forces caused by other bodies besides the main body are represented by the
third term ¨⃗rsb. The position of these bodies is typically extracted from the DE421 SPICE kernel for
each given time step (Folkner et al., 2014). The penultimate term of the equation, ¨⃗rsrp, represents the
solar radiation pressure, which is of high importance when the mass of the primary body is relatively
small, while the last term ¨⃗rdrag accounts for atmospheric drag.

Depending on the given constraints of the mission, some terms can be neglected and not included in
the calculation. For the calculation of stable orbits around the triple asteroid 2001SN263 (see Chapter
5 atmospheric drag was neglected, but solar radiation pressure was of high importance. On the other
hand, during the simulation of our Low-Mars-Orbiter proposal (see section 4.4.4), atmospheric drag
was highly signifcant, while solar radiation pressure had a negligible efect.

This equation of motion (Equation 4.14) is a diferential equation. An analytical solution is currently
not available, so it must be solved numerically. For that, diferent numerical methods are included in
the integrator software. We primarily used an explicit Runge–Kutta method of the eighth order after
Dormand and Prince, as well as an implicit Adams multi-step method (Hussmann et al., 2012). Both
methods were suitable for the given problems, and the results did not depend on a specifc choice of
integration method.

4.3.1 Higher-Order Terms of the Gravity Field

The gravity of a main attractor is typically not a point mass but an inhomogeneously distributed
feld, where regions with higher density and mass cause stronger acceleration than others. For a frst
approximation around Earth or Mars, the point mass approach is usually sufcient. However, for
more complex problems, such as orbits around asteroids or when fying very close to the main body, a
complex gravity feld can have a signifcant impact on the results. The following section explains the
implementation of the gravity model.

The gravitational potential U of a body’s mass distribution afects the spacecraft depending on its
location. The location of the spacecraft is expressed in geographic coordinates (distance r, latitude ϕ,
longitude ¼) with respect to the center of gravity. The formula used in the equation of motion 4.14 is
provided by Montenbruck and Gill (2000) and Scheeres (2012):

¨⃗rht = ∇U =
∂U

∂r
u⃗r +

1
r

∂U

∂ϕ
u⃗φ +

1
r cosϕ

∂U

∂¼
u⃗λ, (4.15)

with
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U(r, ϕ, ¼) =
GM

r

∞
X

n=0

n
X

m=0

Rn

rn
Pnm(sin(ϕ))(Cnm cos(m¼) + Snm sin(m¼). (4.16)

In Equation 4.15 u⃗r, u⃗φ, and u⃗λ denote the unit vectors of the r, ϕ, ¼ basis of the body-fxed
spherical coordinates. The unit vector u⃗r points along the radius vector of the satellite, u⃗φ in the
direction of increasing north and u⃗λ in the direction of increasing east. The gravitational potential of
the planetary body is then represented through spherical harmonics in Equation 4.16, where GM is
again the gravitational constants times the mass of the body and R denotes its normalized radius (e.g.
the mean radius). Cnm and Snm are spherical harmonic coefcients (or Stokes coefcients) of degree
n and order m. Pnm are the Associated Legendre Functions that can be defned by the closed-form
relationship (Scheeres, 2012):

Pnm(sinϕ) = cosm ϕ

n−m

2
X

i=0

(−1)i(2n− 2i)!
2ni!(n− i)!(n−m− 2i)!

sinn−m−2i ϕ. (4.17)

4.3.2 Perturbations by Secondary Bodies

Secondary bodies, which are included as perturbers in the numerical integration, are simulated as
point masses and are implemented similarly to the primary body as GMbody, where M is the mass of
each corresponding body. Perturbations by these secondary bodies can have a strong efect on orbital
stability. This is especially the case when the primary body, which the spacecraft is intended to orbit,
has a relatively low mass compared to the perturbing body and is in the vicinity or sphere of infuence
of this perturbing body. Moons in orbit can be particularly afected by this circumstance. Here, I want
to highlight two studies where the orbit of a spacecraft around a moon became unstable due to the
strong perturbing forces of the planet.

In the frst case, I investigated orbits around the Martian moons Phobos and Deimos. Due to the
relatively low mass of these moons and their short distance to Mars (see Table 2.3), only so-called
Quasi-Satellite Orbits (QSO) were found to be stable. I conducted numerical scans of these orbits and
found several solutions suitable for the PhoDEx (Oberst et al., 2016) and DePhine missions (Chapter
7). Details about the calculations can be found in Section 4.4.1.

The second case is the simulation of spacecraft orbits around Enceladus, one of Saturn’s moons. In
this study, we also searched for stable orbits around the moon. Here, similar to the moons of Mars, the
perturbing planet (Saturn) is too close and has a gravity feld that is too strong for orbits to be stable
around the moon at high inclinations. However, unlike Phobos and Deimos, Enceladus is a larger
body with a radius of approximately 250 km. Nevertheless, for a spacecraft with a semi-major axis of
500 km, the gravitational perturbation force caused by Saturn is only about one order of magnitude
weaker than the force caused by Enceladus’s GM. The orbits became unstable within a relatively short
time frame, and the goal was to fnd stable periodic with comparably high inclinations (Benedikter
et al., 2022). Details are given in Section 4.4.3.

4.3.3 Solar Radiation Pressure

Solar radiation pressure results from the Sun’s electromagnetic radiation exerting a force on objects in
space. This force can cause acceleration and is considered a non-conservative force acting on surfaces.
When light is received, it transfers its momentum to the body, and the outcome depends on whether
the light is absorbed or refected. Most surfaces have a specifc ratio of absorption and refection, with
some surfaces having a higher tendency to refect light and others to absorb it. In calculations, it
is important to consider the refectivity of a surface, as a partially refective surface would require
multiplying the force by its refectivity (Fortescue et al., 2005).

In our papers, we used typical refectivity values of 0.8 for high-refecting surfaces (such as Multi-
Layer Refective Insulation (MLI)) of the main body and 0.058 for low-refective solar panels (Leem
et al., 2013). In our models we consider only specular refection of solar photons; difuse refection is
neglected.

Due to this solar radiation pressure, the space probe experiences a force which perturbs its orbit
and orientation. The acceleration ¨⃗rsb caused by solar radiation pressure for a plane surface refecting
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Figure 4.6: Overview of simulated acceleration acting on the BepiColombo spacecraft model in orbit about Mercury.
The time frame was chosen such, that the spacecraft does not enter the shadow of Mercury. Image is own work with
data and model as published in (Höschele et al., 2021)

one fraction and absorbing the other fraction of the incoming light is given by Montenbruck and Gill
(2000):

¨⃗rsrp = −¿Pref

�

1AU
dsun

�

S

msat

cos ¹[(1 − ϵ)e⃗sun + 2ϵ cos(¹)n⃗] (4.18)

where ¿ is the shadow function (¿ = 0: umbra, ¿ = 1: sunlight, 0 < ¿ < 1: penumbra),
Pref = 4.56 × 10−6 Nm2 is the solar radiation pressure at 1 AU, dsun is the distance from the surface
to the Sun, S is the surface area, msat is the space probe’s mass, ¹ is the illumination angle, ϵ is the
refectivity of the surface, e⃗sun is the direction to the Sun, and n⃗ is the surface normal.

The shadow function ¿ = 1 −A/(Ãa2) has to be calculated for the given spacecraft position and
the constellation of celestial bodies considered. The area A is the occulted segment of the Sun, and a
is the apparent diameter of the Sun. The constellation of bodies is calculated using SPICE routines at
the given epoch. The solar radiation pressure, which has to be computed at every time step, depends
on the absolute distance to the Sun and on the mass-to-area ratio of the spacecraft.

For large bodies, the efect of solar radiation pressure is negligible. The acceleration caused by the
gravity of the main body in these cases is several orders of magnitude higher than the solar radiation
pressure. However, for small bodies such as asteroids with diameters of only a few kilometers, solar
radiation pressure becomes a very important disturbance that must be taken into account during orbit
calculation. This fact is illustrated in Figures 4.6 and Figure 5.2. In Figure 4.6, the accelerations
on the BepiColombo spacecraft are simulated. It can clearly be seen that the force caused by the
central GM of Mercury is by far the strongest and approximately 4-6 orders of magnitude higher than
the accelerations caused by the higher-order terms of Mercury’s gravity feld and the GM of the Sun.
Although Mercury is the planet closest to the Sun, the accelerations due to solar radiation pressure
are approximately 7 orders of magnitude lower and have an almost negligible efect.

In contrast to BepiColombo in orbit around Mercury, a spacecraft in orbit around a small body
such as 2001 SN263 is strongly perturbed by solar radiation pressure. As shown in Figure 5.2, the solar
radiation pressure in this case is the second largest acceleration and only one order of magnitude less
than the central GM of the asteroid. In such a case, the nominal orbit can become unstable quickly,
and only Self-Stabilized Terminator Orbits could allow a stable orbit solution (for details, see Section
4.4.5).
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4.3.4 Perturbations by Atmospheric Drag

A very strong non-gravitational perturbation acting on a spacecraft can be caused by the atmosphere
of a planet. Depending mainly on the atmospheric density and the altitude of the Spaceraft (S/C), a
dominant atmospheric force, called drag, acts in the opposite direction of the spacecraft’s velocity. In
our simulations, we used the following formula for modeling atmospheric drag (Mostaza Prieto et al.,
2014):

¨⃗rdrag(r) = −
1
2
Ä(r) × ˙⃗r(r)2 × CD

A

m
. (4.19)

Here, ¨⃗rdrag denotes the acceleration acting on the spacecraft, r is again the distance of the spacecraft
to the center of mass, and Ä(r) the atmospheric density at that altitude. The orbital velocity of the
spacecraft at the corresponding altitude is given by ˙⃗r. The drag coefcient CD represents the resistance
of the spacecraft body to the atmosphere and is infuenced by factors such as the shape and material
of the spacecraft surface, as well as gas-surface interaction. Finally, A/m represents the cross-sectional
area-to-mass ratio of the spacecraft.

While the orbital velocity, mass, cross-sectional area, and drag coefcient of a spacecraft can be
predicted with reasonable accuracy, the density of a planet’s atmosphere is much harder to forecast.
In fact, according to Höschele (2022), the atmospheric density of Mars at an altitude of 150 km can
vary between [10−11; 10−9] kg

m3 , resulting in a diference of almost a factor of 100 in acceleration.
As a result, an accurate model of the aerodynamic forces experienced by a spacecraft in the

Martian atmosphere cannot be developed due to imprecise knowledge of the physical properties of
the atmosphere, as well as the interaction of neutral gas and charged particles with the spacecraft’s
surface, as mentioned in Höschele (2022).

In this case, we focused on the best, worst, and average cases in order to create a reasonable
scenario for fying a spacecraft in low Mars orbit. This scenario was then used to present our Low
Mars Orbiter concept in Wickhusen et al. (2018) and to publish the results as the "Planetary Polar
Explorer" in Oberst et al. (2022). More details can be found in Section 4.4.4.
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(a) Left: A Quasi Satellite Orbit about Phobos in an
inertial Reference Frame. Right: The same orbit shown
the Phobos Co-Rotating References Frame.

(b) Ground Track of the Same Quasi-Satellite Orbit, Shown
on the Surface of a 3-Axial Ellipsoid Model of Phobos.

Figure 4.7: Diferent Views on a Quasi-Satellite Orbit Around a 3-Axial Ellipsoid Model of Phobos. Credit: Own work

4.4 Orbits in Strongly Perturbed Environment

4.4.1 Quasi-Satellite Orbits (QSO)

Objects in a Quasi Satellite Orbit (QSO) move in a specifc 1:1 mean-motion resonance, in which the
object librates around the longitude of its associated body. In simple terms, a body and its Quasi
Satellite (QS) orbit a larger body and share the same semi-major axis but have slightly diferent
eccentricities. In this way, both objects can remain in resonant motion around the main body (Mikkola
and Innanen, 1997; Wiegert et al., 2000).

QSOs are a special form of the circular restricted three-body problem. These orbits are often
chosen when the mass of the body to be orbited is too small in comparison to its primary body. In
such cases, the perturbations by the larger body are too strong to allow nominal Keplerian orbits
around the actual body. One of the most prominent examples of these QSOs is the Phobos/Mars
constellation. An example of a QSO around Phobos is shown in Figure 4.7a.

Phobos orbits Mars at a distance of only 9378 km. It is a small body with principal axes radii
between 9 and 13 km, and this small size results in a low mass of only 1.06 × 1016 kg. Comparing it
to Mars, which has a mass of 6.4169 × 1023 kg, Mars is approximately 60 million times heavier than
Phobos (Williams, 2023). This, combined with the small semi-major axis of Phobos, makes nominal
Keplerian orbits around the moon impossible.

The case is similar for Mars’ second moon, Deimos. Although it is farther away from Mars, its
smaller size leads to comparable results.

For our mission proposals PhoDEx and DePhine, several scenarios were calculated in which the
spacecraft would orbit Phobos or Deimos. In both cases, the only suitable solutions found were QSOs.
The challenging part was the required high inclination of the orbits, which was intended to allow full
coverage of the surface of Phobos and Deimos. Unfortunately, no stable orbit with a high inclination
was found. The highest inclination found was approximately 45◦.

In order to still allow full coverage of the poles, we included short impulsive maneuvers in the
timeline, which enabled close fybys over the poles of Deimos. Due to the special situation in QSOs,
these maneuvers required only a small amount of ∆v. Details are given in Section 7.3.3.

4.4.2 Landing from QSO

As part of the PhoDEx and DePhine proposals, we also studied landing a small package the size of a
shoebox on the surface of Phobos. The optimal lander for such a scenario would be a package similar
to Mascot, in collaboration with DLR-Bremen, who were responsible for the development of Mascot
(Ho et al., 2017).

I set up the constraints for landing a package on the surface and provided the orbital path and
close fyby scenarios. The idea was to perform a small "braking" maneuver from the QSO around
Phobos (see Figure 4.9). We developed this basic fyby landing concept already during the PhoDEx
proposal (Oberst et al., 2014).
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Figure 4.8: Landing Scenario for a Small Spacecraft
on Phobos. The marker on the trajectory are one
minute steps. Credit: Own work with Phobos shape
model provided by K. Willner (Willner et al., 2014)
and published in (Grimm et al., 2020)

After the proposal was not selected for further in-
vestigation, a more detailed plan for the fyby and
landing concept was developed, which was then used
as a reference case for the DePhine proposal. Unfor-
tunately, the entire concept of landing a package on
Phobos had to be removed due to the strict cost cap
of an M-class mission (Oberst et al., 2016).

However, DLR Bremen remained very interested in
the concept of landing a small package on Phobos, and
a cooperation began. After several simulations, I found
scenarios where only 5-7 m/s of ∆v would be required
for the braking maneuver and a close approach to the
surface. During this close fyby, when the spacecraft
reached the closest distance and the desired position
above the surface, the spacecraft would perform a short
braking maneuver to come to a full stop relative to the
surface. The spacecraft would then immediately start
falling towards the moon, but due to its low gravity,
the entire fall would last more than 30 minutes before
the spacecraft would hit the surface (see Figure 4.8)
at a comparatively low speed of approximately 3m/s.

In the resulting brake and release scenario, the
spacecraft would have to perform three main actions

in less than half of the falling time, i.e., in approximately 15 minutes:

1. reduce relative speed to zero (approximately 10m/s)

2. release the landing package for a free fall landing

3. accelerate relative speed to original one (approximately 10m/s)

Figure 4.9: Close Flyby Maneuver from a Quasi Satellite orbit about Phobos. Credit: Own work with Phobos shape
model provided by K. Willner (Willner et al., 2014)

By this, the spacecraft would almost return to the trajectory it was on during the close approach.
My simulations showed that even small guidance and steering errors would not lead to a critical change
in the trajectory and that it would be possible for the spacecraft to return to the original QSO with
only one additional maneuver of approximately 7-20 m/s (Grimm et al., 2020).

4.4.3 Orbits about Enceladus

Compared to Saturn, Enceladus is a very small moon of roughly 500 km in diameter and orbits Saturn
at a relatively short semi-major axis of 238400km. Enceladus has a GM = 7.2km3

/s2 which is very
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Figure 4.10: Repeat-Pass Orbit Around Enceladus with a mean inclination of approximately 58◦ and a mean altitude of
235 km, Credit: (Benedikter et al., 2022)

small compared to Saturn, which has a GM = 3.8 × 107km3

/s2 (Jacobson, 2022).

Similar to orbits around Phobos and Deimos, nominal Keplerian orbits around this moon are not
possible. However, similar to Quasi-Satellite Orbits around Phobos and Deimos, special stable orbits
around Enceladus can be found. As already shown in the section about QSOs (4.4.1), orbits in the
orbital plane of Enceladus around Saturn are possible, but inclinations of 60◦ or more lead to extreme
instabilities. This so-called “Kozai mechanism” causes the spacecraft either to crash onto the surface
of Enceladus or to leave its sphere of infuence (Kozai, 1962; Benedikter et al., 2022).

Unfortunately, one of the most interesting regions on Enceladus is the south pole area, which is
geologically very active, with plumes of water ice being injected into space (Spencer and Nimmo, 2013;
Konstantinidis et al., 2014). A remote sensing or lander mission would therefore require a highly
inclined or even polar orbit to investigate this region.

In the context of the EnEx4 initiative, we searched for stable resonant orbits for radar applications
(Benedikter et al., 2022). Besides the requirement to fnd orbits with high inclinations, we also had to
look for resonant orbits. The interferometric and tomographic data acquisitions with radar required
orbits with almost perfectly repeating ground tracks. In the paper, we used the same grid search
strategy that we used in Hussmann et al. (2012) and Wickhusen et al. (2022a) for identifying highly
stable, periodic orbits that satisfy the repeating ground track requirement. The identifed orbits
provide sufcient inclination and long-term stability to sustain the required repeat characteristic for
up to a few hundred days (Benedikter et al., 2022). A resulting orbit is shown in Figure 4.10.

On the 25th of March 2024, and by coincidence one day after this section was written, ESA
announced their plan to go to Enceladus with the very frst planetary L-class mission of the new
Voyage 2050 program (ESA Media Relations, 2024). The circumstances and more details about this
new Enceladus mission are discussed in Chapter 8.

4The Enceladus Explorer (EnEx) space mission is to search for extraterrestrial life on Saturn’s moon Enceladus.
Scientists and engineers in the Enceladus Explorer Initiative are therefore developing new technologies to make this
mission possible.
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Figure 4.11: The Drag Force Caused by the Martian Atmosphere over Diferent Altitudes. For comparison, the possible
force provided by the DAWN propulsion system is shown. The left Figure shows the drag at perihelion and the right
Figure at aphelion. Image is own work with data from Mars Climate Database ©LMD/OU/IAA/ESA/CNES Millour
et al. (2018) and was presented at EPSC 2018 (Wickhusen et al., 2018).

4.4.4 Continuous Drag Compensation by an Electric Propulsion System

In 2018, ESA launched a new Call for Ideas for the Voyage 2050 program. This new program is the
successor to the highly successful Cosmic Vision program and is planned for missions in the time frame
2035-2050. In the context of this Call for Ideas, we designed a new mission proposal named "Planetary
Polar Explorer" (Oberst et al., 2022).

The concept consisted of a Next-Generation Remote Sensing (ESA M-Class) mission to Mars,
involving a spacecraft in circular Low Mars Orbit (LMO) (f 150km). One of the key technical aspects
of the concept is the usage of an electric propulsion system. Besides the transfer to Mars,the propulsion
system will also continuously compensate for the drag of the Martian atmosphere. This drag force acts
in the opposite direction of the spacecraft velocity and decelerates the spacecraft. This "braking" leads
to a continuous reduction of velocity and consequently of its altitude and lifetime. Similar to equation
4.19, this drag force F can be expressed by the formula (Montenbruck and Gill, 2000):

F (h) =
1
2
Ä(h) × v(h)2

× CDA, (4.20)

where h represents the altitude of the S/C, Ä the density of the atmosphere and v the velocity of the
spacecraft. The drag coefcient CD represents the interactions of the spacecraft with the atmosphere
while A is the cross-sectional area of the S/C.

The parameters CD and A are primarily infuenced during the construction of the spacecraft and
can therefore be considered constant. We set CD = 2.0, which is a conservative value according to
Fortescue et al. (2005), and A = 41 m2, which is the cross-sectional area of the DAWN spacecraft
(Thomas et al., 2011b). The diferent cross-sectional areas due to diferent attitudes are neglected for
the moment. It should be noted that we selected the DAWN spacecraft as a reference because it has
an electric propulsion system capable of delivering 91 mN.

The resulting drag force depends then only on the altitude of the spacecraft. For the proposal we
used a standard density model of the upper Martian Atmosphere, which is defned by (Fortescue et al.,
2005):

Ä(h) = Ä0 × e
h/H , (4.21)

where Ä0 = 0.02kg/m3 is the reference density and H = 11.1 km is the scale height (Williams, 2023).
The velocity can easily be determined using the vis-viva equation (Fortescue et al., 2005):

v(h) =

s

GM ×

�

2
r

−
1
a

�

, (4.22)
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where GM is the standard gravitational parameter of Mars (for the mass of Mars, see Table 2.1),
r = rmars + h is the distance of the spacecraft to the center of mass, and a is the semi-major axis.

With these equations, we had a fully analytical solution, which showed the expected results. By
lowering the altitude, the velocity increased as well as the atmospheric density. However, the efect of
both was very diferent. For a spacecraft altitude between 100 km and 200 km, the spacecraft relative
velocity varies only slightly between 3.5 km/s and 3.45 km/s. The density, on the other hand, decreases
exponentially with increasing height (Wickhusen et al., 2018; Oberst et al., 2022).

However, we realized that the simple density model was not truly representative of the Martian
atmosphere, so we considered a more realistic numerical model provided by the Mars Climate Database
(MCD). Using these values, we were able to calculate the minimum possible altitude that could be
compensated by the DAWN electric propulsion system to be h = 150 km. Details of the results are
given in Figure 4.11.

4.4.5 Self-Stabilizing Terminator Orbits

In astronomy, the terminator is a closed line that separates the day and night sides of a planetary
body. This line moves across a body as it rotates. For spherical bodies, this line is a circle that has
the same angular period as the synodic day of the body. For Earth, in its body-fxed reference frame,
the mean angular movement of the terminator is exactly 24 hours (Meeus, 1997).

However, during Earth’s movement around the Sun, the terminator also follows the Sun. Considering
the basic geometry of the terminator, the plane of the terminator circle is perpendicular to the incoming
radiation. Therefore, the plane will make one full 360◦ rotation over one year.

In order to follow the rotation of the terminator over one year, a spacecraft needs to fy in an orbit
where the longitude of the ascending node is not fxed inertially but rotates. In other words, it requires
a nodal precession of 360◦ per year. For Earth, this is achieved by taking advantage of the J2 efect.
This efect, caused by the second-degree spherical harmonic coefcient J2 (or C20, see Section 4.3.1),
describes the oblateness of the central body and leads to a drift of the longitude of the ascending
node. These orbits are the well-known sun-synchronous orbits, although they do not lie in a plane
perpendicular to the incoming radiation (Chobotov, 2002; Montenbruck and Gill, 2000).

Figure 4.12: Sketch of Terminator
Orbits Around Small Asteroids. x0

denotes the small ofset away from
the center of gravity and α is the
displacement angle. Sketch is own
work

Terminator orbits around small bodies, such as asteroids, work
a little diferently. The requirement remains the same: the orbital
plane of the spacecraft needs to have the same rotational rate as
the precession of the terminator. However, due to the small mass
and often irregular shape of small asteroids, the spacecraft cannot
take advantage of the J2 efect. Furthermore, the incoming solar
radiation is relatively strong compared to the mass of the asteroid.
As explained in Section 4.3.3, the Solar Radiation Pressure (SRP)
can have a signifcant impact on the orbit of a spacecraft, especially
when the gravity of the main body is very weak. This is typically the
case for asteroids with diameters in the range of a few kilometers (see
acceleration diagram in Figure 5.2). The SRP in these cases causes a
very strong perturbation, which often results in the spacecraft either
crashing onto the surface or escaping from its sphere of infuence
(Scheeres, 1999).

To compensate for this, fying in a terminator orbit around small
bodies is often the only way to place a spacecraft in a stable orbit.
Here, the J2 efect is counteracted by the solar radiation pressure,
which acts as a continuous non-conservative force on the orbit. It leads to a continuous ofset of the
orbital plane from the center of gravity. This displacement in the anti-sunward direction, x0, is shown
in Figure 4.12 and can be calculated with the following formula (Bookless and McInnes, 2006):

x0 =
asrp

GM
r3, (4.23)

where asrp is the acceleration of the spacecraft caused by the solar radiation pressure. The distance
from the center of mass of the asteroid to the spacecraft is given by r, and the product of the asteroid’s
mass and the gravitational constant is given by GM .
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Figure 4.13: Self-Stabilized Terminator Orbit Around Binary Asteroid 1996F G3, left: orbit in inertial reference frame,
right: same orbit in co-roating reference frame with x-axis always pointing towards the sun and consequently in opposite
direction of the solar radiation pressure and y-Axis pointing in fying direction. Image is own work, taken from
(Wickhusen et al., 2012) and published in (Hussmann et al., 2012)

During our search for stable orbits around the asteroids 1996 FG3, (162173) Ryugu, and (101955)
Bennu in support of the Marco-Polo-R mission proposal, only terminator orbits in the vicinity of the
asteroids were found that fulflled the requirements and constraints. The resulting reference orbit from
the study is shown in Figure 4.13 in both inertial and co-rotating reference frames (Wickhusen et al.,
2012; Hussmann et al., 2012).

The same approach in search for stable orbits was then also followed for the Brazilian space mission
ASTER to the triple Asteroid 2001 SN263. By applying the same methods developed during my studies
for terminator orbits about the binary 1996 FG3, we could easily identify the pertubation strengths
caused by the secondary and tertiary body and the solar radiation pressure. The results were published
in Wickhusen et al. (2023) and are included in this thesis in section 5.

42



Chapter 5

Terminator Orbits around the Triple

Asteroid 2001-SN263 in Application

to the Deep Space Mission ASTER

Research Paper I

Published version, 2022 in Acta Astronautica
https://doi.org/10.1016/j.actaastro.2022.06.029

Kai Wickhusen a, Antonio G.V. de Brum b, Friedrich Damme c,Alexander Stark a, Jean-Baptiste
Vincent a, Hauke Hussmann a, Jürgen Oberst c

a. German Aerospace Center (DLR), Institute of Planetary Research, Rutherfordstr. 2, D-12489, Berlin, Germany

b. Federal University of ABC, SBC, São Paulo, Brazil

c. Technical University Berlin, Institute of Geodesy and Geoinformation Science, Strasse des 17. Juni 135, D-10623 Berlin, Germany

Abstract

We search for stable orbits in the vicinity of the triple asteroid system, 2001-SN263, which will be
target of the deep space mission ASTER, currently under study by the Brazilian space agency (AEB).
Our numerical simulations include gravitational forces caused by the three bodies of 2001-SN263,
higher-order terms of the primary’s gravity feld, planetary perturbations and solar radiation pressure.
Due to the low gravity of the triple system, the spacecraft’s motion becomes complex and the faint
gravity forces of the secondaries are exceeded by radiation pressure from the Sun. However, we show
that the so-called "terminator orbits" within the asteroid system at distances between 6-10 km to
the primary body can be found. A spacecraft parked in such orbit will stay within the system for
several months without the need to adjust its trajectory. Additionally, these stable orbits will allow
investigating the entire primary body including its poles as well as the two secondary bodies. We also
show that a laser altimeter, which is part of ASTER’s primary payload, will beneft signifcantly from
these terminator orbits.

5.1 Introduction

The inner Solar System is populated by a large number of small bodies, the Near-Earth Objects
(NEOs), approaching or crossing the orbits of the terrestrial planets. More than 28,000 NEOs have
already been discovered and hundreds of new ones are discovered each year (IAU, 2022b). These
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objects are believed to be remnants from the formation of the Solar System about 4.6 billion years ago.
Some NEOs follow trajectories, which cross Earth’s orbit – and can possibly collide with our planet.
Depending on their size and velocity, such collisions may have dramatic consequences for Earth’s
ecological system or the human population (Gritzner et al., 2006; Rumpf et al., 2017). It is obvious
that our knowledge on the physical properties, the dynamics and evolution of NEOs is critical.
Much knowledge about the structures and dynamics of NEOs can be obtained from multiple NEO
systems. A large fraction of the NEOs (15%) are binaries, i.e., systems featuring a primary object
orbited by a smaller secondary (Margot et al., 2002; Fang and Margot, 2012; Margot et al., 2015). While
the origins of such binaries are still being discussed, their formation can be explained if the asteroids
in question are invoked to have “rubble pile” structures, implying that the asteroids consist of loosely
bound material instead of monolithic structures. Small asteroids are observed to undergo a spin-up due
to the YORP (YarkovskyO’Keefe-Radzievskii-Paddack) efect (Rubincam, 2000). With increasing spin,
centrifugal forces may cause a disruption and release of particles that can then re-accrete to form one
or several small satellites (Walsh et al., 2008). Alternatively, satellites may form by single catastrophic
disruptions (Jacobson and Scheeres, 2011) . The YORP-efect in binary systems (termed BYORP)
may also modify the asteroids’ orbits within the system, leading asteroids to be locked in spin-orbit
resonance (Ćuk and Burns, 2005). Also, tidal efects may be important. Tidal interaction between
the primary and secondary may afect the semi-major axes and eccentricities of the orbits resulting
in the secondary’s escape or tidal decay (e.g.(Walsh and Jacobson, 2015)). Tidal disruption during
close planetary encounters may support the formation of binaries or multiple asteroid systems (Margot
et al., 2002) – or it may be responsible for disruption of the system. A combination of the YORP or
BYORP efects, chaotic orbital evolution and tidal efects can lead to the formation of unique triple
systems (Jacobson and Scheeres, 2011), which may reveal even more information about the formation
of multiple NEOs.
The frst identifed triple asteroid 2001 SN263 was discovered in 2001 and initially classifed as a binary
system. In 2008 the “Amor-type” object (approaching the Earth’s orbit without crossing it) was
observed by the planetary radar station of Arecibo, in Puerto Rico, which led to the discovery that 2001
SN263 was in fact a triple system (Nolan et al., 2008). This was the frst triple NEO known at that
time. In 2009, a second triple system, 1994 CC, was identifed (Brozović et al., 2011). Furthermore,
in 2017 the NEO 3122 Florence was identifed as the third triple system, when it had an Earth fyby
(see: NASA, JPL Center of Near Earth Object Studies (CNEOS): Radar reveals two moons orbiting
asteroid Florence, Sep 1, 2017).
The analysis of the observational data of 2001 SN263 (Becker et al., 2015; Becker et al., 2009) suggested
that the primary is approximately a spheroid with an equivalent diameter of about 2.6 km (2.8 ×
2.7 × 2.5 km) and smaller companions, about 700 m and 430 m in diameter orbiting at distances of
16.6 and 3.8 km, respectively. Here, we follow the nomenclature adopted by Fang and Margot (2012),
referring to the central (most massive) body as Alpha, to the second most massive body as Beta and
to the least massive body as Gamma.
Dynamical solutions for the two triple systems, 2001 SN263 and 1994 CC were presented by Fang
and Margot (2012). Using numerical integrations of the N-body problem and radar observations as
constraints, they derived the masses of the components, the J2 gravitational harmonic of the central
body, and orbital parameters of the satellites (Table 5.1).

The interest in the frst identifed triple system 2001 SN263 increased signifcantly when the
Brazilian Space Agency (AEB, Agência Espacial Brasileira) announced ASTER, a rendezvous mission
to explore this unique target (Sukhanov et al., 2010; Macau et al., 2011). Besides being Brazilian’s
frst deep space mission it will also be the worldwide frst mission to a triple asteroid system (Brum
et al., 2021).
Several Missions to NEA’s such as Hayabusa and Hayabusa 2 have be successfully completed in the last
years (Tsuda et al., 2013; Yano et al., 2006). The OSIRIS-Rex mission has successfully completed its
science operation in the vicinity of (101955) Bennu and is currently on its way back to earth (Lauretta
et al., 2017). New mission such Dart and Hera are currently developed or are already on the way to
their target and will be the frst rendezvous missions to a binary system (Cheng et al., 2018).
Hayabusa 1, Hayabusa 2 and Osiris-Rex consisted of remote sensing phase where the asteroids were
studied from diferent hovering and fy-by positions. After studying the asteroids remotely, the
spacecrafts left their safe hovering positions and approached the surfaces of their targets for short
touch-an-go landing. The spacecrafts collected samples of surface materials and returned or will return
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Table 5.1: Orbital elements and physical properties for the primary and secondaries for the 2001 SN263 system. Values
for the secondaries are given with respect to the primary asteroid Alpha. Mass, mean diameter, and density are taken
from Becker et al. (2015). Semi-major axis, eccentricity, inclination, argument of pericenter, longitude of ascending node,
and mean anomaly at epoch, are all referred to MJD 54509 in the equatorial J2000 frame. Given errors are 1-σ formal
errors. Following Fang and Margot (2012), we refer to the central (most massive) body as Alpha, to the second most
massive body as Beta and to the least massive body as Gamma (regardless of orbit position). Rotation periods are taken
from Becker et al. (2017). The J2 values for Beta and Gamma were derived from their shapes assuming a homogeneous
density distribution (see Section 5.3.2).

Alpha (primary) Gamma (inner) Beta (outer)
mass, 1010 kg 917.466 ± 2.235 9.773 ± 3.273 24.039 ± 7.531
mean diameter, km 2.5 ± 0.3 0.43 ± 0.12 0.77 ± 0.14
mean density, g/cm3 1.1 ± 0.2 2.3 ± 1.3 1.0 ± 0.4
J2 0.013 ± 0.008 0.003 0.007
pole orientation (ecliptic):

ecliptic latitude ´, deg 309 ± 15
ecliptic longitude ¼, deg −80 ± 15

pole orientation (ICRF/J2000):
right ascension ³, deg 281.97
declination ¶, deg -58.20

semi-major axis, km 3.804 ± 0.002 16.633 ± 0.163
inclination, deg 165.045 ± 12.409 157.486 ± 1.819
argument of pericenter, deg 292.435 ± 53.481 131.249 ± 21.918
longitude of asc. node, deg 198.689 ± 61.292 161.144 ± 13.055
mean anomaly, deg 248.816 ± 11.509 212.658 ± 10.691
orbital period, days 0.686 ± 0.00159 6.225 ± 0.0953
rotation period, hours 3.4256 ± 0.0002 16.4000 ± 0.0004 13.4300 ± 0.0001

these samples back to earth safely (Tsuda et al., 2013; Yano et al., 2006; Lauretta et al., 2017). In
contrast to these mission and due to the small size of the spacecraft and mission constraints, the
science phase of the ASTER mission will consist only of two diferent remote sensing phases. During
the frst phase, the spacecraft will be in a hovering position at 50 km from the primary body. The
second phase will consist of a terminator orbit phase with a very low demand for maneuvers. A touch
down or even are sample return is not foreseen and would exceed the mission requirements.
The motion of the Aster spacecraft will become complex near the small asteroids system 2001 SN263,
where the faint gravity forces are possibly exceeded by radiation pressure from the Sun. Additionally,
the secondary bodies cause a strong perturbation when the spacecraft gets closer to the system. How-
ever, families of orbit-like motion models exist (McInnes, 1997), including the well-known “terminator
orbits”, where particles move in circular or slightly elliptic paths, with the orbit normal vectors in line
with the Sun direction (Scheeres, 1999; Hussmann et al., 2012).The terminator orbits are members
among a family of stable motion patterns, the so-called “Quasi-Terminator Orbits” (Bookless and
McInnes, 2006; Giancotti et al., 2014). In 2013 Scheeres et al. (2013) showed that terminator orbits
about the asteroid (101955) Bennu are possible and Hesar et al. (2017) determined the robustness
against maneuver errors. Then, in 2019 Osiris-Rex entered a terminator orbit about a NEA for frst
time and proved that these orbits are not just theoretically feasible (Lauretta et al., 2017).
For the ASTER spacecraft, terminator orbits are an optimal solution to investigate the three bodies
remotely from a relatively short distance. Additionally, staying in the terminator orbits will require no
or very few maneuvers which reduces the demand for operations and propellant.
Several studies on orbits around the asteroid 2001 SN263 have been conducted in the last years. Prado
(2014) considered in his model perturbations due to the oblateness of the main body, Alpha, the
gravity feld of the two satellite bodies, the Sun, the Moon, the asteroids Vesta, Pallas and Ceres and
all the planets of the solar system, without taking the SRP (solar radiation pressure) into account.
Their results show that, when compared to elliptical and equatorial orbits, an internal orbit is the
best choice, especially when this orbit is circular and polar (less perturbed). Araujo et al. (2012,
2015) characterized stable regions around the components of this triple system. Through numerical
integration they found two stable regions near Alpha and Beta, respectively, and another region, much
beyond the satellites. In addition, retrograde orbits - even though not perfect for remote sensing -
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were found to be stable. Also without considering the SRP, in their works they point out orbits that
are approximately polar, circular and internal (region between Gamma and Beta) as favourable for
a mission of exploration inside the triple system. The stability of orbits in the 2001 SN263 system
has been investigated also using (semi-) analytical theories taking into account perturbations by solar
radiation pressure (Masago et al., 2016; Silva Neto et al., 2016; Cavalca et al., 2017). More recently,
Sanchez and Prado (2019) conducted a search for less-disturbed orbital regions to place a spacecraft
around the system considering gravity forces and solar radiation pressure. Although they have not
considered inclined orbits in this research (this subject is indicated for future studies), only planar ones,
their results, presented as perturbation maps, show how the SRP dramatically changes the stability
regions around the system. They also provide information on the consumption of propellant to keep a
spacecraft as close as possible to a Keplerian orbit in those identifed orbital regions. Obrecht et al.
(2020) used evolutionary algorithms to search for stable orbits in the vicinity of the triple system. The
authors solved a restricted four-body problem including the gravity attraction by Alpha, Beta and
Gamma as well as the solar radiation pressure. Where applicable, the results of their work could be
confrmed by our simulations, but a large range of additional solutions are presented in this paper.
In this study we search for stable orbits within the triple asteroid system 2001 SN263. In particular
we investigate the possibility of moving in terminator orbits which are stable over a period of at least
one month. The study focuses particularly on the mission ASTER and takes the requirements and
constraints of the mission into account (Macau et al., 2011; Perna et al., 2014).
The paper is organized in 5 sections. In Section 5.2 we give details on the Aster mission, the triple
asteroid system and terminator orbits. Section 5.3 summarizes the methods which were used to
determine stable areas. In Section 5.4 we show the results, including stable areas with exemplary orbits
and in the last Section 5.5 the implications of the derived results are discussed.
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5.2 The ASTER Mission

The Brazilian space agency plans to launch a small spacecraft called "ASTER" to investigate the
triple Asteroid 2001-SN263. The spacecraft will arrive at the asteroid in December 2024 (backup
date: September 2027) and start its frst science operation phase (Brum et al., 2021). During this frst
phase the Asteroid is observed from a larger distance at 50 km from Alpha. At the end of this phase,
the spacecraft performs maneuvers to get into the system and is positioned on a stable orbit within
the system, i.e. between the main and the outer body. During this second phase, maneuvers of the
spacecraft shall be avoided. This requirement in combinations with the science requirements makes
terminator orbits an optimal choice for this second phase.
To move safely within the system, it is critical for the spacecraft to identify and characterize regions of
stability and instability (i.e., where collision or escape are imminent). Furthermore, observational and
operational strategies to explore all three asteroids critically depend on availability of stable spacecraft
orbits (i.e., orbits that do not requiring expensive correction maneuvers).
Besides the technological motivations, the main scientifc goal is the unprecedented on-site characteriza-
tion of this very interesting triple Asteroid. Inside the selected exploration window, a main exploration
campaign is being planned to focus the investigations on the biggest asteroid (Alpha). In terms of
scientifc goals, the investigation will shed light on the formation of this triple system, and each of its
main three asteroids will be separately investigated as to dynamic and orbital properties, shape, size,
volume, mass distribution, mineral composition, surface topography and texture, gravitational feld
and rotation speed. The nominal science phase of the ASTER mission is planed to last for 4 month.
Based on current design studies, the spacecraft will have a total launch mass of 150 kg (Goretov et al.,
2018). The main body is a cube with side lengths of 0.5 m each and a total solar cell area of 20m2.
The spacecraft model, which was used in the simulations is illustrated in Figure 5.1

5.2.1 The ASTER Laser Rangefnder

In 2011 a laser altimeter was selected to be part of the primary payload (Brum et al., 2011). The
instrument was named ALR (ASTER Laser Rangefnder). The altimeter data to be collected by the
ALR will be used to determine the morphology of the asteroids (sizes and shapes), essential for precise
determination of their masses and densities. The instrument will acquire data for the characterization
of the topographic features on the surfaces (craters, boulders, etc.). The topographic profles to be
constructed will be used in the production of digital elevation models of the surfaces with resolutions
of about 10 m horizontal, and 10 m (altitude D < 50 km) to 1 m (D f 10 km) vertical, in illuminated
and non-illuminated regions. A minimum of 50% coverage of the surface of the main body Alpha, is
required for the main exploration campaign, when all attention is going to be focused on this asteroid.
The instrument will also support the fne determination of the orbits and the modelling of gravitational
parameters. As additional capacities, the instrument is planned to be also applicable in the navigation,
supporting spacecraft maneuvers in the proximity phase, and in the calibration of other instruments
(imaging camera and infrared spectrometer). A review of the ALR design can be found in Brum and
Cruz (2017) containing a more elaborated description of the instrument confguration and the values of
key parameters of its operation. To verify the performance in realistic scenarios the simulator software
ALR_Sim for the environment and operation of the instrument was developed (Brum et al., 2015b,a).
After a more complete characterization of all three bodies in the system was published (Becker et al.,
2015), the planning of the mission was further enhanced (Winter et al., 2020; Brum et al., 2021).
Modelling of the test trajectories, the joint dynamics and the operation of the instrument was made
and integrated in simulator software ALR_Sim_Tracks specially created for this purpose.

5.2.2 Equatorial and polar coverage

A study on possible encounter trajectories for the frst part of the science phase has been carried out by
Brum et al. (2021). A favourable encounter trajectory at 50 km from the primary body was identifed
and characterized, together with predictions of the results (coverage) attainable by the ALR along
this trajectory. The mentioned predictions show that a minimum of 58% coverage of the surface of
Alpha can be achieved with superior quality (better than the minimum expected, in terms of vertical
(less than 2 m) and horizontal (about 10 m) resolution, which are controllable through the insertion
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of a very small inclination in the encounter trajectory of the spacecraft, and through optimization of
the laser pulse frequency). Although satisfactory, according to the science goals of the mission, the
achieved results also indicate that the attainable coverage will focus mostly on central areas of Alpha
(around its equator), leaving the regions around both poles unexplored. Additionally, simulations also
show the unavailability of obtaining altimetry data of the poles from diferent positions inside any
encounter trajectory in the scenario of this mission.

To ensure the coverage of the areas around the poles, a second complementary exploration campaign
is discussed and proposed in this paper. Once the altimetry data of the poles in this second part of the
main campaign is attained and added to the data acquired in the frst part (central region), a global
model of the asteroid surface could be built with improved quality. This will fulfl the main goal of the
ALR with respect to asteroid Alpha in the main campaign.

This paper describes the search conducted to identify internal orbits in the system that would
favour the exploration of the poles (from the laser altimeter point of view) and that could accommodate
the permanence of a spacecraft with minimum use of station keeping for a short period of time, of at
least 1 month.
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5.3 Methods

5.3.1 Numerical integration

The spacecraft trajectories around the triple asteroid are calculated with a numerical integrator, which
solves the equation of motion. Taking into account the relevant forces that are acting on the spacecraft
we solve the following general equation (Montenbruck and Gill, 2000):

¨⃗r = −
GMα

r3
r⃗ + ¨⃗rht,α −

GMβ

r3

β

r⃗β −
GMγ

r3
γ

r⃗γ +
X

sb

¨⃗rsb + ¨⃗rsrp (5.1)

with GMα = 6.12327 × 10−7km3/s2 being the standard gravitational parameter of the primary
body and r⃗ and ¨⃗r being the spacecraft’s position and acceleration, respectively. The reference frame is
centered at the center of mass of the primary body.

The main acceleration acting on the spacecraft is caused by the primary body of the asteroid system.
The frst term of the equation includes the GM -value of the primary body, GMα as a point mass.
The second term of equation 5.1, ¨⃗rht,α, includes the higher order Stokes coefcients of the primary’s
gravity feld. The secondary and tertiary body are represented by the third and forth term of the
equation. Both are included as point masses with their corresponding GM values, GMα and GMβ .
Additionally the large Solar System bodies, such as Sun and Jupiter are also include as perturbing
forces in ¨⃗rsb. The last term takes into account the solar radiation pressure acting on the spacecraft.
This acceleration is extremely important in the low-gravity environment of small asteroids.

The acceleration ¨⃗rsb caused by solar radiation pressure for a plane surface refecting one fraction
and absorbing the other fraction of the incoming light is given by (Montenbruck and Gill, 2000):

¨⃗rsb = −¿Pref

�

1AU
dsun

�

S

msat

cos¹[(1 − ϵ)e⃗sun + 2ϵcos(¹)n⃗] (5.2)

where ¿ is the shadow function (¿ = 0: umbra, ¿ = 1: sunlight, 0 < ¿ < 1: penumbra).
Pref = 4.56 ∗ 10−6Nm2 is the solar radiation pressure at 1 AU, dsun the distance from the surface to
the sun, S the surface area, msat the space probe’s mass, ¹ the illumination angle, ϵ the refectivity of
the surface, e⃗sun sun the direction to the sun, and n⃗ the surface normal. ¿ = 1 −A/(Ãa2) has to be
calculated for the given spacecraft position and constellation of celestial bodies considered. A is the
occulted segment of the sun and a the apparent diameter of the sun. The constellation of bodies is
calculated using SPICE routines at the given epoch. The solar radiation pressure, which has to be
computed for every time-step depends on the absolute distance to the sun and on the mass-to-area
ratio of the spacecraft.
In our simulation the so called box-wing model for S/C geometry was used. It is composed of a cubic
shaped with 6 surface areas and two solar panel areas which are orientated perpendicular towards
the solar radiation. The bottom surface of the spacecraft’s main body cube is always nadir pointing.
The spacecraft model is shown in Figure 5.1 . Based on the information provided spacecraft reference
design document Goretov et al. (2018) the surface areas are defned as:

• 6x 0.25 m2 (with a refectivity value of 0.8)

• 2x 10 m2 (with a refectivity value of 0.058 or 0.21)

For the simulation two spacecraft scenarios were defned. In the frst scenario a S/C with a mass of
150 kg, i.e. with full tank and low refectivity of 0.058 for the solar radiation pressure was used (heavy
S/C). In this scenario the solar radiation pressure has a lower efect as in the the second scenario,
where the Xenon tank are empty and and the total mass is reduced to 80 kg (light S/C). Additionally
we assumed a solar panel with less efciency and a higher refectivity of 0.21, leading to a higher force
caused by SRP.

In summary, the following accelerations were used as force or perturbing force in our model:

• GM of the primary body of the Asteroid (Alpha)

• higher terms of the gravity feld of the primary body up to degree and order 20
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Figure 5.1: Illustration of the sun oriented co-rotating reference frame and the spacecraft model used in the simulation.
The spacecraft is positioned on a displaced terminator orbit in anti-sun or x direction. The spacecraft model consist of a
solar panel area of 20 m2 which is always oriented towards the sun. The bottom side of the spacecraft main body is
always nadir pointing. The x-axis of the reference frame is always parallel to the incoming solar radiation and the z-axis
perpendicular to the heliocentric orbital plane of 2001SN263.

• GM ’s of the secondary and tertiary body (Beta and Gamma)

• GM ’s of solar system bodies (Sun, Mercury, Venus, Earth+Moon Barycenter, Mars, Jupiter,
Saturn)

• Solar radiation pressure (one heavy S/C scenario and one light S/C scenario)

All modeled accelerations acting on the S/C in an 8 km reference orbit are shown in Figure 5.2. It
shows that the higher terms of the primaries gravity feld as well as the planets of the solar system
have only a very small efect and can be neglected. The same applies on accelerations caused by Beta’s
and Gamma’s higher terms gravity feld.

Figure 5.2: Accelerations acting on the S/C in the reference orbit (at 8 km initial distance from primary, heavy s/c, see
5.3.1)

It is well know that the stability of spacecraft orbits in the environment of low-gravity NEO’s
depend on the direction of the incoming solar radiation pressure Scheeres (1999). Stable orbits are
found when their orbital plane is chosen to be perpendicular to the incoming radiation. However, to
assess the gravitational efects of the secondaries we ran a full scan over the three orbital elements
which defne mainly the position of the orbital plane relative to the primary body. The following
orbital elements were varied:

• a: semi-major axis, range: [2 km - 15 km]

• i: inclination , range [0◦ - 90◦]

• Ω: longitude of ascending node, range [0◦ - 180◦]
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(a)

(b) (c)

Figure 5.3: Gravitational acceleration calculated on a sphere circumscribing each asteroid. This feld is approximated
with spherical harmonics and expanded to further distances.

5.3.2 Shape and gravity felds

The gravitational feld of all three bodies of 2001SN263 was modeled in two steps. First, a polyhedral
approach was used to integrate the gravitational acceleration contributed by the mass distribution
inside the object. Afterwards a volume discretization from Cheng et al. (2012) was used to integrate
over volume elements where each polyhedron is defned by a triangular facets of the shape model, and
the center of the shape. This integration is equivalent to the classical approach of Werner and Scheeres
(1996) for shapes with more than 10 000 facets, but faster to compute. We considered each object to be
homogeneous, with the density of each volume element being equal to the bulk density of the asteroid
(i.e. Äα = 1100 kg/m3, Äβ = 1000 kg/m3, Äγ = 2300 kg/m3). Although fast, this method requires an
integration over each facet for every calculation, and is not suited for long term orbital calculation.
We run this analysis once to get a reference gravitational feld, calculated on the circumscribing sphere
for each object.

In a second step, this reference feld was replaced with a spherical harmonics approximation. This
is done with the python library SHTOOLS Wieczorek and Meschede (2018) which provides a well
tested implementation of this conversion. In short, the gravitational feld calculated in the frst step
from the irregularly sampled shape is expanded into spherical harmonics using a least-squares inversion
(function: pyshtools.expand.SHExpandLSQ).

As a test, the gravitational acceleration on the reference interface was recalculated from this
spherical harmonics expansion and compared it to the polyhedral model from step 1. It showed that
using a maximum degree/order of 20 is sufcient for an accurate description of the gravitation feld.
The mean residual diference between the spherical harmonics approximation of the gravitational
acceleration and the value determined by the polyhedral integration is equal to 0.002 %, with a
standard deviation of 0.48 %. When applying the same approach to the gravitational potential, the
spherical coefcient C20 gives us the oblateness factor J2. We fnd J2,α = 0.015, which is within the
range proposed by Becker et al. (2015). Using the same approach J2,β = 0.007 and J2,γ = 0.003 were
determined. With the resulting gravity feld coefcients, we are able to determine the acceleration
caused by this feld. The results are summarized in Figure 5.3
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5.3.3 Track simulation of the ASTER Laser Ranger

The study aims to identify orbits sufciently stable for a period of approximately 1 month to allow
optimal laser operation from an almost constant distance with the possibility to cover at least 50%
of the surface of the asteroid and to scan to pole areas with a laser altimeter. The expected results
for the research campaign, in terms covered area with laser altimetry shots, footprints sizes and
spacing between successive footprints are provided. The analysis consists of two main steps. The
frst step involves the search for stable orbits which allow laser ranging from an almost constant
distance. This can be satisfed with a terminator orbit. For the second step a simulator software, called
ALR_Sim_Tracks was developed Brum et al. (2021). This software allows a deeper understanding of
the details of the instrument operation and facilitating the defnition of parameters during the design
phase. The simulation procedure carried out with use of this tool is described in the following.

i) Trajectories and orbits: for the simulations, spacecraft and asteroid orbits were generated for the
period from 12h of 07/Feb/2025 to 12h of 07/March/2025 (Ephemeris Time - ET, 60 sec spaced data),
in the Sun centred ecliptic J2000 frame.
The position and velocity vectors of asteroid Alpha are given by R⃗ast(t) = (Xast, Yast, Zast), and
V⃗ast(t) = (V Xast, V Yast, V Zast). The position and velocity vectors of the ASTER spacecraft when it
follows the reference orbit are denoted by R⃗sc(t) = (Xsc, Ysc, Zsc), and V⃗sc(t) = (V Xsc, V Ysc, V Zsc).
The program will accept any trajectory as input data. In this scenario, the 8 km reference orbit (see
Figure 5.8) was given as input data.

ii) Modelling of asteroid Alpha’s physical and dynamic features (Becker et al., 2015): 2001SN263
Alpha is modelled as a ellipsoid with the following main axes: (dx, dy, dz) = (2.5, 2.4, 2.1) km). Its
rotation period is set to 3.4 hours and the pole direction (ecliptic longitude and latitude): (¼, ´) =
(309,−80) ± 15 deg (see also Table 5.1.)

iii) Laser altimeter simulation: When the spacecraft is in a terminator orbit around asteroid Alpha,
the nadir pointing condition is used as reference case, i.e. the instrument line of sight points towards
the body’s center of mass. For each emitted laser pulse (modelled as a line pointing from the spacecraft
in the direction of the asteroid’s center of mass) the intersection with the asteroid’s surface is calculated.
The determined intersection point is identifed and the footprint size is calculated. The list of all
footprints is stored for later analysis.
The following instrument parameters were assumed:
- Divergence angle (¹div): this parameter directly afects the footprint size. The planned size of the
footprint is 5 to 10 m (radius), at 10 km. To have such footprints, values from 500 µrad to 650 µrad
(half cone) are considered for this angle.
- Pulse repetition frequency (PRF): this parameter directly afects the spacing between successive
footprints in a surface scan, named along-track distance (ATD), consequently afecting the quality of
the surface mapping in terms of horizontal resolution.
From the ALR preliminary design, the reference PRF value is 1 Hz and, associated to this operation
rate, the data generation rate is 12 bytes/sec (Brum et al., 2011; Brum and Cruz, 2017). However,
previous results of this research pointed to the possibility of using smaller PRF values (e.g. 1/20 Hz)
as sufcient to get the desired coverage. Nevertheless, 1 Hz was chosen as PRF in the simulation. The
LIDAR instrument on board mission Hayabusa-2 mission also had a maximum PRF of 1 Hz (Mizuno
et al., 2017) and can was considered as reference case.

With these inputs, the scanning of the asteroid surface by the laser altimeter is simulated for
the complete time frame. The list of all points of intersection, called footprint centres, is generated.
From the analysis of this list and associated data the results of the simulated exploration campaign
are extracted. Each footprint has its position, distance, minimum radius and minimum covered area
calculated. The analysis of the distribution of points and covered areas over the target surface allows
to predict the type of coverage (qualitative and quantitative) that will be obtained for the inputs used.
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5.4 Results

Our analytical evaluation and our numerical calculation show that stable orbits can be found in the
vicinity of the triple asteroid. Especially at distance between 6 to 10 km from the primary, large
stable areas have been identifed. With a semi-major axis of approximately 8 km +-2 km, the optimal
solution are between the orbits of the the secondary and the tertiary body. These orbits could be of
high scientifc interest for studying this complex 3-body asteroid.

5.4.1 Analytical predictions

Due to the numerous perturbing forces acting on the S/C numeric integration is necessary for orbit
simulation. But analytical predictions can help limiting the regions where stable or even frozen orbits
may occur.
Perfectly circular terminator orbits occur only in a very reduced model: the two-body problem plus a
constant pressure force originating form a unmoving sun. An orbit with constant distance r to the
asteroid must have an orbital plane displaced behind the asteroid (see Figure 5.1). The displacement x
in anti-sun direction is given by Bookless and McInnes (2006):

x =
asrp

GM
r3 . (5.3)

With asrp denoting the acceleration caused by the pressure force and GM central force of asteroid mass
M . If distance r is big the orbit becomes unbound. Linear stability can be inspected by introducing
small initial perturbations x+ ¶x and r + ¶r to the orbit solution Bookless and McInnes (2006). As
result we get a limit on the distance r of a stable circular terminator orbit:

r <

s

GM

3asrp

(5.4)

This is a easy to use criteria for terminator orbit size, but only valid for time intervals where the
asteroids movement about the sun can be neglected.
To study longtime efects The Augmented Hill Three-Body Problem introduces the eccentric orbit of
the asteroid around the sun. Orbit approximations found by averaging the efects of solar radiation
pressure over one orbit of the S/C, were always stable and periodic Scheeres (1999). Also the S/C
orbit liberates around a sun-synchronous state, e.g. a terminator orbit will rotate the orbit normal to
follow the sun. The eccentricity changes periodically with the same period T as the liberation of the
orbit plane.
Unstable orbits will only occur if the eccentricity is too high and the S/C is to close to the surface or the
averaging method is not applicable. Small orbits become more eccentric and we get a lower bound for
orbit size. The eccentricity of a frozen terminator orbit (no liberation) described in Scheeres (1999) was
used to fnd the lower bound in Figure 5.4 to avoid hard landing. Large S/C orbits have a higher period
P for one revolution over which we averaged. Is P g T the method is invalid. Sun-synchronous orbits
of this size are necessarily unstable and were blown away by SRP in numeric simulations. Through
numeric experiments we are sufciently confdent in the averaging method as long as:

4.1 × P < T (5.5)

In Figure 5.4 this criteria in used to give a maximum semi-mayor axis for stable sun-synchronous
orbits.

5.4.2 Frozen terminator orbits

For carefully chosen initial states the orbit does not liberates around a sun-synchronous state. In the
co-rotating frame of the asteroid this orbit is ’frozen’. Due to interactions with the asteroids shadow
we do not consider the frozen orbits with i = 0◦. Again, by averaging the efects of solar radiation
pressure over one orbit of the S/C, the works of Scheeres (1999) give us the constant orbital elements
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of a frozen orbit:

i = Ω = ±90◦

É = ∓90◦

e = cosÈ (5.6)

With the constant È defned by the relation of asteroid gravity, centripetal force and SRP:

tanÈ :=
3asrp

2¿′

hel

r

a

GM
(5.7)

If SRP is weak, then È → 0 and if SRP is strong relative to gravitational forces, then È → 90◦. È is
constant because solar distance is canceled out from asrp/¿

′

hel in Eq. (5.7).
It is important to remember that the solutions for a, e, i, É and Ω in Eq. (5.6) are averages over
one orbit and are referring to the co-rotating frame. Frozen and other terminator orbits still have a
displacement x in anti-sun direction, positioning the orbital plane behind the small body. Even if the
average inclination i is frozen at 90◦ the actual inclination must difer to account for the displacement
x. For a frozen terminator orbit the optimal initial ofset is Takahashi and Scheeres (2020):

x0 =
asrp

GM
a3 (1 − e)(1 +

e

4
) if ¿0 = 0 (5.8)

This ofset is consistent with the result Eq. (5.3) in the static 2-body problem. x0 has the factor
asrp and therefore is anti-proportional to the square of the changing solar distance. Our numerical
simulations, in Figure 5.5, show that the displacement x will adapt to this changes consistent with Eq.
(5.8), keeping the other elements frozen.
In an algorithm in Takahashi and Scheeres (2020) the frozen eccentricity was improved by using an
’efective’ semi-major axis a′ = a(1 + a4a2

srp/GM
2)3/2 to calculate frozen eccentricity e using Eq. (5.6,

5.7). The ’efective’ semi-major axis is defned to be consistent with the velocity ṙ of the displaced
orbit.
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Figure 5.5: Numeric simulation for light s/c (80 kg, refelctivity = 0.21), see also 5.3.1. Frame is co-rotating with
Sun-asteroid line x, z orientated along the asteroid’s orbit normal and y orthogonal to x and z. Initial state: i = 90◦,
Ω = 90◦, ω = −90◦ and anomaly ν = 0◦. Over the 30 days of integration solar distance rises from 1.27AU to 1.44AU .
Left: Frozen eccentricity e = 0.0325 chosen according to Eq. 5.6. Middle: Augmented frozen eccentricity e = 0.0323
and shift of orbit in anti-sun direction x0 chosen according to Takahashi and Scheeres (2020) algorithm 2. Right: all
perturbations are included in simulation, in particular moonlet gravity. Elements e = 0.091 and Ω0 = 90.6◦ adapted to
compensate for moonlet gravity.

Perturbing efects from the J2 and J3 term of the asteroid gravity on the frozen state (Figure 5.5)
were too small in the simulation to be noticeable. Therefore we did not apply the corrections to
the inclination and eccentricity to compensate for the J2 and J3 term proposed in Takahashi and
Scheeres (2020). But eccentricity and ascending node Ω were mortifed in the simulation in Figure 5.5
to compensate for moonlet gravity. Frozen terminator orbits are strictly periodic therefore particularly
robust to initial state and dynamics perturbations in the numerical experiments of Broschart et al.
(2010).

5.4.3 Orbital stability

The orbit stability is defned as (distmax - distmin) / distinit to the primary body, i.e. maximal distance
over one month - mininal distance over one month divided by the initial distance. This criteria is
comparable to the keplerian eccentricity, i.e. if the eccentricity stays below a certain value, the orbit
would also be considered as stable. However in the vicinity of the such a triple asteroid where the
secondary and tertiary bodies play an important role and the solar radiation pressure is one of the
strongest forces acting on the space, a nominal eccentricity is hard to determine. Thus, we used and
absolute distance criteria. Additionally, minimizing the eccentricity and consequently the absolute
distance variation, will give better results for the laser altimeter. In Figures 5.6 and 5.7 a hypothetical
value of 0 would lead to a spacecraft orbiting the primary body in a perfect circle. Of course, this is
an unrealistic scenario and is not obsevered in our simulation, but in the best cases we obtain a value
of less than 0.2. In this case, at an exemplary initial distance of 8 km, the spacecraft would mainly
stay at this distance and have a variation better than ± 0.8 km in total. In other words, in this case
the orbital distance would vary between 7.2 km and 8.8 km.

The numerical simulations suggest the existence of optimal stable regions in distances of about 6 to
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Figure 5.6: Stability results for initial distances between 2 km to 14 km from the primary body. Left: heavy s/c (150 kg,
refectivity = 0.058 ), Right: light s/c (80 kg, refectivity = 0.21), see also 5.3.1. Each point of the Figure represents
an orbit which is stable over 30 days. Reference Frame: ICRF/J2000. The stability is defned by maximal distance to
primary over 30 days minus minimal distance divided by initial distance. A detailed overview of the planes at semi-major
axis = 6, 8 and 10 is found in Figure 5.7

10 km from the primary body. In Figure 5.6 the results of the simulations are shown. In these areas,
the spacecraft may stay in a stable orbit for at least one month with no or very little need of additional
station keeping maneuvers. Our simulation show that both cases with strong (light spacecraft) and
low (heavy spacecraft, see Section 5.3.1) accelerations caused by solar radiation pressure will allow
fnding stable regions but located diferently in the three dimensional space (inclination, longitude of
ascending node and semi-major axis). In both cases an initial distance of 8 km to the primary will
allow getting in to a stable orbit.

5.4.4 Results of the laser tracks simulator software

The predicted exploration results for the second part of the main campaign and the implication on the
laser ranging are presented in this subsection. This second part, consisting of the terminator orbit
phase, is used to simulate the laser altimeter tracks and simulate its coverage. For this purpose, the
reference terminator orbit at 8 km distance from the primary was used (see Figure 5.8). The following
setting were applied for the simulation:

- Epoch: 07/Feb/2025 to 07/March/2025 (60 sec spaced data).
- Instrument: divergence angle (¹div; half cone) = 650 µrad; PRF = 1 Hz.
- Spacecraft: nadir pointing (instrument points to Alpha’s center of mass).
Figure 5.8 shows the ASTER spacecraft in its reference orbit within in the triple Asteroid system

at 8 km diference from the primary body during the exploration period considered in this simulation.
It shows that the s/c completes only 13 orbits around the main body during this period. For a fxed
period of investigation, this reduced number cannot be raised because it depends only on the chosen
reference orbit. In this case, the coverage attainable depends on the chosen distance and on the
asteroid dynamics. To improve the coverage from the 13 orbits depicted in Figure 5.8, the quality
of the altimetry data to be collected by the laser altimeter must be raised. To do that, a high PRF
is indicated. In this case, 1 HZ means an ATD (Along Track Distance) smaller than 1 m (0.1 - 0.7
m) for footprint diameters of about 8.9 m. The coverage of the surface is simulated by splitting the
surface area in 180x360 deg2 elements. Afterwards each surface element is evaluated and the number of
laser shots within this element is counted. The coverage of the surface of Alpha attained in the whole
complementary exploration campaign is represented in Figure 5.10 in terms of a fat latitude-longitude
map with the number of altimeter measurements per area. This Figure shows a remaining uncovered
cap around the south pole. In this simulated case, the central values assumed for the spin axis of
Alpha (ecliptic longitude and latitude) are (¼, ´)=(309, -80) (see Table 5.1). In fact, because of the
large uncertainty in the current knowledge about the direction of the spin axis (±15 deg (Becker et al.,
2015)), one cannot guarantee a perfect coverage of both poles. However, inside this uncertainty margin,
it is possible to achieve a better situation regarding the complete coverage of the poles. Nevertheless,
unless the mentioned uncertainty is reduced, there is no guarantee that the desired coverage will
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Figure 5.7: Detailed stability results for initial distances at 6, 8 and 10 km. See also Figure 5.6. Left: heavy s/c (150 kg,
refectivity = 0.058 ), Right: light s/c (80 kg, refectivity = 0.21), see also 5.3.1. Each point of the Figure represents an
orbit which is stable over 30 days. Reference Frame: ICRF/J2000, reference plane: earth mean equator. The stability is
defned by maximal distance to primary over 30 days minus minimal distance divided by initial distance. Middle: Three
exemplary orbits for 6, 8 and 10 km initial distance. Frame is co-rotating with Sun-asteroid line x, z orientated along
the asteroid’s orbit normal and y orthogonal to x and z. The orange arrow represents the incoming radiation. Each
orbit is referenced to the corresponding points in the color coded map. Each three dimensional orbit and the primary
body are projected to the xy- and yz-plane for a better visualisation. The orbits of the secondary bodies are not shown,
although they were included in the simulations. A detailed view of the 8 km orbit including the orbits of the secondaries
is shown in Figure 5.8
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Figure 5.8: Two diferent perspectives of the ASTER spacecraft in its reference orbit within in the triple Asteroid system
at 8 km diference from the primary body (black line). The time frame is 1 month. This orbit is identical to the 8km
orbit shown in Figure 5.7. Orbits of the secondary bodies (red and orange) and their starting position at epoch 07/Feb
12:00 are also shown. Body size and orbtial radii are in correct scale. For a better visualisation, the orbits are also
projected to the xy-plane. Reference Frame: Heliocentric Ecliptic J2000 frame.

Figure 5.9: ATD for the simulated reference T.O. when PRF=1 Hz and θ
div

=650 µrad. The calculated footprint
diameter in this case measures 9.0±1.5 m. ATD values directly infuence the horizontal resolution.
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Figure 5.10: The coverage attained is presented through a fat latitude-longitude map of the density of altimetry
measurements per area of 1x1 degrees on the surface of asteroid Alpha. Parameters are: PRF=1Hz, θ

div
=650 µrad.

actually occur. Because of this fact, the availability of an “of-nadir” attitude mode is recommended
for this mission.
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5.5 Discussion and conclusions

In this paper we have confrmed that stable terminator orbits exist about Asteroid 2001 SN263.
In application to the ASTER mission we found several optimal terminator orbits which fulfll the
requirements in terms of coverage and stability. Additionally, we showed that the gravity felds of Beta
and Gamma have only a negligible efect on stability while the higher terms of the primary body’s
gravity feld play an important role.
The simulation focuses on operations in Feb 2025 as specifed in the mission concept document but
can also be applied on the backup date in September 2027 or any other date, when the asteroid is at a
similiar distance to the sun. Due to the high eccentricity of the Alpha’s heliocentric orbit, the solar
radiation pressure will vary signifcantly over time. Consequently, if the arrival occurs near aphelion,
the solar radiation pressure will be less than in the current scenario and the overall stability will be
diferent.
Nevertheless, the orbits give good results for the current mission scenario. The small eccentricity of
the stable orbits allow the generation of homogeneous remote sensing data set. Especially the laser
altimeter will beneft from the almost constant altitudes. Additionally, the orbits are located in a sweet
spot between the primary, secondaries and the solar radiation pressure and allow a precise gravity
determination as no station keeping maneuvers will be required.
For carefully chosen initial states, in particular an initial eccentricity, frozen orbits exist in the model
composed of sun, primary asteroid, S/C and Solar Radiation Pressure. This model does not account
for the secondaries efect on s/c orbit. By analytical means we found initial conditions for frozen orbits.
Numerical integration of frozen orbits are presented in section 5.4.2 and examples are visualized in
Figure 5.5.
Terminator orbits at distances between 6 and 10 km were identifed as suitable to conduct the second
part of the ASTER science campaign. This orbit, named here simply as ‘8 km reference terminator
orbit’, is nearly circular and stays perpendicular to the incoming solar radiation at an average distance
from Alpha’s center of mass of about 8 km (presented in Figure 5.8).
The results also showed that a terminator orbit at a distance of approximately 2 km from the primary
body Alpha (< 1km from the surface) is possible (see Figure 5.7). However, this orbital region was not
analyzed in detail as it would require a precise navigation through unstable areas were the efects of
Gamma could cause critical instabilities. Additionally the specifed stability zones between 6 and 10
km are an optimal choice to fulfl the science and laser requirements.
With the selected reference orbit at 8 km, laser ranging simulation could be performed. The results
were used to analyze the exploration with the laser altimeter ALR under the described circumstances.
In the case of a nadir pointing spacecraft, results point to a good coverage of low and high body
latitude regions, with smaller concentration of measurement spots per area in central regions (white
spots in Figure 5.10) and an increased one on the poles. However, depending on the primary’s spin axis
orientation (the uncertainty on this parameter is ±15 deg), a small cap of uncovered area will probably
remain over both, or at least one pole (the south one, in this simulation conditions). Because of that,
to guarantee complete coverage of both poles, an important requirement for the attitude system of the
s/c is the need to include an of-axis operation mode capability. This search has also pointed out that
Terminator Orbits (Hussmann et al., 2012) are the most promising orbits for the achievement of the
desired additional coverage of the poles of asteroid Alpha. Additionally, an observation of the primary
and secondaries from a comparably close distance will also be possible.
This fact, combined with the very frst investigation of a triple asteroid mission will allow collection
of completely new scientifc data and shed light on the evolution of asteroids. This complementary
exploration campaign of about 1-month with use of a terminator orbit and focused on the poles of
asteroid Alpha is suggested to follow the frst part of the main campaign which will use an encounter
trajectory and focus on the central regions of Alpha.
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Abstract

While standalone missions to the Trojan Asteroids of Mars are costly, we analyze fyby scenarios of
Mars Trojans, which can be achieved in combination with missions to Mars. We fnd several trajectory
options within the time window 2025-2050, which allow fybys at seven of the known Trojan asteroids
located at L5 (trailing by approximately 60 degrees behind Mars) with a low demand for additional
delta-v of 0.02 to 1 km/s compared to a nominal Mars mission. On the other hand, the minimal
cruise duration from Earth to the Trojan and from the Trojan to Mars adds up to at least 2 years
as more than one revolution about the sun is required for the spacecraft. For the unique L4 Trojan
no practical trajectory solution was found. All Trojans have a signifcant inclination of more than 10
degrees relative to the orbital plane of Mars, which implies high fyby velocities (v = 6 - 13 km/s) for
spacecraft approaching from within this plane.
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6.1 Introduction

In the context of ESA’s Cosmic Vision program, we proposed DePhine – the Deimos and Phobos
Interior Explorer – for a rendezvous with the Martian satellite system. DePhine , proposed to be
launched in 2030, would explore the origin and evolution of the two Martian Satellites (Oberst et al.,
2018a) During the development, the idea of a mission to the Trojan Asteroids of Mars in combination
with a mission to the Martian Moons arose.
In recent decades, several successful missions have been conducted to investigate small asteroids with
diameters of only a few kilometers. Notable examples include the Hayabusa missions and Osiris-Rex
(Lauretta et al., 2017; Tsuda et al., 2013; Yano et al., 2006). Currently, only one mission, Lucy, is en
route to study Jovian Trojans. It is expected to arrive at the frst Trojan in 2027, making it the frst
mission to explore Trojan asteroids in the solar system (Khan et al., 2023). Consequently, studies
of the Martian Trojans and comparing them with the Moons of Mars is a completely new scientifc
frontier and would be of signifcant scientifc interest.
Unfortunately, the high inclinations (IAU, 2022a) of the Martian Trojans make rendezvous missions
very challenging and costly. As an alternative we looked for possible fyby scenarios at Martian Trojans
on the way to Mars. The objective was to fnd trajectories, which connected Earth, Martian Trojans
and Mars at a very low demand for delta velocities (delta-v) and consequently a low demand for
propellant, or even no demand for additional propellant in the best case.
The paper is organized as follows: In Section 6.2 we give a short overview of the Martian Trojans and
their properties. In section 6.3 we present the methods that were used to fnd the best trajectories and
in section 6.4 we summarize the results. The conclusions and discussion are presented Section 6.5.
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6.2 Mars Trojans

Trojan asteroids are commonly associated with outer solar system planets, but only a small population,
if any, have been discovered for terrestrial planets of the Inner Solar System (Dotto et al., 2008; Hui
et al., 2021). Trojans librate around the so-called Lagrangian points L4 and L5, leading (L4) or trailing
(L5) a planet by 60deg, respectively (Robutel and Souchay, 2010) (see Figure 6.1).

Figure 6.1: The orbital paths of the three Martian Trojan asteroids,
"5261 Eureka", "1998 VF31", and "2007 NS2" are illustrated in a 3D
view of the trailing quadrant. The paths are shown in a Sun-Mars
co-rotating reference frame, spanning a period of one Martian year.

The frst Martian Trojan (5261) Eureka
was discovered in 1990 librating about L5
(Bowell et al., 1990; Mikkola et al., 1994).
In 2005 four Martian Trojans were ofcially
confrmed; Scholl et al. (2005) demonstrated
that the population is stable, with estimated
orbital lifetime on the order of the age of
the Solar System.
By the end of 2022 nine Martian Trojans
have been confrmed, eight of them located
at L5 and one at L4 (Christou et al., 2017;
IAU, 2022a). Seven of the eight L5 Tro-
jans are considered to belong to a genetic
family, most likely originating from (5261)
Eureka (Ćuk et al., 2015), with its diameter
of 1.79 km being the largest. Compositional
data show that (5261) Eureka belongs to an
olivine-dominated, A-type taxonomic class
of asteroids. Consequently, Polishook et al.
(2017) suggested that the parent body of the Eureka cluster originated from Mars and was ejected
from the planet due to a large impact. This raised speculations that the Trojans represent samples
from Mars. (5261) Eureka itself has a small yet unnamed companion S/2011 (5261) (Johnston, 2019;
Koehn et al., 2014), which makes Eureka a particularly attractive exploration target.
All Trojans have only small eccentricities, but high inclinations relative to the ecliptic (Table 6.1),
posing a challenge to resource management of spacecraft missions. Due to these high inclinations,
Trojans like Eureka rise up to more than 0.5 AU above the ecliptic (see Figure 6.2). Consequently,
fybys are recommended at the time when the Trojan passes through the ecliptic.

Table 6.1: Osculating elements of nine Martian Trojans used in this study (IAU, 2022a).
a: semi-major axis, e: eccentricity, i: inclination, Ω: longitude of ascending node, ω: argument of perihelion, M: mean
anomaly, Ln: Lagrange Point, epoch: 2022-08-09. Reference frame: ecliptic and mean equinox/J2000.

a e i Ω É M Ln
[AU] [] [deg] [deg] [deg] [deg] []

5261 Eureka 1.524 0.065 20.3 245.0 95.5 204.57 L5
1998 VF31(101429) 1.524 0.100 31.3 221.3 310.6 0.41 L5
1999 UJ7 (121514) 1.524 0.039 16.7 347.4 48.5 288.69 L4
2007 NS2 (311999) 1.524 0.054 18.6 282.5 176.9 88.76 L5
2001 DH47 (385250) 1.524 0.035 24.4 147.4 17.6 21.53 L5
2011 SL25 1.524 0.114 21.5 9.4 53.3 114.83 L5
2011 SC191 1.524 0.044 18.7 5.8 196.4 332.42 L5
2011 UN63 1.524 0.065 20.4 223.5 165.3 160.50 L5
2011 UB256 1.524 0.071 24.3 58.8 7.6 121.39 L5
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(a)

(b)

(c)

Figure 6.2: Orbits of the four inner planets of the solar system and three Martian Trojans (same as in Figure 6.1); Blue:
Earth, red: Mars, white: Trojan; Reference Frame: ecliptic and mean equinox/J2000; epoch: 2034-06-15; a: 5261 Eureka,
b: 1998 VF31 (101429), c: 2007 NS2 (311999). Drop lines of the trojan orbits are used to show the elevation about the
ecliptic. Images generated with JPL’s SSD orbit viewer tool [https://ssd.jpl.nasa.gov/tools/orbit_viewer.html] .
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6.3 Method

Spacecraft transfers to Mars are common practice and all available launch windows up to the year
2045 have been analyzed in detail Burke et al. (2010); Sergeyevsky and Cunnif (1987). In this paper
we analyze trajectories from Earth to Mars involving fybys at Martian Trojans. Consequently, we frst
search for trajectories from Earth to each Trojan and then from this Trojan to Mars.
For the study we focus on solving Lambert’s problem to search for transfer trajectories with low
requirements for delta-v. Solving Lamberts problem is a method for determining spacecraft trajectories
but it has limitations such as only assuming gravitational forces, assuming the spacecraft is a point
mass, and needing precise initial conditions. Nevertheless, the results give a very good estimate about
the required delta-v demand which are required for a mission. Details about the lambert solver are
given in section 6.3.2.

6.3.1 Ephemeris Data

To calculate a trajectory from Earth to Mars with a fyby at the Martian Trojans, the positions of
each body at given times are needed. The positional information for Earth and Mars is extracted from
recent ephemeris data DE431 (Folkner et al., 2014), conveniently stored in the format of SPICE kernels
(Acton et al., 2018; Acton, 1996), available from JPL’s SPICE website (NAIF, 2019). Ephemeris
kernels (SPK) for the Trojans were downloaded from, JPL’s HORIZONS tool (JPL, 2022).

6.3.2 Solving Lambert’s Problem

We search for physically possible trajectories connecting two position vectors within a given time of
fight. We assume an unperturbed two-body problem, with the sun as central body. The issue is well
known as the so-called “Lambert’s Problem” or sometimes referred to as the “orbital boundary value
problem” (Izzo, 2015). For solving the Lambert problem, we used the so-called “Izzo2015”-algorithm
(Biscani and Izzo, 2019; Biscani et al., 2010), which conveniently delivers the velocity vectors of the
spacecraft at the beginning and end of the orbit arc.
In our model we access the solver twice, as we search for a three-impulse model for connecting three
positions in space. The frst impulse is used to obtain a transfer trajectory from Earth to a Martian
Trojan. The second maneuver is then used to adjust the spacecraft trajectory from the Martian Trojan
to a Mars transfer. With the last impulse we model the orbit insertion at Mars.
In our calculation we allow multiple revolutions about the sun for both, the transfer to the asteroid as
well as the transfer from the asteroid to Mars. This implies rather long transfer times, signifcantly
longer than the typical direct Hohmann-type transfers from Earth to Mars (within approx. 9 months).
The calculation is performed by scanning through a two-dimensional space with the frst dimension
being the launch date and the second dimension being the transfer duration (which constrains the
time of arrival).
For each launch and arrival date the position and velocity vectors (state vectors) of Earth and the
Trojan are determined. All calculations were repeated for trajectories from the Trojans to Mars.
The solution of Lambert’s Problem readily yields the required velocity increments for each transfer.
As a result we obtain the so-called “porkchop plots” (Woolley and Whetsel, 2013). To limit the possible
transfer scenarios, we constrained the launch dates to a range between January 2025 and Dec 2045
and to transfer durations between 100 and 1200 days. The time discretization (step size) was set to 1
days for both, launch date and transfer duration. The simulations are performed for each Martian
Trojan individually.

Modeling the Launch and transfer to a Trojan

As a frst step we modeled the launch from Earth and the transfer to the Trojan. Assuming constraints
as in ESA’s M7-class mission call, we adopted an Ariane62 for launch from the Guyana spaceport,
where, reliable performance data on maximal S/C launch mass and delta-v were available (ESA,
2021). Hence, from given results of Lambert’s problem (vinf and the declination of launch asymptote)
connecting Earth and the Martian Trojans, we were able to determine the feasible launch dates. We
assumed a direct insertion into a transfer orbit by the launcher. After the launch the remaining two
maneuvers have to be established with the onboard S/C propulsion system.
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Figure 6.3: Overview of the three impulses

Flyby impulse

After the launch and the interplanetary cruise, the S/C will reach a Martian Trojan. Shortly after the
fyby at a Trojan a second maneuver is performed. The maneuver adjusts the orbit in such way that
the trajectory of Mars is intersected (see Figure 6.3, 2nd impulse). Again, Lambert’s problem is solved
for a trajectory from the Trojan to Mars. Here, the fyby date is used as the start date. Again, all
possible transfer durations from 100 to 1200 days are scanned through with a step size of two days.
The mass of the Trojans is neglected.

Mars orbit insertion (MOI)

The fnal maneuver is used for Mars Orbit Insertion (MOI). The required delta-v for a C3=0 orbit
insertion (i.e. parabolic orbit) is determined. The distance to the surface at closest approach is set to
200 km, i.e. 3590 km pericenter distance for a mean Martian radius of 3390 km (Seidelmann et al.,
2007).

Figure 6.4: ∆v demand for mars orbit insertion at a parabolic orbit with C3=0
for a nominal earth-mars mission. The shown launch dates from Earth are
limited to a ∆v demand of less than 7km/s.

To allow a delta-v comparison
between a nominal Mars mission
and the scenarios proposed here,
we determined values for Mars or-
bit insertion of a nominal mission.
Direct Earth-Mars missions typi-
cally require approximately 0.6-1
km/s or more for Mars Orbit in-
sertion (Burke et al., 2010; Mor-
ley et al., 2004). Additionally, we
used our Lambert solver to deter-
mine the required delta-v. The re-
sults are shown in Figure 6.4 and
confrm that the typical delta-v
demand is at least 0.6 km/s. We
know that this value is very mis-
sion depending, but we chose it
to allow a better comparison be-
tween the two scenarios.

Consequently, the delta-v de-
mand for fyby and MOI shown in this paper minus 0.6 km/s give the required additional delta-v
compared to a nominal mission to Mars. For example, a launch window for Trojan 311999 in August
2034 (see section 6.4.4) requires 0.6 km/s for the fyby maneuver and Mars orbit insertion. With a
typical delta-v demand of 0.6 km/s for MOI, the delta-v diference is 0 km/s compared to a nominal
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