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Abstract

This paper presents conora (Collocated Orthogonal coNtrol Optimization for Rocketry Applications), a robust trajectory
optimization software utilizing orthogonal collocation methods for ascending rocket stages, targeting applications in early
phases of mission design. The proposed methodology leverages orthogonal collocation techniques, preferred over other
available options for their robustness to poorly defined initial guesses. This robustness is particularly crucial considering
the inherent complexity in computing initial guesses for launch trajectories, where dynamic variables such as atmospheric
conditions, thrust variations, and gravitational influences pose significant challenges. This, together with low amount of
available data about the ascent profile, often makes preliminary optimization considerably complex, extremely case-specific
and, consequently, very time consuming. The implemented software addresses the problem of maximizing the payload
mass of a rocket by providing the required flexibility to adapt to any mission scenario disregarding of the celestial body,
launch site, vehicle design and target orbit. Proper functionality is demonstrated by replicating existing missions. Ariane V
ascending to GTO, Electron launch to SSO, ALTO (Air Launch To Orbit) mission to LEO, Apollo XI Lunar Module ascent
and Starship take-off to LMO are the multifaceted mission scenarios selected to demonstrate the capabilities of conora,
resulting in accurate injection into orbit and close estimation of optimized payload masses. The obtained outcomes grow
more valuable when considering the small number of inputs provided, the simplicity of the utilized physical model and the
strong assumptions considered. Furthermore, these results were achieved using one of the most straightforward approaches
for an initial guess: a stage-wise linear interpolation to bridge the launch and orbital injection conditions. The whole
software development process followed a V-model, from requirement definition, passing by the actual implementation, to
thorough code testing of each conora’s module. The requirements were carefully designed with a user-centric approach,
guided by personae and user stories. The software development leveraged OpenMDAO and Dymos for implementation,
ensuring efficient handling of complex computations. Testing was thoroughly conducted to verify the system’s integrity,
and an object-oriented requirements framework was used to maintain clarity and structure. The content of this work was
produced under technical supervision by DLR (Deutsches Zentrum fiir Luft- und Raumfahr), at the Institute of Space
Systems in Bremen, Germany, as the Master Thesis project of the Author.

Keywords: Launch Trajectory, Optimization, Orthogonal Collocation, V-model, OpenMDAO, Dymos.

Symbols and Acronyms Fhrust Thrust Force

a Orbital Semi-major Axis go Standard Gravitational Acceleration
Cp Drag Coefficient H Scale Height

AV Velocity Increment h Altitude

e Orbital Eccentricity i Orbital Inclination

¢ Longitude Isp Specific Impulse

F 3¢r0 Aerodynamic Force J Objective Function

Fgpay Gravitational Force A Latitude
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u Standard Gravitational Parameter
m Instantaneous Vehicle Mass
mg Structural Mass

mrtot Total Vehicle Mass

p Pressure

R, Celestial Body Radius

p Air Density

S Cross-Sectional Area

T Temperature

Tmax Maximum Thrust Module
Tmin Minimum Thrust Module

t Time

u Control Vector

v Orbital True Anomaly

v Velocity Vector

v. Effective Velocity

ve Longitudinal Velocity

v, Latitudinal Velocity

v, Radial Velocity

vrel Relative Speed Vector

x State Vector

Q Orbital Right Ascension of the Ascending Node
w Orbital Argument of Periapsis
d Static Parameters Vector

m Mass Flow Vector

r Position Vector

i~ Rate Position Vector

v Rate Velocity Vector

wp Celestial Body Rotation Rate

ALTO Air-Launch-To-Orbit

CALLISTO Cooperative Action Leading to Launcher In-
novation for Stage Toss-back Operations

CGL Chebyshev-Gauss-Lobatto

conora Collocated Orthogonal coNtrol Optimization for
Rocketry Applications

DLR German Aerospace Agency

ECEF Earth-Centered-Earth-Fixed

EOM Equations of Motion

GTO Geostationary Transfer Orbit

HLGL Hermite-Legendre-Gauss-Lobatto

LEO Low Earth Orbit

LG Legendre-Gauss

LGL Legendre-Gauss-Lobatto

LGR Legendre-Gauss-Radau

LLO Low Lunar Orbit

LMO Low Mars Orbit

MEO Medium Earth Orbit

NASA National Aeronautics and Space Administration

ODE Ordinary Differential Equations

SSO Sun Synchronous Orbit
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1. Introduction

Accessibility to space today takes many forms and ex-
tends across a vast range of scientific and technological
fields. However, the challenges it presents remain among
the most significant in space engineering. From com-
munication and navigation to satellite television, commer-
cial imagery, Earth observation, and planetary exploration,
each mission has unique requirements and specifications.
Yet, none can succeed without a launch vehicle to carry
them beyond Earth’s atmosphere and into the correct orbit.
These diverse needs demand high flexibility from mission
and rocket designers, who must achieve high performance
at low costs to meet customer goals. Over time, this has led
to the development of multiple alternative vehicles, created
by both private companies and national agencies, all aim-
ing to optimize their capabilities through mission-specific
customizations.

Balancing innovation, flexibility, and sustainability is
key to maximizing space exploration benefits while ad-
dressing increasingly relevant challenges. This work inte-
grates in this multifaceted scenario, particularly focusing
on the early phases of the design of a space mission. The
scope is the implementation of a software capable of per-
forming robust optimization of a launch trajectory, flexibly
adapting to a wide range of mission scenarios.

1.1 Concept and Motivation

The primary objective of the project is to streamline the
initial trajectory design for a launch mission, saving time
and resources. Typically, multiple iterations are required
during this phase due to the task’s complexity and the high
sensitivity to any parameter adjustments made early in the
mission definition. Other than time-consuming iterations,
classical approaches to initial trajectory design are often
characterized by several difficulties. Firstly, they rely on
resource-intensive calculations, involving complex mathe-
matical models and numerical simulations, which demand
significant computational resources and result in longer
mission design times. Secondly, these methods explore
only a limited range of trajectory options due to rigid al-
gorithms, restricting the ability to adapt to wide ranges of
potential scenarios. Furthermore, conventional tools often
lack user-friendly interfaces, making them challenging to
operate efficiently without expert knowledge and seldom
applicable to obtain quick results. Addressing these chal-
lenges and developing more agile, robust and user-friendly
trajectory design methods is fundamental to propel the de-
velopment of launch missions forward and optimize their
success.

The combination between flexible interfaces and ro-
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bustness of the optimization is the novelty of this work. In
fact, it relies on an accurate selection of the optimization
method and on carefully implemented features, allowing
multiple usages with the same interface: pure trajectory
optimization, performance analysis and other scientific in-
vestigations.

The work here presented has been conducted at DLR
(German Aerospace Agency) within the Institute of Space
Systems, in relation to the CALLISTO (Cooperative Action
Leading to Launcher Innovation for Stage Toss-back Op-
erations) project [1]. A similar research on trajectory op-
timization for launch vehicles, based on collocation meth-
ods, was already initiated as the conora (Collocated Or-
thogonal coNtrol Optimization for Rocketry Applications)
project, at the basis of the presented work [2].

A strict and organized workflow has here been followed,
establishing a stable foundation for future extensions. The
structure is based on a series of requirements that trans-
late the software’s vision, implemented in parallel with
continuous testing and verification at various levels. All
the implemented work has been performed using Python,
while the documentation was reported with Sphinx [3].

2. Background
2.1 V-model

The Validation and Verification model, or "V-model,"
is a graphical representation of the system development
life cycle commonly used in project management. Un-
like the linear waterfall model, the V-model emphasizes
the relationship between development phases (Definition,
Implementation, Testing) and their corresponding testing
stages, forming a V-shape as shown in Fig. 1 [4]. Typi-
cally, the horizontal axis represents project time, while the
vertical axis reflects abstraction levels.

The process begins with Requirement Analysis, where
user needs are translated into functional and non-functional
requirements. Personas and User Stories help define these
needs, with Personas representing archetypal users and
User Stories outlining user goals and actions.

2.2 Trajectory Optimization Methods

The multiple possible approaches to trajectory design
and optimization problems are usually divided into two
main categories: analytical and numerical methods [6].

Analytical approaches consist of determining a time
history of controls that satisfies the physical definition of
the specific problem while minimizing some performance
criteria, i.e. cost functions. These methods are typically
based on optimal control theory, and require the identifica-
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Fig. 1: V-model Structure [5].

tion of a closed form solution which can only be obtained in
very special cases, making them not feasible for high-thrust
ascent trajectories.

On the other hand, several numerical methods to ap-
proximate the solution exist and are commonly used in
problems related to space trajectories. These methods
essentially fall into two main categories: direct and in-
direct methods. Direct methods are typically based on a
parametrization of the state vectors and the control inputs,
which typically involves discretization. This discretization
concerns the process of transcription of the problem for
transferring continuous functions and equations into a dis-
crete counterpart. Indirect methods, on the other hand,
involve co-state variables. This leads to a shifting of the
optimization problem to the determination of those param-
eters called Lagrange multipliers (the co-state variables),
completed by the resolution of a boundary value problem.

2.2.1 Orthogonal Collocation and Explicit Shooting

Orthogonal collocation and explicit shooting are note-
worthy direct methods for their popularity and relevance to
this work. These methods form the basis of two key steps
in conora: optimization, using orthogonal collocation, and
trajectory simulation, using explicit shooting.

Collocation is a technique based on enforcing the equa-
tions of motion through quadrature rules or interpola-
tion [7]. The time-line of the problem is in this case
divided in intervals, often themselves containing multi-
ple sub-intervals, where a set of nodes (critical points) are
identified. Each interval can be characterized by a vari-
able number of nodes. The “interpolant”, or interpolating
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function, is evaluated at the nodes of each (sub-)interval,
ensuring it passes through the state values and maintains
the state derivatives at these critical time instants.

Other than the nodes, additional critical moments in
time are identified by collocation points. These points are
often not fixed and can change during the solution pro-
cess. The main goal is to convert the differential equations
into a system of algebraic equations, each associated with
a collocation point. The interpolant is also evaluated at
these collocation points, where equality constraints are en-
forced between the interpolant derivatives and the state
derivatives. This technique ensures that the Equations of
Motion (EOM) are satisfied across the entire time interval,
a process known as Transcription.

Once the states are discretized and fitted with a poly-
nomial, the interpolant is differentiated and compared
to the defined state variable at the collocation points.
The difference, called the defect, must be minimized
to satisfy the EOM. This is the objective of Orthogo-
nal Collocation, a direct method that uses collocation
points to numerically solve optimal control problems.
In orthogonal collocation, collocation points are typi-
cally determined by quadrature rules for orthogonal basis
functions, such as Chebyshev or Lagrange polynomials.
Common polynomial sets include Legendre-Gauss (LG),
Legendre-Gauss-Radau (LGR), Legendre-Gauss-Lobatto
(LGL), Chebyshev-Gauss-Lobatto (CGL), and Hermite-
Legendre-Gauss-Lobatto (HLGL) [6].

Explicit Shooting is an iterative technique to solve
boundary value problems which calculates the state his-
tory based on the control history of the system. Shooting
methods are based on time marching algorithms, which
ensure that the dynamics of the problem are satisfied, eval-
uating the cost function consistently with the numerical
integration of the states. The process is repeated until the
dynamics satisfy the boundary conditions of the analyzed
case. When this is performed over the whole time interval
defined by the problem all at once, it is called a Single
Shooting Method.

Multiple Shooting is an extension of Single Shooting
Methods, where the time interval above which the integra-
tion occurs is divided in small sub-intervals.

A key parameter of comparison between the two meth-
ods is their robustness. Collocation methods, despite
sometimes providing less accurate solutions, guarantee
higher probability of convergence to the desired target, with
respect to Shooting Methods. Explicit Shooting, in fact,
which might provide very accurate answers, sometimes
completely fail to satisfy the constraints of the problem.

Collocation methods’ strong robustness is additionally
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enforced by their poor dependency on the initial guess.
This makes them appealing competitors, attesting their
widespread popularity in the most recent studies [7]. Con-
sidering the complexity of providing an initial guess, espe-
cially at early phases of a launch mission design, colloca-
tion methods are finally the preferred optimization method
for the conducted work.

2.3 OpenMDAO

Among the many software options available for tra-
jectory optimization, the OpenMDAO (Open-source Mul-
tidisciplinary Analysis and Optimization) framework has
been chosen as the backend for implementing conora [8].
Dymos, an OpenMDAO library for optimal control of dy-
namic multidisciplinary systems [9], is under continuous
development.

Dymos primarily focuses on direct optimization meth-
ods using the collocation technique. It supports three forms
of direct transcription: Radau Pseudospectral Method,
Gauss—Lobatto Collocation, and Explicit Shooting based
on Runge—Kutta transcription. Additionally, Dymos al-
lows users to customize transcription methods by defining
parameters such as the number of segments and the order of
the interpolating function. The Explicit Shooting method,
which employs Runge—Kutta transcription, offers an alter-
native optimization tool. It also enables trajectory simula-
tions based on the optimization results, allowing users to
verify the physical validity of the solution by evaluating it
at a variable number of points per segment.

2.4 General Formulation of the Optimization Problem

The optimization of a dynamical system can be repre-
sented in multiple ways, among which the most common
— and supported by Dymos — is the use of Ordinary Dif-
ferential Equations (ODESs). The evolution of the states is,
therefore, typically defined as in Eq. 1.

x:fODE(tsx’u’d) (l)

where x and X respectively represents the state and the
state-rates vector, t represents the direct dependency on
time, u are the dynamic control variables and d any other
static parameter that might be necessary to complete the
definition of the problem. The ODEs, by depicting the
dynamics of the trajectory, represent the dynamical con-
straints of the problem.

Additionally, the static constraints of the system shall
be defined. Boundary constraints, as in Eq. 2:

Pmin < ¢(10atf’x(10)7x(tf)»d) < Pmax ()
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as well as path constraints, as in Eq 3:

Cmin £ C(t,x,u,d) < Cpax 3)

are essential to describe the problem [10].

Moreover, maintaining the general formulation, an ob-
jective function to be minimized shall be defined as in Eq.
4

J= fobj(t,x,u,d) (4)

Finally, where the trajectory of the problem requires
to be divided in multiple k € (0, N,) phases, the above
relations in Eq. 2 and Eq. 3 shall be extended for each
k™ phase, the objective function in Eq. 4 can be referred
to multiple phases and additional linkage constraints have
to be added. For each pair of phases to be linked, states,
controls and parameters at the final time-step of the left
phase can be connected with their respective values at the
initial time-step of the right phase, respecting the dynamics
of the problem. This is expressed in Eq. 5,

L(‘)

Is Is gls I (s)
) < Ll uls, a2 xS ) < L ()

£

where Is and rs stand, respectively, for the phases to the
right and left of linkage point, with s € (1, S), being S
the total number of pairs of phases [10]. The process of
creating linking constraints, together with an exemplified
trajectory divided in multiple phases, each one with their
collocation nodes, is presented in Fig. 2.

Fhase k

onsfraint
between phoses

Discrete points Discrete paints

Fig. 2: Linkage constraint between two phases along a tra-
jectory [6].

3. Software Requirements
3.1 Personas and User Stories

Personas represent a broad range of potential users, such
as scientists, engineers, and researchers involved in launch
trajectory optimization. Each Personais categorized by key

TAC-24-E2-2-7-x85349

Table 1: Personas: The Rocket Designer

PERSONA_0001: Rocket Designer

* Name: Rocky
* Background:
— Rocket designer in charge of providing perfor-
mance goals for the design of a launch vehicle.
* Goals:
— Estimate the required vehicle specifications for
a given mission.
— Compare performances and capabilities of dif-
ferent vehicle designs.
* Expectations:
— Robust and reusable tool.
— Tool capable of adapting to a wide range of
alternative vehicles.
* Motivations:
— Faster iteration among possible vehicle specifi-
cations.
— Seek the impact of design factors changing dur-
ing vehicle design on the overall mission.
* Frustrations:
— Manually iterating for a range of design specifi-
cations can be very time consuming.
— In case of any change in the design or perfor-
mances of a vehicle, computing new ad-hoc es-
timations can be very time consuming.

traits, including Background, Goals, Expectations, Moti-
vations, and Frustrations.

Three users archetypes have been identified as Per-
sonas to reflect conora’s vision: The Mission Designer,
the Rocket Designer and the Scientist. As a representa-
tive example of the personas, the Rocket Designer’s one is
described in Tab. 1.

Requirements then develop from Personas and User
Stories, with a hierarchy reflecting different levels of de-
tail [11]. They address different aspects of the features,
modules or interfaces [11]. For this reason, requirements
are also also labeled depending on their type, such as:
Functional, Architecture, Interface, Quality and Organi-
zational. Figure 3 presents one of these dependency dia-
grams, with an overview of the higher-level requirements,
User Stories and Personas.
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Fig. 3: Requirements Overview: Dependency Diagram.

4. Software Architecture

The software was designed with a high degree of modu-
larity, with distinct blocks corresponding to specific func-
tionalities. The pseudo-code of the conora top-level func-
tion is shown in Algorithm 1.

4.1 Inputs and Outputs definition

The main inputs of the interface include celestial body
and launch site identification, target orbit definition, and
launch vehicle specifications. Users can select any exist-
ing or potential launch pad on Earth, the Moon, or Mars.
It is possible to specify altitude and geocentric latitude,
while the software assumes an inertial frame for undefined
longitude, while the software optimized take-off timing to
maximize payload delivery. Air-launch-to-orbit (ALTO)
missions are supported through the optional input of the
vehicle’s initial velocity. The target orbit is defined using
Keplerian elements, chosen for their relative intuitiveness,
with the option to omit the true anomaly of the injection
point, allowing it to be treated as an additional design vari-
able in the optimization process. Multistage launch vehi-
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cle configurations are supported, with inputs for each stage
such as cross-sectional area, specific impulse, dry mass,
fueled mass, thrust limits, and aerodynamic coefficients.
Users can also specify optimization parameters, including
transcription methods, number of nodes and order of the
interpolating polynomial, within the OpenMDAO frame-
work. The interface function then returns two trajectory
data-frames: data_optimization, containing the discrete
solution of the optimization process, and data_simulation,
with the simulated trajectory over a finer grid.

4.2 Initial Guess

The next step in the software flow is the computation of
the initial guess, using only the inputs provided directly by
the user via the interface function. This guess for the launch
trajectory into orbit, generated with a strategy detailed in
Section 5.4, is passed to the optimization function as a
dataframe: data_guess. The function responsible for this
step is initial_guess().
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Algorithm 1 conora: The User Interface Function.

def launch_max_payload(ho, Ao, ¢o, V0, Va0, V0, Cp, mo, ms, Isp, Tnin, Tmax, @, €, i, Q, w, v, planet, transcription):

Inputs Handling — data_in

data_guess = initial_guess(data_in)

data_optimization = optimize(data_in, data_guess, transcription)

data_simulation = optimize(data_in, data_optimization)

return data_optimization, data_simulation

4.3 Optimization

The optimization step, handled by the optimize() func-
tion, computes the solution based on the initial guess
and user inputs. Using a collocation method, it gen-
erates an optimized trajectory, returned to the user as
data_optimization and passed to the simulation step. The
trajectory is divided into phases representing rocket stages
and coasting arcs, with boundary and path constraints
defined. The transcription method, selected by the user
among the options provided by OpenMDAO [8] or default-
ing to Gauss—Lobatto, is applied for optimization. This
method was chosen for its balance between computational
efficiency and result quality [2]. The optimized solution is
then post-processed for simulation.

4.4 Simulation

The optimization results provide a discrete solution on
a coarse grid, ensuring compliance with the ODEs only
at specific points. To improve accuracy, the simulation
step, handled by the simulate() function, computes a finer
trajectory that is physically compliant at every time instant.
Here, the optimized solution serves as the initial guess
for an explicit shooting problem, yielding a more detailed
result. The final output, once post-processed, is returned
as data_simulation.

5. Launch Trajectory Optimization

The launch trajectory optimization problem is formu-
lated according to the general structure outlined in section
2.4.

5.1 Physical Model

Along the ascent, several physical contributions have
been considered and then combined in the formulation of
the equations of motion. In particular, the gravitational,
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propulsive and aerodynamics forces have been modeled,
and will be described in detail in this section. The imple-
mentation of the physical model was partially inherited by
the existing work on conora [2].

5.1.1 Gravitational Models

The dynamics is defined in the context of a two-body
problem, where any third body contribution is neglected.
The force model for gravity is represented as a symmet-
ric gravitational field acting on a mass point. Complete
spherical symmetry is assumed for the attracting body, so
that it can be reduced to the model of a point potential and
accordingly, any higher order potential caused by planets’
oblateness is neglected.

The formulation of the gravitational force is finally given
by Eq. 6, where m is the mass of the vehicle and r is its
position relative to the center of the attracting body.

r
Fgrav =—pum (6)
7|l

5.1.2 Atmospheric Models

Adapting to several celestial bodies, other than having
an impact on the utilized gravitational constants, also im-
plies the necessity of defining multiple atmospheric mod-
els.

For the Earth, the model applied is an isothermal ex-
ponential atmosphere, where density and pressure change
exponentially with altitude. In particular, with the scale
height H and the sea-level air density pg, the mathematical
dependency of the density with altitude is defined by Eq.
7.

p(h) = poe™"" )

In Mars’ case, the NASA Mars Atmosphere Model was
used as reference to implement a simplified exponential
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model [12]. According to the original model, the temper-
ature changes independently with altitude in two separate
layers: below and above 7000 m. Such mathematical for-
mulation, where T is in °C, is shown in Eq. 8.

_|-31-0.000998 if h < 7000 m ®)
~ |-23.4-0.00222h if h > 7000 m

On the other hand, density and pressure evolutions are the
same for both layers. When it comes to the pressure, the
model is presented Eq. 9 with output in kPa.

p — 0'6996—0‘00009}‘1 (9)

Instead, the density profile (in kg m~3) is described in Eq.
10.

B p
T 0.1921(T +273.1)

The dependency on two different temperature profiles
at different altitudes was removed in the simplified model.
To allow for identical interfaces for all the celestial bodies’
atmospheres, the NASA Mars Atmosphere formulation has
been approximated by an exponential atmospheric model
asin Eq. 7. In the process, the data from the original model
were fitted with an exponential function, giving higher
relevance to the the lower layer of the atmosphere, where
the aerodynamic loads provide higher contributions. The
comparison between the used approximated model and the
one considering two different temperature profiles below
and above 7 km is presented in Fig. 4. The scale height
for Mars was estimated at 10 500 km, while the reference
density at 0.015 kgm ™3

Finally, for the Lunar environment a null reference den-
sity was assumed in Eq. 7.

p (10)

5.1.3 Propulsion

The implemented propulsive model assumes complete
performance independence with altitude and constant spe-
cific impulse of the engine (/) for each stage of the rocket.
Here, the thrust force is defined as in Eq. 11, where g is
the standard gravitational constant, and 2 is the directed
mass-flow vector of the engine.

Firust = Ispgom (11)

As said, the above model does not take into account the
dependency on the altitude, and therefore on the ambient
pressure effects. Constant I, is indeed considered, result-
ing in an under-estimation of the provided performances,
if sea-level values are assumed to be constant throughout
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Fig. 4: Mars’ Atmospheric Model. A comparison of the
NASA Mars Atmospheric model and the implemented
approximation.

the burning time. On the other hand, the propulsive con-
tributions would be overestimated, if the specific impulse
values in vacuum conditions were assumed constant at any
instant, even when atmospheric effects are not negligible.

5.1.4 Aerodynamics

For simplicity, only the drag force is considered. In
early design phases, this approach is considered valid as
launch trajectories are typically designed to maintain a
small angle of attack to minimize aerodynamic loads [10].
The expression for the aerodynamic force is given by Eq.
12, where S represents the cross-sectional area of each
stage, Cp is the aerodynamic drag coefficient, also assumed
to be constant for each stage, and v, is the relative speed
of the vehicle with respect to the rotating celestial body.

1
Fero = _EPSCD”VreIHVrel (12)

The drag coefficient Cp was estimated, according to
[13], equal to 0.4 for the stages of the rocket where external
boosters are attached on the side, while 0.3 was used for
single body stages.

The relative velocity, vy, with respect to a planet atmo-
sphere, is defined in Eq. 13.

Viel =V —Wp X F (13)
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5.1.5 Equations of Motion

The general form of the equations of motion for the
launch trajectory problem can be formulated as in Eq. 14.
This constitutes the set of ODEs with 7 states, 3 for the
position vector (r), 3 for the velocity vector (v) and 1 for
the mass (m), at the basis of the problem. In the actual
implementation, the integration is performed in spherical
coordinates.

F=v
V=% Fi(r,v,mu) (14)
m=u

Where, in Eq. 14 the force components F; have to be
replaced with the above computed gravitational (Fgp,y),
propulsive (Fyst) and aerodynamic (F yero) contributions.
Additionally, u represents the control variable of the prob-
lem.

The given formulation describes the complete space-
time evolution of a single stage launch vehicle. However,
when considering multistage vehicles, some extra consid-
erations need to be taken.

5.2 Multistage Missions

The equations of motion alone do not fully define the
ascent of a multistage rocket, particularly at stage sep-
aration before the next stage ignites. During this time,
the rocket experiences a thrust gap, creating coasting arcs.
The software presented in this work allows the optimizer
significant flexibility in determining the duration of these
coasting arcs, aiming to maximize payload capacity.

To accommodate different mission requirements, the
minimum coasting time is set at 1 s, ensuring that mis-
sions negatively impacted by coasting can minimize this
phase. The maximum duration is set at 1 d, allowing for
extended coasting periods necessary for missions targeting
high-altitude orbits or using launch vehicles with signifi-
cant thrust differences between stages.

5.3 Trajectory Parametrization

Once the physical model underlying the optimization
problem is defined, it must be supplemented with con-
straints, objectives, and parameters to accurately reproduce
the studied phenomenon.

5.3.1 Objective Function

The choice of the objective function in the case of launch
trajectories is usually not univocal. However, for this appli-
cation, the goal is to maximize the payload mass injected
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into orbit. The logical choice of translating it into math-
ematical terms is the maximization of the total final mass
of the vehicle, mrtor(f7). Equivalently, with an objective
function to be minimized by definition, its negative value
will be used. Such choice is supported by launch vehicle
providers and their user manuals, such as ArianeSpace [14]
and RocketLab [15], where the final payload mass is con-
sidered the most relevant performance indicator. In short,
the objective function is given by Eq. 15.

J = —mror(ty) (15)

5.3.2 Optimization Variables

Maximizing the payload, for a given vehicle, implies
minimizing the required propellant mass to reach the de-
sired orbit. Since u, the control vector, corresponds to the
mass-flow vector of the vehicle, it represents the main con-
trol variable for the optimizer. Depending on the mission
profile, other variables are also available for the optimizer.
Among these, the already mentioned duration of coasting
arcs, at least for multistage missions, and some potentially
undefined boundary conditions, as it will be discussed in
the next Sections.

5.3.3 Constraints

Once the dynamics and the objective are defined, it is
necessary to implement different constraints on the prob-
lem, so that it can be as representative as possible of real
world scenarios.

Boundary Constraints Boundary constraints, in an op-
timization problem where 7 states are integrated over time,
could involve up to 14 mathematical relations, when con-
sidering both the initial and the final conditions.

Two different parametrizations are used to define the
initial and final constraints: the spherical coordinates, used
at the initial time instant (#(), and the Keplerian elements,
used at the final time instant (¢ ).

The rationale behind using the spherical coordinates for
the initial conditions is dual: to be consistent with the
equations of motion and to adapt to the common definition
of launch sites on a celestial body. The position vector r,
at tg, is described in terms of initial launch site altitude
(ho), initial geographical latitude (1) and initial inertial
longitude (¢¢), as in Eq. 16.

r(to) = R, [cos(Ao)cos(¢), cos(Ag)sin(¢o), sin(29)]”
(16)
The velocity vector, on the other hand, could be implied
by the position for a standard launch mission from a fixed
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pad. Null contributions, in that case, in the radial (v,() and
latitudinal (v,p) components should in fact be assumed,
with longitudinal inertial initial velocity (v 40) originating
by the rotation of the celestial body, as expressed in Eq.
17.

Vgo = wp(Rp + ho)cos(dg) 17

In the most common scenario, the default values for
the three components of the initial velocity are set to zero.
However, users can optionally customize these values with
an initial velocity vector expressed in ECEF, enabling the
study of off-nominal launch profiles or to meet specific
needs. For instance, this feature is useful for describing
ALTO missions, where the initial velocity might be non-
zero in all directions, making it impossible to deduce the
vehicle’s initial speed solely from its position at #(.

Additionally, users can set an initial radial velocity
greater than zero to force the initial flight path angle to
be close to 90° at lift-off or to start the optimized trajectory
after a “Tower Clearance”phase. On Earth-based launches,
rockets often must wait to execute a pitching maneuver un-
til they clear service structures. This clearance typically
occurs when the vehicle reaches 5 to 10 times the height
of the support tower, though these values can vary based
on the vehicle’s geometry, performance, and mass. To
complete the set of initial conditions, the full loaded initial
mass of the vehicle (m) is required.

The final conditions have been defined using the Kep-
lerian elements identifying the target orbit, namely: Semi-
major axis (a), eccentricity (e), inclination (i), RAAN
(Right Ascension of the Ascending Node, €2), argument
of periapsis (w) and true anomaly (v). Keplerian elements
have been chosen because of their easy visualization and
common understanding. Among the boundary conditions,
not all are strictly required by the optimizer to find a so-
lution. As mentioned in Section 4.1, the initial longitude
of the launch site and the final true anomaly can be omit-
ted if flexibility is allowed in these aspects. Omitting the
inertial longitude at launch grants the optimizer an addi-
tional degree of freedom—the launch window—which can
be used to enhance performance. This is often acceptable,
as many missions have flexible launch timing, making this
input unnecessary. Similarly, the precise true anomaly at
orbital injection is rarely critical for mission success and
is often not essential during early mission design phases,
where high-precision data may be unavailable.

Path Constraints Path constraints can generally be di-
vided into three categories. The first one regards all those
constraints which ensure the physical validity of the prob-
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lem. Among this, there are the inequality constraints as
expressed in Eq. 18, V¢ > 0.

{urn > Ry a8)

m >0

The second class of path constraints includes the upper
and lower bounds defining realistic design limitations for
a closer representation of the dynamics. For the current
implementation, these are limited to the following relations
in Eq. 19. Here the thrust (Fg) provided by engines
at each stage is limited by a lower (Tjni) and upper (Tiax)
value, typically defined for any throttleable engine.

Tmin < ”Fthrust“ < Tmax (19)

Finally, the third category includes constraints on the
mathematical evolution of the solution, not directly related
to the physics of the problem. For instance, in this work,
the control evolution is constrained to be continuous up to
the first derivative. This ensures the physical validity and
realistic achievability of the solution.

Linkage Constraints Linkage constraints are applied
when the trajectory is divided into multiple phases, such
as in a multistage ascent. In this context, each powered
stage and the coasting arcs in between correspond to dis-
tinct phases. Two main functionalities must be imple-
mented: ensuring the continuity of kinematics and defin-
ing the instant mass change when a stage’s structural mass
is dropped. For the examined problem, continuity is main-
tained for r and v. However, a step discontinuity is in-
troduced for mass at the linkage point between phases,
where the structural mass is dropped immediately after a
stage’s shut-off. This approach minimizes the mass along
the coasting arcs, corresponding to the next stage’s mass
before ignition. If the optimal solution requires prema-
ture stage ejection, the dropped mass also includes any
unburned propellant carried by the stage. Regarding the
control vector #, no continuity constraint is enforced be-
tween stages. The mass-flow rate can change significantly
between stages, depending on the specifics and number of
engines used.

5.4 Initial Guess Formulation

Orthogonal collocation methods are robust, allowing for
less accurate initial guesses compared to many other meth-
ods. However, some manipulation based on user inputs is
still necessary and will be presented here.

The initial guess implementation, in this work, strongly
relies on the capability of guessing with good precision
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the value of the integrated states at the initial and final
conditions. This is in this case possible, already from the
parametrization defined in Section 5.3.3. For a single stage
mission, that would be the linear initial guess provided to
the optimizer for » and v. However, when the trajectory
is divided in multiple phases, single segments of the guess
are provided to the integrator at their respective initial time
instant, making the guess a piece-wise linear function. For
the mass, in order to achieve good predictions, the Tsi-
olkovsky equation - whose general formulation is offered
in Eq. 20 - was applied in cascade to all the stages.

mg = mfe_AV/Ve (20)

Equation 20, however, does not solely rely on the known
ve, the effective velocity, defined as the product between
I, and go. The velocity variation AV also need to be
specified. This variation is determined by the difference in
velocity between the initial and final conditions in orbit and
is divided into segments corresponding to each powered
stage during the ascent. This is illustrated in Eq. 21,
where k represents the total number of powered phases.

k
AV = Z AV; 1)
i=1

With this process, all the states are now supported with
an initial guess, constituted by a series of linearly interpo-
lated values divided in the required number of segments.
What remains to be computed is the evolution of the control
u. For the initial conditions, a vertical thrust vector is as-
sumed in the guess, with the other two components at zero.
On the other hand, the final control vector is computed to
be proportional to the expected velocity component in each
direction, using an inertial frame and deducing from the
definition of the final boundary constraints.

The expected time of ascent is then simply guessed
based on the expected average speed along the ascent and
an estimation of the distance to be covered by the mission.

The initial guess, nevertheless, is slightly modified for
those cases where the optional inputs are actually omitted
by the user. Here, the guessed trajectory starts from an
initial inertial longitude of 0° and aims for the perigee
of the orbit - being the most frequent scenario - which
corresponds to a true anomaly of 0°. The two cases can
obviously be separated and combined, in line with the
inputs omitted by the user case by case.

Finally, coasting arcs are also considered in the initial
guess for a multistage mission, but with duration equal to
0. This means that the optimizer is pushed to extend the
duration of such segments if - and only if - it would be really
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beneficial for increasing the payload. Along these arcs the
thrust is set to zero, mass and velocity are guessed to be
constant, and the altitude is assumed to increase linearly as
for the powered stages.

As representative illustration, the initial guess evolution
of the mass for a three stages launch vehicle is reported in
Fig. 5.

Initial Guess Evolution
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Fig. 5: Evolution of the initial guess for the mass of the
vehicle along the ascent, computed with Eq. 20.

6. Verification and Testing

Following the V-model structure, after Definition and
Implementation, Testing conora involves creating and ap-
plying a verification procedure for each requirement. This
includes Unit Tests (verifying isolated behaviors), Integra-
tion Tests (testing combined functionalities), and System
Tests (end-to-end testing in different user scenarios).

Unit Tests primarily verify Module or Function level
requirements, some of which pre-existed this work for the
physical model [2]. Integration Tests were implemented
for key software interactions, often covering Module and
Software level requirements.

System Tests provide full verification of the software’s
functionality, with many based on mission scenarios to
test a variety of user options, as detailed in Section 7.
There, a selection of such mission variants will be exposed,
spanning over many possible user selections in terms of
celestial body, launch site, vehicle and target orbit.

Being all the software implemented using Python, the
testing procedure was entirely coded in pytest.
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7. Mission Scenarios

This section introduces and summarizes five represen-
tative test-case missions, covering key functionalities of
conora. The missions are briefly described here and out-
lined in Tab. 2.

Mission1 The first mission replicates a European launch:
the Ariane V rocket ascending from Kourou, French
Guyana, to a Geostationary Transfer Orbit (GTO), operated
by ArianeGroup [14]. The target orbit for the Ariane V is
the nominal GTO specified in the user manual [14]. The
launch time, expressed as inertial longitude, is optimized.
The true anomaly at orbital insertion is unconstrained, and
the initial velocity is set to default values.

Mission 2 Mission 2 involves the launch of a Pegasus
XL vehicle operated by Orbital ATK [16]. This is an
ALTO mission. Based on a Mach number of 0.82, an
initial flight angle of 27°, and the target inclination, the
velocity components were manually calculated to match
the optimal initial conditions typically aimed for by the
providers. The launch occurs above the Pacific Ocean near
Kwajalein Atoll [16]. The vehicle has three sequential
stages and targets a LEO orbit.

Mission 3 The third mission, the final one involving
Earth as the initial celestial body, features the launch
of a two-stage Electron rocket by RocketLab to a Sun-
Synchronous Orbit (SSO) [15]. The SSO altitude of
400 km is based on the specifications in the user manual,
from which the inclination 97° can be deduced. The launch
site is Complex 1 at Mahia Peninsula, New Zealand [15].

Mission 4 Mission 4 replicates the ascent of the Lunar
Module (LM) to the Command Module during the Apollo
XTI mission on the Moon’s surface [17]. Original data for
the one-stage vehicle were used, along with the launch site
coordinates at the Sea of Tranquility. The mission targets a
circular orbit, with rendezvous with the Command Module
ensured by fixing the inertial longitude at takeoff.

Mission § The final mission differs from the others as
it predicts a future ascent from the surface of Mars us-
ing SpaceX’s Starship [18]. For this mission, the target
true anomaly in Low Mars Orbit (LMO) was fixed along a
slightly elliptical orbit. The ascent is optimized and sim-
ulated after the first few seconds of vertical flight, with a
constant flight path angle of 90°. The results focus on the
timeline after the first pitch maneuver. The launch site is
assumed to be Elysium Planitia, where the InSight mission
landed in 2018 [19]. The Radau transcription method was
used for this mission, to further explore conora’s capabili-
ties.
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8. Results

For each of the test missions described in Section 7,
a snippet of the most relevant results is presented here.
This section focuses on the evolution of altitude, velocity,
mass, and forces along the trajectory, as defined in Sec-
tion 5.1. Each figure displays both the discrete output of
the optimization, shown as plain dots, and the simulated
continuous solution, depicted as a solid line.

Tables 3, 4, 5, 6 and 7 list the absolute orbital injec-
tion accuracy for each mission, comparing the target orbit
definition with the achieved one.

Finally, the partial ground track of each mission is por-
trayed in Fig. 6.

8.1 Mission 1

The ascent of Ariane V rocket to GTO orbit is optimized
to obtain a final payload mass of 7.4 t. The full ascent takes
place in a total of 24 min 33 s.

During ascent, the two step-discontinuities in the mass
evolution testify boosters and main stage separations, hap-
pening - respectively - after 1 min 31 s and 7 min 42 s.
Ariane V reaches a final altitude of 2 603 km, with an
orbital velocity of 8.508 kms™!. The maximum dynamic
pressure is faced after 52 s from take-off. Further results
are reported in Figure 7.

8.2 Mission 2

The ALTO mission of Pegasus XL to LEO orbit lasts
9 min 21 s, for a final payload mass of 561 kg.

Figure 8 clearly shows how in this case both the initial
altitude and velocity are greater than zero. The orbital
velocity of 7.775 km s~ is reached by the three stages ve-
hicle at an altitude of 193 km. As expected, the maximum
dynamic pressure is encountered shortly after 7, since the
Mach number at the release of the launcher by the cargo
airplane is already around 0.3.

8.3 Mission 3

The ascent to SSO orbit performed by the Electron
rocket allows for a total payload of 297 kg. The orbit
is reached in 9 min 18 s.

As visible in Fig. 9, as expected from a two stages ve-
hicle, only one stage separation happens along the ascent.
The velocity evolution reflects this, peaking at orbital in-
jection where it equals 7.667 kms™!, at an altitude of
393 km.
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Table 2: Mission Scenarios Overview

Mission 1 Mission 2 Mission 3 Mission 4 Mission 5
Launch Site Kourou Kwajalein Atoll | Mahia Peninsula | Sea of Tranquillity | Elysium Planitia
Celestial Body Earth Earth Earth Moon Mars
ho [m] 0 11 900 0 0 603
Ao [°] 5 0 -39 0.6 4.5
o [°] - - - 23 -
Initial Velocity
Vro [ms™1] 0 123 0 0 100
v [ms™1] 0 3 0 0 0
Vo [ms™] 0 242 0 0 0
Vehicle Ariane V Pegasus XL Electron LM - Apollo XI Starship
stages I I I I I I I I I I
S [m?] 37 19.6 | 19.6 | 2.54 | 1.8 | 1.8 | 1.13 1.13 14.5 64
Cp [-] 0.4 0.3 03 | 03 |03 |03 0.3 0.3 0.3 0.3
my [t] 777 205 20 | 23.1| 10 6 13 3 4.7 1320
mg [t] 66 147 | 45 5 2 1 2.5 750 2.15 120
Isp [s] 262 310 | 446 | 295 | 291 | 297 | 311 343 311 380
Tmin [kN] 11000 | 500 22 | 200 | 50 9 100 12.5 6 1168
Tmax [KN] 14200 | 1400 67 726 | 196 | 36 224 25.8 23 15 840
Target Orbit GTO LEO SSO LLO LMO
a [km] 24 364 6571 6771 1837 3600
e[-] 0.7306 0 0 0 0.01
i[°] 6 10 97 0 36
Q] 0 0 0 0 0
w[°] 0 0 0 0 0
v [°] - - - - 10
Table 3: Mission 1 - Orbital Injection Accuracy Table 5: Mission 3 - Orbital Injection Accuracy
Target | Returned Values | Accuracy a [km] ’léa;git Returge;il’alues Acc:;acy
a [km] | 24 364 24 357 +7 e[ 0 0.0029 £0.0029
e[-] 0.7306 0.73053 +0.00007 T 97 96.9978 £0.0022
i[°] 6 5.9997 +0.0003 ar —
[°] 0 0.0001 +0.0001
QI[°] 0 —-0.0049 +0.0049 o] 0 ND* -
w [°] 0 0.0024 +0.0024 5
v [°] - ND* -
v [°] - 68.7553 -

Table 4: Mission 2 - Orbital Injection Accuracy

Target | Returned Values | Accuracy
akm] | 6571 6558 +7
e[-] 0 0.0020 +0.002
i[°] 10 9.9699 +0.0301
Q[°] 0 0.0023 +0.0023
w[°] 0 ND* -
v [°] - ND* -

*ND = Not Defined
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*ND = Not Defined

8.4 Mission 4

The reproduction of the Apollo XI mission reported a
time of ascent of 9 min 36 s and a final mass of 3 132 kg.

The 100 km target orbit is reached with a velocity of
1.633 kms™!. Figure 10 confirms assumption of negligi-
ble atmospheric effect, with the drag remaining constantly
null. In this case, more frequent thrust throttling is per-
formed along the ascent with respect to multistage ascents.
The throttling of the engines directly reflects on the mass
evolution of the vehicle, where higher thrust implies faster
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evolution along the ascent.

Fig. 10: Mission 4: Altitude, Velocity, Mass and Forces
evolution along the ascent.

Table 6: Mission 4 - Orbital Injection Accuracy

150 4

)

Target | Returned Values | Accuracy
a[km] | 1837 18374 +0.4
e[-] 0 0.000026 +0.000026
i[°] 0 0.000003 +0.000003
Q] 0 ND* -
w [°] 0 ND* -
v[°] - ND* -

*ND = Not Defined

mass diminution.

8.5 Mission 5

The Starship ascent to LMO orbit is expected to last
7 min 10 s, for a final mass of the vehicle equal to 430 t.

Figure 11 indicates two main burns: at take-off and
close to orbital injection. The mass evolution reflects this,
by decreasing much more steeply in the first and last seg-
ments of the trajectory. Orbital velocity is finally reached
at 3.482 kms™!, for an altitude of 174 km. The martian
atmosphere has a much lower impact on the vehicle’s as-
cent, with a dynamic pressure peaking orders of magnitude
below the values observed for Earth Missions.

9. Discussion

This section contextualizes the results by addressing
practical considerations, and evaluating the tool’s demon-
strated and potential capabilities.
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Fig. 11: Mission 5: Altitude, Velocity, Mass and Forces
evolution along the ascent.

Table 7: Mission 5 - Orbital Injection Accuracy

Target | Returned Values | Accuracy
a [km] | 3600 35974 +2.6
e [-] 0.01 0.009307 +0.000693
i[°] 36 35.996 +0.004
Q[°] 0 —-0.001833 +0.001833
w[°] 0 —-0.0568 +0.0568
v[°] 10 10.056 +0.056
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Fig. 12: Mission 1: Initial Guess vs Final Trajectory Results Comparison. The kinematics state vector is compared, while

expressed in spherical coordinates (7, 4, ¢, v,, vV, V).

9.1 Reproducing Mission Scenarios

As discussed, the objective of conora is to maximize
the payload delivered to orbit, which not only broadens
the potential customer base but also reduces the number of
launches needed to serve a fixed number of clients.

In Tab. 8 the performances achieved by the software
are compared with the theoretical ones, from the User’s
Manuals of the providing companies [14] [15] [16] [17]
[18].

The first consideration to raise is that the order of mag-
nitude, or final values in some cases, of the computed
payloads, are definitely comparable to the expected ones.
Some discrepancies are clear and were expected due to the
current implementation of the software.

To begin with, the propulsion and aerodynamic models
lack the highest possible level of accuracy.

On the propulsion side, a constant specific impulse is
assumed for each stage of the rockets. In addition to being
unrealistic, this assumption is also conservative, as perfor-
mance improvements are typically expected with changes
in altitude and nozzle exit conditions. This applies to all
presented cases, especially since the specific impulse at
sea level—often provided in manuals—is used as the in-
put for conora, which generally underestimates the actual
performance.
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Regarding aerodynamics, the model inherently under-
estimates performance and contains inaccuracies, as it ex-
cludes lift and assumes a constant drag coefficient across
all angles of attack and flight regimes. This simplification
introduces deviations from real-world scenarios, particu-
larly at high angles of attack and in transonic regimes,
where increased drag is expected. Additionally, the phys-
ical model omits disturbances such as wind and weather
conditions. These limitations are consistent with the accu-
racy observed in the reproduction of the Apollo XI mission,
where atmospheric effects are negligible.

Another consideration is the limited number of path
constraints in the current software version. Beyond per-
formance limits like maximum and minimum thrust, real-
world ascents are typically constrained by external factors
such as structural acceleration limits, aerodynamic pres-
sure, and heat loads. Strict adherence to these constraints
may reduce performance, as seen in real scenarios where
throttling occurs at maximum dynamic pressure. Addi-
tionally, vehicle dynamics are often constrained by atti-
tude, with angle of attack typically restricted within spe-
cific bounds.

All previous considerations should be clarified with re-
spect to the accuracy of scenario replication. While many
parameters are publicly available, not all design variables
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are disclosed, such as the precise structural or propellant
mass for each stage. This uncertainty affects optimization
outcomes. Additionally, average performance data often
lack a complete definition of the target orbit, leaving room
for variations based on the unspecified orbital elements, as
noted in Tab. 2. This issue is common in provider manuals,
which typically only specify inclination and altitude, the
most critical parameters for launch performance. However,
variations in final payload mass can occur by altering any
target Keplerian element, particularly in eccentric orbits
like the GTO in Mission 1. Furthermore, user manuals, of-
ten distributed for marketing purposes, may intentionally
over- or underestimate payload capacities. Over-optimistic
claims can attract a broader audience, boosting income,
while conservative estimates can provide more operational
margin, enhancing vehicle reliability.

Table 8: Payload Mass to Orbit

conora’s output | Expected Result
Mission 1 741t ~10t
Mission 2 561 kg ~ 500 kg
Mission 3 297 kg ~ 200 kg
Mission 4 3132 kg 3080 kg
Mission 5 430 t NA*

*NA = Not Available

9.2 Coasting Arcs

Despite the diverse mission scenarios analyzed in Sec-
tion 8, coasting capabilities were not fully explored. For
missions 1 to 5, the optimizer minimized coasting time be-
tween stage burnout and ignition to the lowest possible or
just a few seconds. This approach aligns with real-world
scenarios to be replicated, where extended coasting arcs
would degrade performance and reduce mission payload
capacity.

Nevertheless, for some specific missions, coasting be-
comes essential. To demonstrate proper functionality of
conora when this is the case, Mission 6 is here introduced.
It is must be noted that - differently from the others - this
mission scenario has been created solely for the purpose
of investigating the behavior of coasting arcs and is not
intended to model a real-world scenario.

This Mission aims to replicate the ascent to a circular
1 500 km MEO (Medium Earth Orbit) with 30° of inclina-
tion, by a SpaceX expandable Falcon Heavy vehicle [20].
The launch site is KSC (Kennedy Space Center) at Cape
Canaveral, Florida.

The results are reported in Fig. 13, where it is possi-
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Fig. 13: Mission 6: Altitude, Velocity, Mass and Forces
evolution along the ascent.

ble to observe the two powered stages interspersed with
a coasting arc, represented in black. The results are par-
ticularly interesting to analyze since the costing arc lasts
2 min 33 s, while achieving a consistent altitude increase
of around 380 km, nearly 25% of final orbit altitude. The
duration of the coasting arc and the performances of the
computed ascent are in line with the values provided by the
manual [20]. The achieved payload mass to orbit is equal
to 21.6 t, which is in the range indicated for LEO-MEO
missions, with a maximum at around 60 t (for LEO mis-
sions), and a minimum to 16 t (for MEO to GTO orbits).
Reference documentations reports that coasting times can
reach up to 10 — —15 min in some cases, strongly depend-
ing on the target orbital parameters [20]. The total time
of ascent is 21 min 55 s. The absolute orbital injection
accuracy is very high, in line with what obtained for the
first 5 missions, with less than 10 km error on the altitude
and 0.04° on the inclination.

9.3 Optimization Flexibility and Robustness

In Section 8, we evaluate the optimizer’s accuracy for
various mission scenarios against the target orbit. The re-
sults consistently show high accuracy in orbital injection
across a wide range of missions, demonstrating the tool’s
flexibility. This performance is achieved despite omitting
external disturbances during ascent and relying on a fun-
damental initial guess as outlined in Section 5.4.

The flexibility of the tool relies on its robustness. In
Figure 12, the initial guess trajectory and the final com-
puted trajectory are compared. There, it is possible to
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observe how the guess provided for the kinematics state
vector differs completely from the obtained results. The
differences are multiple. First, the mathematical model of
the initial guess does not forecast the real evolution of the
variables along the ascent. Secondly, while it is possible
to provide quite good accuracy on the kinematics at 7,
this is not the case for the final conditions. At 7¢, which
is itself very poorly estimated, the integrated variables are
far from the previsions of the guess. This applies even to
values that could be accurately forecasted, but diverge due
to the added freedom when the final true anomaly is uncon-
strained. Among these cases, there is the mission under
analysis in Fig. 12, Mission 1, reproducing the ascent of
an Ariane V rocket to GTO. In this case, as for all other
cases where the true anomaly is omitted, the initial guess
sets automatically v () = 0°, considering orbital injection
likely happening close to the perigee. However, the opti-
mizer finds optimal injection at v(z¢) ~ 69°, significantly
affecting the accuracy of the correlated predictions.

In conclusion, this work demonstrates robust trajectory
optimization with extensive flexibility for different mis-
sions and vehicle parameters. The software, which com-
pletes computations within 10 min per mission on a typ-
ical desktop computer, achieves the intended purpose of
conora. The approach, built on detailed requirements and
extensive testing, ensures conora can be adapted for future
modifications.

10. Conclusion and Future Work

The results confirm the robustness and reliability of or-
thogonal collocation methods. The quality of the trajectory
results is impressive relative to the simplicity of the initial
guess. conora’s flexibility is demonstrated by its abil-
ity to optimize diverse missions with a simple interface,
including varying launch sites, vehicles, and target orbits.
Despite some model inaccuracies, conora successfully ful-
fills its purpose as a trajectory optimization tool for the
early stages of mission design, acknowledging that some
accuracy compromises are necessary due to limited infor-
mation. In summary, this work demonstrates that conora
has achieved robust trajectory optimization with signifi-
cant flexibility for various missions and vehicle parameters.
The software’s reasonable computational time—never ex-
ceeding 10 min per mission—coupled with its accuracy,
confirms that conora meets its intended purpose. Ulti-
mately, the approach of defining detailed requirements and
extensive testing ensures that conora is extensible for future
modifications. The presented work is indeed a partial de-
velopment of conora, aiming for higher performance and a
broader functionality spectrum, with future enhancements
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potentially including features like rocket stage re-ignition
for more accurate mission replicas.
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