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Abstract

This paper presents an approach for optimizing practical commercial-scale aircraft wings using sandwich com-
posites in a preliminary design stage. The approach uses lamination parameters as design variables in a
continuous optimization step. Structural constraints for classic composite laminate design such as material
failure and buckling, and for sandwich design such as crimping, wrinkling, dimpling and core shear failure are
accounted for using industrial-standard and empirical methods driven by finite element analyses. As an appli-
cation case, optimization studies are performed at a skin panel level on the open-source Common Research
Model (CRM) wing. Optimization trends show areas of the wingbox where sandwich composites offer superior
structural performance, as well as potential cost savings by requiring lesser number of stringers. The aim
and novelty of this work is to present performance gains that can be achieved using sandwich composites in
primary load-carrying aircraft structures when compared with monolithic composite designs and through this,
to provide a motivation for further research and development in sandwich composites and their applications.

Keywords: composite optimization; sandwich; lamination parameter; common research model

1. Introduction
Over the last few decades the aerospace industry has seen a steady increase in use of composite
materials. The superior mechanical properties of composites, ability to tailor their properties effi-
ciently and possible lower manufacturing costs due to integration of parts has been a major reason
for this increased focus on its research and application.
The present trend of aircraft wings show designs that are dominated by stiffness requirements when
compared to strength requirements [1], especially in the upper skin. Moreover, outer sections of
the wing are sized due to minimum gauge requirements arising out of handling and manufacturing
needs. With advancements in materials beyond carbon-fibre T300 and IM7, designers can only
expect strength requirements to be further overshadowed by stiffness and handling requirements.
The advantages of sandwich composites have been known since their invention in the 1960s. Practi-
cal experience shows that their benefits come alongside a number of unique engineering challenges,
which must be carefully considered in realistic designs [2]. The potential advantages and challenges
have motivated a wide range of research covering topics such as characterization of failure modes
[3, 4, 5], development of modelling strategies [6, 7] and on optimization of sandwich composites
[8, 9, 10, 11, 12, 13, 14, 15, 16, 17, 18, 19] to name a few.
The present work is a condensed form of a recently published work [19] on a design approach suited
for a preliminary design stage towards the optimization of large-scale wingbox structures using sand-
wich composites. The approach can be used to make trend studies to gauge any potential per-
formance benefits that sandwich composites can offer when compared to classical monolithic com-
posites. For the optimization studies , the NASA Common Research Model (CRM) [20] is chosen,
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Figure 1 – Cross-section of a classic sandwich composite.

specifically a structural model of the CRM wing generated at the DLR - Institute of Aeroelasticity [21],
under the configuration name FERMAT.
The present paper is organized as follows. Section 2.introduces the different failures modes in sand-
wich composites and how they have been addressed in the present work. The applied optimization
strategy is detailed in Section 3.. The skin panel problem of the CRM wing is presented in Section 4.
together with a summary of the optimization objective and constraints. The results from the optimiza-
tion study are discussed in Section 5.followed by a conclusion of and outlook based on the presented
work.

2. Addressing Failure Modes of Sandwich Composites
In a typical preliminary-stage wing optimization [22, 1], structural constraints such as strength failure
and buckling instability are considered for classic monolithic composite designs. Sandwich com-
posites are susceptible to other failure mechanisms as listed in the Composite Materials Handbook
Volume-6 [23] (CMH-17) and illustrated in Figure 2. These failure modes are conservatively ac-
counted for in the CMH-17 using either analytical or empirical expressions. The approach presented
in this paper aims to use such conservative estimates to make performance studies suited to a pre-
liminary stage of wing design.
The first two failure modes (a) - (b) in Figure 2, facesheet or material failure and buckling are common
to both monolithic and sandwich composite design. The sandwich-specific failure modes (c) - (g) are
accounted for using formulae in the CMH-17 [23]. The remaining failure modes (h) - (k) are usually
considered in a later detailed design phase or are loading conditions that are not common to wingbox
type applications and are hence not considered in this preliminary-stage design study.

2.1 Failure modes for both monolithic and sandwich composites
Facesheet/Laminate failure
In this paper, laminate or facesheet failure is determined using a common technique employed in
industry known as the Angle Minus Longitudinal (AML) method [24]. AML refers to the percentage
of ±45° plies (angle) minus the percentage of plies at 0° (longitudinal), a metric for which laminates
of similar values tend to possess the same failure modes in notched or damaged compression tests.
Open-hole compression tests (OHC), as shown in Figure 5, can then be used as a direct laminate-
level empirical strain allowable. For this criteria, only the face sheet thickness and its layup angles
need to be known.

Buckling instability
Structural instability due to buckling is solved as an eigenvalue problem using the buckling solver in
MSC.NASTRAN [25].
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(a) face sheet failure

(b) general buckling  

(d) antisymmetric facesheet wrinkling(c) symmetric facesheet wrinkling (e) core shear failure

(f) shear crimping (g) face sheet dimpling
     (intracell buckling) (h) core crushing

(i) core tensile failure (j) facesheet-to-core bonding

(k) local indentation

Figure 2 – Failure modes of sandwich composites [23].

2.2 Failure modes only for sandwich composites
Facesheet wrinkling
Facesheet wrinkling is a local instability mode where the facesheet buckles with a characteristic
wavelength being of the order of magnitude as the thickness of the core. Sandwich structures with
thin facesheets and light cores are susceptible to this failure mode. For sandwich composites with
honeycomb type of cores, wrinkling stress is given by the following relations,

σwrink =C1(E f EcGc)
1/3 +C2Gc

tc
t f

(1)

σwrink =C3

√
t f

tc
EcE f +C4Gc

tc
t f

(2)

Eqs. 1 and 2 are applicable when the sandwich is considered to have a thick or thin core respectively,
where the definition of a sandwich with thick core is determined by the following expression

tc ≥ 1.82t f
3

√
E f Ec

G2
c

(3)

The coefficients C1 - C4 are generally adapted to experimental results and a wide range of values
have been reported, for instance [26, 27, 28]. Conservative values of C1 = 0.247, C2 = 0.078, C3 = 0.33,
C4 = 0 are suggested in the CMH-17.

Shear crimping
Shear crimping is an instability mode that occurs due to a low core shear modulus. The facesheet
stress at which crimping occurs is given by

σcrimp =
h2Gc

(2 t f ) tc
(4)

where h is the distance between the mid-planes of the upper and lower facesheet.
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Facesheet dimpling
Facesheet dimpling or intracell buckling occurs when the facesheet buckles between the cell-walls of
a honeycomb core. The facesheet stress at which dimpling occurs is given by

σdimp =
1
t f

(
π

s

)2
{D11 +2(D12 +2D66)+D22} (5)

Core shear failure
This failure mode occurs due to the core failing in shear. Assuming conservatively that the core
carries all of the transverse loads, the transverse shear stress is given by

τxz =
Qx

tc

τyz =
Qy

tc

(6)

The transverse loads Qx and Qy are extracted as forces from a static analysis in MSC.NASTRAN.
Failure occurs when the transverse shear stresses are greater than the shear strength of the core
material.
In the above Eqs. 1 - 6, the geometric quantities tc, t f and s are the thickness of the core, thickness
of each facesheet and the cell-size of the honeycomb core respectively. For composite facesheets,
the stiffness terms are directionally-dependent - E f represents the effective bending stiffness of the
facesheet in the direction of loading and is calculated from the bending stiffness matrix D. Ec is
the core elastic modulus normal to the sandwich facesheets and Gc is the core shear modulus.
Honeycomb cores tend to have different properties in their ribbon and transverse directions and as
a result, the values Gxz, Gyz and

√
GxzGyz are suggested in the CMH-17 to be used in place of Gc,

depending on whether the loading is in the X, Y or XY direction. The failure stresses for the above
sandwich failure modes are defined for a uniaxial state of compression. Loading states along different
directions can be considered by using corresponding values for the directional stiffnesses.
For the sake of convenience, the failure stress in the case of wrinkling, crimping and dimpling are
recast as failure strains through the directional in-plane stiffness. In the following sections, the fail-
ure criteria of AML, wrinkling, crimping and dimpling are collectively denoted as strain-based failure
criteria, while core shear failure is termed a force-based failure criteria.

3. Optimization strategy
The optimization of composite structures has been successfully studied using a commonly-applied
two-step approach [29, 30, 31, 32, 33, 34, 35, 1] for a wide range of applications. In the first step,
lamination parameters and thickness of the composite are used as design variables. This enables the
use of efficient gradient-based optimizers to identify interesting regions in a vast design space and
leads to an overall faster convergence in the second step. In the second step, the optimum stiffness
design obtained earlier is used as a starting point to obtain an optimal stacking sequence distribution,
for instance in [36, 37, 35, 1].
The continuous optimization step is the focus of this paper, in order to perform design studies rep-
resentative of a preliminary design stage. The design obtained from the continuous optimization
represents the theoretical upper-bound in performance achievable for the given material and con-
straints. In other words, this step results in the optimal stiffness distribution of the structure and is
indicative of the structural performance possible.
The optimization problem can be stated as follows,

min
x

f (x) (7)

subject to: Pj(x)≤ 1, j = 1...np

Ck(x)≤ 1 k = 1...nc

xl
i ≤ xi ≤ xu

i xi ∈ x
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The design variables x comprise of thickness and lamination parameters. The objective function f (x)
is to be minimized, structural weight in this case. The physical constraints P which are the failure
modes, and the admissibility constraints C on the design variables are normalized such that values
less than 1 are feasible.

3.1 Lamination parameters and admissibility constraints
A novel lamination parameters scheme [17] applicable to sandwich composites, or multi-material
laminates in general is utilized in this work. This approach is based on the definition of material
blocks with an offset in between its two laminate halves.
In the general case of symmetric sandwich composites, where both facesheet and core comprise of
anisotropic composite materials, the exact in-plane and bending stiffness matrices are calculated as

A = tc
[
ξ A

]
c {U}c + t f

[
ξ A

]
f {U} f (8)

D = t3
c

12

[
ξ D

]
c {U}c +

t3
f

12

[
ξ D

]
f {U} f +

tct f
4

(
t f
[
ξ Bu

]
f + tc

[
ξ A

]
f

)
{U} f (9)

where t is the thickness, U is the matrix of laminate invariants, ξ A,Bu,D are lamination parameters
and subscripts f and c denote properties for the facesheet and core respectively. The lamination
parameters in the above equations are defined as

ξ
A
[1,2,3,4] =

1
2

∫ 1

−1
[cos2θ(z̄),cos4θ(z̄),sin2θ(z̄),sin4θ(z̄)]dz̄ (10)

ξ
Bu
[1,2,3,4] =−2

∫ 0

−1
[cos2θ(z̄),cos4θ(z̄),sin2θ(z̄),sin4θ(z̄)]z̄dz̄ (11)

ξ
Bl
[1,2,3,4] = 2

∫ 1

0
[cos2θ(z̄),cos4θ(z̄),sin2θ(z̄),sin4θ(z̄)]z̄dz̄ (12)

ξ
D
[1,2,3,4] =

3
2

∫ 1

−1
[cos2θ(z̄),cos4θ(z̄),sin2θ(z̄),sin4θ(z̄)]z̄2dz̄ (13)

The full set of design variables for an optimization in this general case are

x =
{

tc | t f | ξ A
c | ξ A

f | ξ Bu
f | ξ D

c | ξ D
f

}T
(14)

For sandwich composites containing an isotropic core material with a low stiffness in comparison with
the facesheet material, such as in the case of foam or honeycomb cores, the above equations are
simplified, resulting in a reduced set of design variables

x =
{

tc | t f | ξ A
f | ξ Bu

f | ξ D
f

}T
(15)

with the stiffness matrices calculated as

A = t f
[
ξ A

]
f {U} f (16)

D =
t3

f
12

[
ξ D

]
f {U} f +

tct f
4

(
t f
[
ξ Bu

]
f + tc

[
ξ A

]
f

)
{U} f (17)

Depending on the application and the accuracy needed, the lamination parameters ξ Bu
f may be re-

placed with ξ Bu
f = 1/2(ξ A

f + ξ D
f ) in Eqs. 9 and 17. This results in a smaller number of lamination

parameters, albeit by increasing the inaccuracy of D, which could be acceptable or not depending
on the application. In the present study, the full set of lamination parameters is used for the sake of
convenience. Details on the lamination parameters, stiffness matrices and accuracies of the different
approximations are presented in Silva et al. [17].
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Accounting for transverse shear stiffness
Sandwich composites typically have a large thickness and shear deformation effects can no longer
be neglected in such a case. The Reissner-Mindlin plate theory is considered in order to account
for the transverse shear stiffness. The transverse shear stiffness G is represented [13] in terms of
lamination parameters through the material invariants as

{
Ĝ
}
=

1 ξ A
1

0 −ξ A
3

1 −ξ A
1

{
U6
U7

}
(18)

{G}= [T ]
{

Ĝ
}

(19)

in a vectorized form, where Ĝ is the thickness-normalized transverse shear stiffness matrix and T is
the total thickness.
The material invariants are defined as{

U6
U7

}
=

1
2

[
1 1
1 −1

]{
Q44
Q55

}
(20)

where Q44 and Q55 are a part of the transverse shear terms in the stress-strain relationship for a
transversely isotropic lamina with values being the engineering constants G23 and G13 respectively.{

τ23
τ13

}
=

[
Q44 0
0 Q55

]{
γ23
γ13

}
(21)

Admissibility constraints
Admissibility constraints for lamination parameters are chosen as formulated in [38] as

Bounds: −1 ≤ ξ
[A,Bl,Bu,D]
[1,2,3,4] ≤ 1 (22)

Feasibility: For k = A,Bl,Bu,D,

2(ξ k
1 )

2 −1 ≤ ξ
k
2 ≤ 1−2(ξ k

3 )
2 (23)

2(ξ k
2 +1)(ξ k

3 )
2 −4ξ

k
1 ξ

k
3 ξ

k
4 +(ξ k

4 )
2 ≤ [ξ k

2 −2(ξ k
1 )

2 +1](1−ξ
k
2 ) (24)

More extensive formulations of these constraints exist in literature, however the above form has been
utilized on account of its simplicity and the acceptable results attainable [1] in retrieving the stacking
sequence in the second step.
Practical design requirements such as the use of standard angles [0°,±45°,90°], requirement on
balanced laminates and angle fractions can be formulated on the lamination parameters as

Standard Angles: ξ
[A,Bl,Bu,D]
4 = 0 (25)

Balance: ξ
A
3 = 0 (26)

Angle Fraction: v0 =
ξ A

2 +2ξ A
1 +1

4
,v90 =

ξ A
2 −2ξ A

1 +1
4

,v±45 =
±2ξ A

3 −ξ A
2 +1

4
(27)

Further constraints on the lamination parameters such as due to blending [39] can also be included.
Since the present paper deals with trend studies at the level of a skin panel, these have not been
considered.

3.2 Physical constraints
The failure modes described in Section 2. represent the physical constraints to be satisfied in the
optimization. Typically these are cast in the form of inequality constraints for an optimizer

rl
k ≤ rk(x)≤ ru

k ,rk ∈ r(x) (28)

where rk is some physical response bounded by rl
k and ru

k .
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Figure 3 – Structural FE model of the CRM aircraft (FERMAT [21]), left plot, and wing (without upper
skin for visualization), right plot.

Failure modes such as buckling are included as lower bounds on the m smallest eigen-values corre-
sponding to the buckling modes

λ1...m > rl (29)

where the bound rl may include some safety margin.
The force- or strain-based failure criteria are recast into failure indices

f = rk/rl,u
k (30)

where the physical response rk is bounded by rl,u
k . The failure index is subjected to a bound f ≤ fu

with fu being typically 1, or a knocked-down bound to include a factor of safety.

4. Skin Panel Models of CRM Wing
The structural optimization studies in this paper are performed on the NASA Common Research
Model (CRM) [20], specifically on a structural model of the CRM wing generated at the DLR - Institute
of Aeroelasticity [21], under the configuration name FERMAT. The FE model of the full aircraft and
the wing are shown in Figure 3. The structural model comprises of shell and beam elements, with
homogenized membrane, bending and transverse shear stiffness terms for the shell elements in the
skin.

4.1 Sub-models of skin panels
In the present paper, optimization studies are performed on skin panels of the wing in order to observe
performance trends between sandwich and monolithic composite designs. A skin panel is defined as
the intersection between two ribs and spars.
In order to create these skin panel sub-models the following approach is followed.

– A trim calculation is performed on the full aircraft model for the following load-case: +2.5g pull-
up, Mach number Ma = 0.57, flight level 0 and maximum take-off weight (MTOW) corresponding
to 260t. This load-case was selected from a preliminary check of the element stresses aris-
ing out of different potential load-cases. In principle, any other flight condition, preferably a
dominant one for sizing, could also be used for this study.

– A nodal force balance is used to calculate the forces to be applied on an isolated skin panel, in
order that the panel exhibits the same loaded state as in the full-wing. These nodal forces are
applied along the edge of the panel.

– The isolated skin panel is assumed to have simply-supported boundary conditions as shown in
Figure 4, for analyses to be carried out on the sub-model level.

As a check, it was seen that the stress distribution in the isolated skin panel subjected to the extracted
loads and boundary conditions, faithfully matches that of the panel in the full aircraft model. The
applied loads on the skin panel are kept fixed during an optimization, rather than recalculating loads
due to stress redistribution, in order to study each skin panel in an isolated setting.

7
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Figure 4 – Boundary conditions for the skin panel sub-model.

Table 1 – Material properties - Carbon-Epoxy Facesheets: Hexcel IM7/8552 UD.

Density E1 E2 G12 ν12
(kg/m3) (GPa)
1580 147.8 10.3 5.9 0.27

4.2 Material properties
For the monolithic laminates and facesheets in the sandwich composite, a carbon fibre - epoxy com-
posite (IM7/8552) with the material properties listed in Table 1 is used.
Material failure in the composite laminate is accounted for using the AML approach. Failure strengths
in compressions for different values of AML are obtained experimentally [40] as shown in Figure 5.
The three curves represent the type of damage in the tested specimen: open-hole (OHC), filled-hole
(FHC) and unnotched (UNC) compression.
In the present study, two types of honeycomb materials for the sandwich core are studied: HRH10
Nomex (Aramid) and 5052-Aluminium. Both are mid-specification materials readily available off-
the-shelf, the former suitable for lightly-loaded segments of the wing, with the latter offering much
higher material strengths. Since honeycomb are not expected to carry in-plane loads, their in-plane
stiffness parameters E1, E2 and G12 are nominally set close to zero. The other relevant properties
[41] are listed in Table 2. The properties of the honeycomb material are anisotropic in nature, arising
from the different characteristics along the direction of the ribbon (denoted by L) and transverse to
the ribbon direction (denoted by W ). The principal material axis for both the facesheet and the core
is oriented along the front spar, such that directions 1 (in the composite 1-2 orientation system) and
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Figure 5 – Variation of allowable strains with AML for IM7/8552 composite - NIAR [40].
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Table 2 – Material properties of honeycomb core material [41].

Density Cell size Ez GLz SLz GWz SWz

(kg/m3) (mm) (MPa)
Hexcel-HRH10 Nomex (Aramid)

64 3 190.0 63.0 2.0 35.0 1.0

5052 Aluminium
72 3 1034.0 483.0 2.3 214.0 1.5

Table 3 – Optimization summary.

Optimization objective min (structural weight)
Optimization constraints

feasibility LP-space constraints [38]
Balance

Standard angles (0°,90°,±45°)
Angle fractions, v0,v90,v±45 > 0.1

physical buckling, λ > 1.5
AML, fAML ≤ 0.67

physical wrinkling, fwrink ≤ 0.67
(sandwich-specific) crimping, fcrimp ≤ 0.67

dimpling, fdimp ≤ 0.67
core-shear, fcshear ≤ 0.67

Design variables
monolithic design t, ξ A

1−4, ξ D
1−4

sandwich design t f , tc , ξ A
1−4, ξ D

1−4,ξ
Bu
1−4

L (in the core L-W orientation system) are along this material axis for the facesheet and core material
respectively.

4.3 Summary of optimization objective and constraints
A summary of the optimization objective and constraints included in the following optimization study
are presented in Table 3.
In the present studies, only the stiffness properties of the skin are optimized while those of the
stringers are kept a constant. This was done in order to isolate performance comparisons be-
tween monolithic and sandwich composites in the skin. A more realistic study will simultaneously
include stringer dimensions as optimization variables, as planned for future studies on the full wing.
The stringer properties in the present case correspond to those obtained using a preliminary cross-
sectional sizing tool used for pre-sizing the wingbox based on empirical methods.
The requirement on ultimate load through a safety factor of 1.5 over the limit loads is introduced
directly on the physical constraints. The lower limit on the buckling factors is set to 1.5. For the strain-
and force-based failure modes, their respect failure indices are set with an upper limit of 1/1.5.

5. Results and Discussion
The results from the optimization study comparing monolithic composite structures with sandwich
composites are presented in this section in Figure 6. For each of the skin panels, its sub-model is set
up as described in Section 4.1. The nodal forces at the boundary nodes are scaled between 0.33 and
1.66 times the nominal load, which in this case corresponds to the nodal loads from a +2.5g pull-up
manoeuvre as described in Section 4.1. This load scaling factor is chosen as an arbitrary parameter
to visualize the various failure criteria over a wide range of loads. The normalized structural weight is
plotted on the Y-axis, with the weight of the monolithic design corresponding to a loads scaling factor
of 1.0 being used as the reference weight.

9
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Each of the design points is also accompanied by a vector of failure indices. For a monolithic design,
the vector represents the two failure modes: AML material failure and buckling respectively. For a
sandwich design, the 6-element vector represents the failure modes in the order: AML strain failure,
buckling, crimping, dimpling, wrinkling and core-shear respectively. A value lesser than 0 denotes
feasibility of the failure index, while a value of 0 or larger denotes failure. The dominant failure mode
at that design point is represented in bold font.

5.1 Skin panel near wing-tip
Considering the skin panel 1055 in Figure 3, right plot, the optimization trends between monolithic
and sandwich composites are shown in Figure 6. The trend curves are with a sandwich composite
comprising of a Nomex-Aramid core.
The outboard sections of the wing being lightly loaded, it is seen that buckling instability is the driving
failure mode for the monolithic composite design. Sandwich composites are inherently superior in
this very situation, being able to increase bending stiffness by adding core material, with low weight
penalties. Consequently, for the loads scaling factor of 1.0, the skin panel with a sandwich composite
design is ∼ 30% lighter than its monolithic counterpart. The limiting factor here is the facesheet
thickness required to withstand AML material failure and the core thickness required to tackle the
sandwich-specific failure modes, shear crimping in this case.
Considering a core material having superior properties such as the Aluminium honeycomb in Table
2, similat weight trends are observed. With the significantly larger shear strengths and stiffness,
the Aluminium-core sandwich composite is marginally better in performance compared to its Nomex-
Aramid counterpart up to the limiting failure mode of AML, while offering larger failure margins for the
sandwich failure modes. Moreover, a significantly smaller core thickness of 4mm is required for the
former when compared with 8mm for the latter at the nominal loads scaling factor of 1.0. The studies
henceforth use aluminium honeycomb for the sandwich composites.
The evolution of optimized thickness across the loads scaling factor is shown in Figure 7. At low
load levels, core thickness is added in the sandwich design to counter failure due to buckling. At load
levels higher than 0.66, AML becomes a driving criteria, with the facesheet thickness being increased
while the added core thickness provides for the necessary bending stiffness to resist buckling.
Because sandwich composites offer a very large bending stiffness without penalizing structural weight,
a potential strength of sandwich composites lies in the possibility of affording lesser number of
stringers in the design. Stringers add geometric stiffness to the structure by reducing the dimen-
sions of the buckling fields. Sandwich composites could require lesser stringers, thereby reducing
manufacturing and maintenance costs over the structure’s lifetime. In order to simulate such a sce-
nario, 3 of the 4 stringers from this skin panel are removed as demonstrated in Figure 8.
The optimization trends corresponding to the skin panel 1055 with reduced number of stringers is
shown in Figure 9. The mass of the monolithic design with the nominal number of stringers as in
Figure 6 is used as the reference mass. With buckling being the dominant driver for the skin panel
with the nominal number of stringers, a larger stringer pitch is detrimental to the monolithic design.
Consequently the monolithic design is ∼ 40% heavier due to the requirements of buckling. The
sandwich design on the other hand, exhibits weight savings of about ∼ 25% when compared to the
nominal monolithic design.
This skin panel is however ∼ 5% heavier than the sandwich skin panel with the nominal stringer
pitch, due to weight being traded-off between the stringers and the skin in order to tackle the strain
requirements of AML. In the end, a design choice could be made considering the structural weight,
manufacturing and operating costs to arrive at a compromise on the design philosophy.

5.2 Discussion on mass savings on overall wing
In the full paper [19], weight studies on a skin-panel in the mid-span section of the wing and sim-
ulations considering improved material strengths have been presented. The studies show that a
comparison between monolithic and sandwich composites is dependent on the segment of the wing
considered, in particular, on the acting loads, which in turn dictates the driving failure mode. Potential
weight savings by using sandwich composites can be conclusively reached after running optimization

10
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Figure 6 – Optimization trends comparing monolithic and sandwich designs for skin panel 1055.
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Figure 8 – Original skin panel 1055 (above) and skin panel with reduced stringers 1055 (v02)
(below).
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panel 1055 (v02).
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studies on the full wing. The results from the above studies at the level of skin panels can neverthe-
less be indicative of performance metrics that can be achieved.
Assuming that savings in structural weight vary linearly from 25% in the outer-most skin panel to 0%
in the skin panels near the mid-span, the cumulative weight savings in the upper skin in this segment
alone translates to ∼ 10%. Weight saving with respect to the entire upper skin equates to ∼ 3%. The
above values are estimated based on an available version of a composite CRM wing using empirical
preliminary methods. Based on this model, proportional weight savings were calculated as a first
estimate. This was done because a comprehensive composite version of the CRM wing did not exist
at the time of writing of the present work.
The savings above could be conservative on account of two main reasons. Firstly, the use of sand-
wich composites would allow for a larger stringer pitch and possibly lesser number of stringers thereby
reducing stringer weight in the full wing. Secondly, a reduction of mass in the out-board sections and
the ensuing increase in structural flexibility could alleviate the bending moments along the entire
wing when considering aeroelastic loads, which in turn would lead to weight savings also in in-board
sections where sandwich composites are not necessarily used.
The CRM wing is inherently a heavily-loaded wing on account of the large span. A different reference
wing that shows dominant buckling driven regions [1] could show significantly different results. With
the methodology established and tested on a smaller scale example, carrying out detailed studies on
full wing models would be a next step.

6. Conclusions and Outlook
A methodology for optimization of sandwich composite structures in preliminary wing design is pre-
sented in this work. The approach can be applied to the design of large-scale commercial-type wing
applications. The failure modes exhibited by sandwich composites are addressed using conservative
empirical formulae. Altogether, material failure through AML, buckling instability, facesheet wrinkling,
shear crimping, facesheet dimpling and core-shear failure are accounted for. The continuous opti-
mization step is addressed in this paper using a recently-developed lamination parameter scheme
suited to sandwich composites. An optimization study is carried out on the skin panel sub-models of
the CRM wing.
Depending on the span-wise section considered, skin panels with sandwich composite design exhibit
weight savings of up to 30% when compared to the classic monolithic composite design. The trends
show that when the skin panel is driven by buckling as a design requirement, sandwich composites
outperform their monolithic counterparts on account of their higher bending stiffness to weight ratio.
When material or strain-dominated criteria drive the design, sandwich composites offer a similar
performance to monolithic skin panels. The study also showed that for lightly-loaded regions near
the wing-tip, a larger stringer pitch can be afforded at low penalties to structural weight. This could
potentially raise discussions on savings in manufacturing, maintenance and inspection costs.
In the next step, optimization studies will be carried out on the full CRM wing in order to better
understand the performance gains achievable by using sandwich composites. The stringer pitch
can also be better exploited to arrive at different optimal designs. The present studies show that in
the CRM wing, the outer third of the wing structure might potentially be driven by buckling where
sandwich composites would be the better choice. This of course might change when the stringer
pitch is varied and ultimately, the question arises as to which configuration offers the optimal structural
performance. Alternatively, a wing model with a lower span and aspect ratio can be considered given
that the loading and thereby the strains would be lower and larger sections of the wing may be sized
by buckling. The presented approach is well-suited to make precisely such studies.
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