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Abstract

This thesis offers an open-source alternative tool for the implementation and assessment
of various attitude control systems for microsatellites. Spacecraft GNC Toolbox, a software
toolbox written in Scilab environment was created for that purpose. The toolbox
provides an Application Programming Interface (API) and simulation block palette
to be used in Xcos environment. Spacecraft dynamics, sensors, actuators, external
disturbances, and controllers were modeled as Xcos blocks and their source code
was written in Scilab from the ground up. Owing to the fact that Scilab provides an
interface for code blocks in Fortran and C languages, the source code of environmental
models could be conveniently imported into the toolbox. The disturbance analysis
was carried out to estimate the worst environmental conditions for the Attitude and
Orbital Control System (AOCS). Attitude control modes were determined according
to the reference mission requirements. Considering control modes and disturbance
analysis results, adequate sensors (Gyroscope, magnetometer, and star tracker) and
actuators (reaction wheels and magnetorquers) for AOCS were selected. Quaternion-
based attitude controllers were developed using Linear Quadratic Regulator (LQR)
technique and its integral controller augmented form. The robustness of these controllers
was examined with Monte-Carlo simulations and worst-case analyses. After obtaining
the robust controllers, mode transition scenarios were conducted, in order to deduce
whether the designed controllers were practical and accurate. In the end, Spacecraft GNC
Toolbox, which was developed in Scilab/Xcos environment, was proven to be sufficient
for AOCS design since it allows engineers to develop controllers from the ground up
and evaluate them.
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1. Introduction

1.1. Prologue

During the Cold War era, there was a space race between the U.S. and the Soviet Union.
After the Soviets sent the first astronaut (Yuri Gagarin) and the first satellite (Sputnik-1)
to the space and National Aeronautics and Space Administration (NASA) successfully
operated Human Landing on the Moon in 1969 space agencies gained more public
interest [1]. Space agencies started to develop and enhance their space vehicles at their
own best until the co-assembling International Space Station in 1993. Then, the space
race became the "race with collaboration" [2].

In the 1990s, semi-automatic and robotic space missions have become more common
and developments in space technology were channeled towards those fields. Especially
after navigation satellites became public and sending the first CubeSats paved the
way for enhancements of satellite technology. As of 17th January 2024, there are 17483
artificial space objects orbiting around the Earth [3].

The developments in semi-automatic and robotic missions increased the need for
attitude and orbital control systems (AOCS) because, in current technology, onboard
operation of attitude stabilization and maneuvers is a more efficient method than
operating them from Ground Station. Advances in computation technologies, sensor
fusion, and control algorithms enabled engineers and scientists to implement more
accurate and complex observation and control strategies for a satellite.

As of January 2024, satellite attitude control systems may be simulated via the most
common writing software blocks, like Fortran, C/C++, Python, and so on. In the
1980s, Matlab, a programming and numeric computation environment was developed,
which could interactively solve Ordinary Differential Equations and Control Systems
[4]. Simulink, which is a model-based dynamics simulation environment tool, was
developed for Matlab, in order to have a more intuitive approach to dynamics systems
design. Matlab/Simulink is widely used in satellite attitude dynamics simulations. At
the beginning of the 1990s, developers of the French National Institute for Research in
Digital Science and Technology (INRIA) devised an open-source numeric computation
and programming environment, Scilab [5]. Then, Xcos, which corresponds to Simulink
in Matlab, was developed as a tool for Scilab.
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1.2. Motivation

Today’s most numeric computation software tools are not open source and profit-
oriented. Therefore, most of their source codes are not published and the development
line of source codes is limited to a certain community. Considering today’s exponentially
growing space community, the need for an open-source software tool for space systems
and subsystems has arisen. At this time, in this thesis work, the attitude control system
development in Scilab was considered as a starting point.

The main objective of this thesis work is to investigate to which extent and how accurate
an attitude control system for a satellite, with predefined mission constraints, could
be developed in Scilab framework. For that purpose, Spacecraft GNC Toolbox for Xcos
platform was created, which contains simulation blocks for the satellite attitude control
system. Blocks of the toolbox mainly model satellite attitude dynamics, hardware,
and external disturbances on attitude dynamics. This thesis work will explain the
development process of these blocks thoroughly.

The second aim of the thesis is to implement and test an attitude control system, which
will be ready for further AOCS design phases. A representative reference mission
was provided for this thesis work. Considering the reference mission requirements,
controller modes and their transitions were designated, in order to construct a state
machine inside AOCS, which provides autonomy to the system. Designed controllers
and their autonomy will be extensively examined in the thesis work.



1.3. Structure

1.3. Structure

In order to accomplish objectives given in Section 1.2, this thesis work falls into five
chapters and the appendix section. As a brief notation, they are:

Chapter 2 explains all the terminologies used in the design and evaluation of an
ACS.

Chapter 3 describes the methodology employed in the software development of
Scilab /Xcos blocks to be used in ACS.

Chapter 4 aims for the selection of adequate hardware for ACS. This chapter
explains the selection process from the ground up. Starting from the reference
mission description, this chapter verifies the generated orbital parameters in
Scilab environment, defines controller modes accordingly, performs a disturbance
analysis, and then makes the hardware selection.

Chapter 5 expresses the development process behind attitude controllers for all
modes defined in Chapter 4. The test methodology of these controllers is described
there as well.

Chapter 6 comments on the results of the thesis work, investigates whether the
results meet the thesis objectives, and makes a conclusion to it.

Appendix contains the solar cycle graph, Spacecraft GNC Toolbox blocks on Xcos
palette, additional plots obtained from the controller development phase, and
Xcos simulation diagrams.






2. Background

2.1. Coordinate Frames and Time Scales

In physics, reference frames are used for explaining laws of motion. There are two types
of reference frames: Inertial and non-inertial. Inertial reference frames are reference
frames, that comply with Newton’s first law of motion, which states: "Every particle
continues in its state of rest or uniform motion in a straight line relative to an inertial reference
frame, unless it is compelled to change that state by forces acting upon it" [6]. In other words,
the magnitude and the direction of the motion of the inertial reference frame should
not change. According to Einstein’s Equivalence Principle, all physical laws have the
same form in inertial reference frames [7].

International Astonomical Union (IAU) is an international organization that defines
universal reference systems, which constitute Inertial reference frames. Examples of
inertial reference frames are the Geocentric Celestial Reference System (GCRS) and
the Barycentric Reference System (BCRS). While BCRS has the origin at Solar System
Barycenter, GCRS has the origin at Earth’s center of gravity [8]. They are both bound to
the same general relativity framework with specified metric tensors and have the same
orientation. For practical purposes, the International Celestial Reference System (ICRS)
is defined, which is identical to BCRS [8].

As for time scales, BCRS comes with Barycentric Coordinate Time (TCB) and GCRS
comes with Geocentric Coordinate Time (TCG). International Atomic Time (TAI) is
the time scale that originated from Cesium 133 transition measurements taken from
various regions on Earth [8]. Other time scales are using Earth rotation, which is subject
to perturbations over time. Therefore the Earth’s rotation is continuously observed by
Very Long Baseline Interferometry (VLBI) [8]. Since TCG runs slightly faster than SI
seconds on Earth’s surface, Terrestrial Time (TT) was designated in order to have a clock
running at the same rate [8]. TT is 32.184 seconds ahead of TAI [8]. For the convenience
for astronomers and scientists, a time epoch named J2000 was designated, which is
equal to January 1 2000 11:58:55.816 UTC+0 and 2451545.0 TT [9].
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2.1.1. Earth Centered Inertial Frame

ICRS lies on the true celestial equator and one celestial pole on J2000 epoch, given
through Earth precession and nutation models, with respect to the galaxies [10]. ICRF is
a realization of ICRS. 2000 or MJ2000 (Mean J2000) defines an inertial reference frame,
which has the angular distance of 0.1” from ICRF [11]. ECI is the Earth centered J2000
frame, as shown in Figure 2.1. The X axis points towards vernal equinox, which is the
direction from the center of Earth towards the Sun on the first day of spring. The Z
axis is the North Celestial Pole, which is deviated 1 deg from the Pole Star, Polaris, and
the Y axis is the orthogonal complementary of above-defined X and Y axes [12]. For
astronomical purposes, any stars or galaxies are shown in J2000 frame by azimuthal
Right Ascension and elevational Declination angles from the Celestial Equatorial Plane,
making the slant range component excluded due to infinitesimal distance of those space
objects. In this thesis work, ECI is useful in defining Earth satellite orbits because those
types of orbits are independent of Earth rotation and any other acceleration and it
enables us to have Cartesian coordinates for each given timestamp.

ZJ2000

Earth’s Mean Rotational Axis
of Epoch

YJ2000

XJ2000
Mean Vernal
Equinox of Epoch

{ Mean Equator

of Epoch
— -*

Source: researchgate.net

Figure 2.1.: Earth Centered Inertial Frame

2.1.2. Local Vertical Local Horizontal Frame

When a coordinate system with one of its axes pointing towards Earth’s center of gravity
(Nadir), the other one showing the velocity vector LVLH frame is used. According to
the frame definition, the Y-axis is the negative orbital angular momentum vector, the
Z-axis is the Nadir vector, and the X-axis is the right-hand orthogonal complement
of the Y and Z axes. When the satellite has a circular orbit, the X-axis becomes the
tangent vector. In this thesis work, this frame is used for Nadir and Zenith pointing
mode controllers defined for AOCS.
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Source: Biose et. al, 2017

Figure 2.2.: LVLH Frame

2.1.3. Satellite Body Frame

The satellite body frame is a frame fixed in the spacecraft. Body frames are used in
expressing physical laws of motion with respect to the satellite structure and AOCS
hardware [12]. In general, the origin of the Body Frame is selected as the center of
gravity of the satellite. The X, Y, and Z axes can be selected arbitrarily. However, they
are selected regarding mission requirements and payload activities. In this thesis work,
the body frame definition is given in Section 4.1.
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2.2. Orbital Mechanics

According to Kepler Laws of orbital motion, the orbital motion equation is given in
Equation 2.1, where r is the distance from the focal point, / is the magnitude of angular
momentum, u is the Earth gravitational constant, e and 6 are the eccentricity and true
anomaly, respectively, that will be explained in detail [13].

W1

r_ﬁl—l—ecosé (2.1)

According to Curtis [13], Keplerian and their derived elements can be calculated by
using Equation 2.1, which are given below:

Perigee: The point on the orbit having the minimum distance to the Earth. On Figure
2.3, it can be shown as rp = |EP].

Apogee: The point on the orbit having the maximum distance to the Earth. On Figure
2.3, it can be shown as 4 = |AE]|.

Semi-major axis: The point on the orbit having the maximum distance with the orbital
center point. It can be found in Equation 2.2.

_ra+71p
4= H (2.2)

Eccentricity: The ratio for definition and parametrization of conic sections. Equation 2.3
gives the eccentricity of the orbit. If e equals to zero, that means the current trajectory
(conic) that the satellite follows, is the perfect circular orbit. When the eccentricity is in
between o and 1, the conic is defined as an elliptical orbit. When it gets higher than or
equal to 1, the conic does not constitute an orbit (parabola and hyperbola).

TA—Tp
e —=
ra+71p

(2.3)

True anomaly: The angle measured at the Earth between the perigee passage and the
current position of the satellite. On Figure 2.3, it can be shown as 6.

Eccentric anomaly: The angle measured at the orbit center between perigee passage
and the projection of the satellite positon to a virtual circular orbit. On Figure 2.3, it can
be pointed out as E. It can be derived from true anomaly with Equation 2.4.

¢ E 4 6 1—e
an<§>—an(§) T+e (2.4)
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Mean anomaly: Dividing the time since perigee passage to the orbital period and
converting the result to radians or degrees give the mean anomaly. It may be derived
from eccentric anomaly with Equation 2.5.

M =E —esinE (2.5)

Inclination: The angle between the orbital and reference plane. It is shown as i on
Figure 2.4, when the Earth’s equatorial plane is shown as gray plane, whereas the
orbital plane is yellow.

Ascending node: The point on the satellite orbit around the Earth, where the satellite
orbits from south to the north side of the equatorial plane.

Right Ascension of the Ascending Node (RAAN): The angle at the Earth from Vernal
Equinox vector to the ascending node eastward, when the ECI is taken as the frame of
reference. On Figure 2.4, it is pointed out as ().

Argument of perigee: The angle at the Earth from ascending node to perigee vector
with the direction of satellite motion. On Figure 2.4, it is defined as w.

N

Source: Satellite Icon: flaticon.com

Figure 2.3.: Orbital plane representation

Source: en.wikipedia.com

Figure 2.4.: Orbital parameters in three dimensions
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2.2.1. ], Perturbation

According to Wertz [12], if a satellite has an altitude of several hundreds of kilometers,
the major source of orbital perturbation is sourced from having an oblate spheroid shape
causing non-homogeneous (non-spherical) mass distribution of Earth. By intuition, due
to being conservative of gravitational force, the total energy, mean semi-major axis
and eccentricity of the satellite orbit do not change with the oblateness of Earth.
However, due to the secular variations, the average of other orbital parameters grows
monotonically [12].

As an analytical solution, the zonal variation of Earth’s gravitational force is modeled as
® in Equation 2.6. Then, @ is written as an infinite series given in Equation 2.7, where r
is the distance from the center of Earth, u is the Earth gravitational constant, ¢ is the
polar angle from +Z axis to the radial, J; are the zonal harmonics of the Earth, R is the
Earth equatorial radius, and P, are Legendre Polynomials. It is observed from Earth
zonal harmonics that the second harmonic (J) is the dominant harmonic with respect
to the others. Therefore, Equation 2.7 simplifies to Equation 2.8 [14].

V(r,¢) = —§ +O(r,¢) (2.6)
00 k
@) =1 L Je () Pecoss @7)
=2
2
D(r, ) = ]2_2§ (%) (3cos’p —1) (2.8)

Gauss planetary equations are a set of equations that give the time derivative of six
Keplerian parameters of any given orbit when the force of the perturbation source is
known [14]. After achieving the force model from Equation 2.8, the time change of
average osculating Keplerian elements are given below [14].

da

de

5= 0 (2.10)
dz

i (2.11)
iQ 3 J/HR? :

dt (EW COS1 (2.12)
do (3 J/ER? 5 5.

dt (Ea7/2—> (E simn-i1 — 2) (2.13)
o g (3 J/ER® 3 . 5.

dt — \ad ( 2472 (1 — 62)2 (1 R 1) (2.14)
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2.2. Orbital Mechanics

2.2.2. Sun-Synchronous Orbits

In Equation 2.12, when semi-major axis, eccentricity, and the inclination of the orbit are
adjusted so that the rate of RAAN equals to one rotation per year (0.9856 deg/day), the
orbit is defined as Sun-Synchronous Orbit since the orbit stays the same with respect to
the Sun, as Earth orbits around it [12]. This is advantageous for satellites surveying the
Earth’s surface or tracking surface changes, which requires constant illumination on
pre-defined specific portion of the Earth’s surface at the same local time over a given
latitude [12].

Hour Angle is the angular difference between the celestial meridian of the observer
and the object westwards [12]. Since Earth completes its rotation in 24 h, 15 deg hour
angle means 1 hour in time. The local hour angle of the Sun is called apparent solar
time, which adds 12 hours more [12]. Due to the variations in Earth’s rotational and
translational speed with respect to the Sun, the length of Solar day is not constant [12].
In order to ease the usage of Solar time, the mean Sun, an artificial point moving along
Earth’s equator with a constant rate, was defined. Mean Solar time or Local Mean Time
is the hour angle value of the mean Sun [12]. Local Time of Ascending Node (LTAN) is the
mean Solar time of the ascending node of the satellite orbit, which is supposed to be
constant at Sun-Synchronous Orbits [15].
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2. Background

2.3. Rotational Kinematics

The orientation of one frame with respect to another may be represented in four ways:
Direction Cosine Matrix, Euler Angles, Quaternions, and Rodrigues Parameters. In
the thesis work, quaternions are the most common method for the representation
because:

¢ Direction Cosine Matrices (DCM) consists of nine parameters for the representa-
tion and in time, numeric errors accumulate with every multiplication operation.
In this thesis work, they will be used as an intermediate step to achieve orbital
frame conversions.

¢ Euler Angles are intuitive and therefore, they might be used for visualization
purposes. Nevertheless, it has singularities for large angle rotations, which might
be quite detrimental for the simulation [16].

* Quaternions require only four parameters. It is not intuitive like Euler angles.
However, it is the common method for computations.

* Modified Rodrigues Parameters require one less parameter from quaternions
but it is not widespread like quaternions and it has not yet been introduced in
CelestLab.

2.3.1. Direction Cosine Matrix

A and B are reference frames consisting of right hand set of three orthogonal vectors
{m,a,a3} and {1;1, by, 1;3}, respectively. Every b: can be written as a linear combination
of 4j, which is shown in Equation 2.15. In this equation, C;; are the direction cosines
giving b; - aj and CB/4 is the DCM, which will be called as from A to B coordinate
transformation or rotation matrix in following sections and chapters [17].

b:l Ci1 Cr2 Cy3
by| = |C1 Cop Cp3
b3 Cs1 Ca Css

— cB/4 (2.15)

S5 R
S5 R

2.3.2. Quaternions

According to Euler’s Eigenaxis Rotation Theorem, the orientation of a frame related to
another can be changed by rotating the frame around inertial frame [17]. If the axis of
rotation remains unchanged for both frames, this is called Euler axis [17]. That means
every combination of the set of rotations can be expressed as a single rotation axis and
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2.3. Rotational Kinematics

the angle of rotation (¢) in overall, like Equation 2.16 [17].

el 1 |C—Ca s s
e= &2 = - C1 —Ciz|,e1+es+ez3=1 (2.16)

e3 C12 —Cy

Without loss of generality, four Euler parameters are defined, like in Equations 2.17a-
2.17d. Later on, those Euler parameters are called quaternions.

1 = cos <g) (2.17a)
g2 = e1sin (g) (2.17b)
43 = ez sin (g) (2.17¢)
4 = e3sin (g) (2.17d)

The time derivative of quaternions can be expressed in Equation 2.18 and 2.19 [17].

71 —q2 —q3 —4q4| | O
g2| _ 1 0]2 G —qa q3 | |w1 (2.18)
93 2 % qa ¢ —q2| |w2
qa —q3 42 A w3
B q * wPB (2.19)

2.3.3. Temporal Changes in Rotating Frames

w is the angular velocity vector of the body frame with respect to the inertial frame and
e is an arbitrary unit vector fixed in the Body Frame. The vector V is defined, whcih is
tixed to the body frame, as a linear combination of arbitrary ej, ep, and e3 vectors [18].
Then:

de _ =w Xe (2.20)

dt .20
3

V = Vier + Voep + Vzez = Z Vie; (2.21)

i=1
Z dt ZV’ dt (2.22)

Since e; vectors are attached to the body frame, the left summation in Equation 2.22 gives
the time derivative of the vector with respect to the body frame. Applying Equation
2.20 to the latter summation of Equation 2.22 gives the cross product of w and V.
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2. Background

The relation between changes in the vector related to inertial and body frame can be
explained in Equation 2.23 [18].

av av
(E)I = (E>B +wxV (2.23)
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2.4. Control Systems

2.4. Control Systems

In this thesis work, an attitude control system will be implemented in Scilab and several
control methods will be applied in Chapter 5. At first glance, it is evident that the
dynamics of the attitude control system are nonlinear since the state transitions contain
angular variables and functions, which are nonlinear and may contain singularities.
Solving nonlinear systems requires the utilization of complex functions and optimiza-
tion methods, which do not apply to onboard software. Therefore, after verification of
controllability, the theoretical deduction to linearization and stability analysis of the
system will be conducted. At the end of this section, Linear Quadratic Regulator (LQR)
controller is to be briefly discussed.

2.4.1. Linear Time Invariant Systems and Controllability

Linear Time Invariant (LTI) system state space representation is given in Equation 2.24,
where x is the state vector, u is the input vector, A is the system matrix, and B is the
input matrix. Wie states that the system is controllable if from any state to any state
change is possible through inputs [17]. Mathematically, the system in Equation 2.24
is called controllable if it satisfies Equation 2.25, where 7 is the number of rows of B
matrix [17].

x = Ax + Bu (2.24)
n=rank([[B AB A?B .. A""'B]]) (2.25)
2.4.2. Stability

According to Wie [17], a nonlinear system is defined in Equation 2.26 and its equilibrium
point is the point, where the system propagates zero state change for all of its states, as
in Equation 2.27. If this system has a bounded state vector, all of its states approaching
the equilibrium point are also bounded, like Equation 2.28, the system is defined as
Lyapunov stable. If the system is Lyapunov stable and every possible initial condition
results in reaching the equilibrium point, as in Equation 2.29, the system is called
globally asymptotically stable [17].

x=f(x,1) (2.26)
f(x*1)=0 (2.27)
5> ||x(to) —x*|| — e > ||x(t) —x*||, Vt > tpand ,¢ > 0 (2.28)
5> ||x(to) —x*|| — tlim x(t) = x*, Vx(tp) (2.29)

—00

If the perturbation z was introduced to x, like in Equation 2.30, the transformation in
Equation 2.31 might be made. If z is assumed to be small enough, the linearization with
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2. Background

Jacobian matrix in Equation 2.32 becomes possible [17].

x=x"+z (2.30)
z=f(x*+z1t) (2.31)
z= (%) z= Az (2.32)

After the linearization in Equation 2.32, the stability analysis can be made by only
analyzing the eigenvalues of the linearized system matrix A. If the real part of all
eigenvalues is negative, the system is to be declared asymptotically stable. Lyapunov
stability for such a system means having eigenvalues with non-positive real parts and
non-repetitive imaginary parts [17].

2.4.3. Linear Quadratic Regulator

Wise and Lavretsky express that Linear Quadratic Regulator (LQR) is a commonly used
control design method in aerospace because it has excellent performance, robustness,
and the minimize control usage [19]. Considering LTI system in Equation 2.33, the
infinite time LQR problem formulation is given in Equation 2.34, where | is named as
the cost function or quadratic performance index. Q and R are state and output cost
weighting matrices; they are positive semi-definite and positive definite, respectively. It
should be noted that (A, B) pair should be controllable, at least detectable and (A, Ql/2)
should be observable, at least detectable, in order for LQR algorithm to operate properly

[19].

X = Ax + Bu (2.33)
— [T (ar TRu)d .

] /0 (x Ox+u u) t (2.34)

(2.35)

In this method, engineers try to find Q and R matrices giving the least value of |, by
trial-and-error process. After that, P matrix in Equation 2.36 has to be found to achieve
the optimal control feedback gain matrix, K in Equation 2.37. As a result, Equation 2.33
becomes Equation 2.38.

0=PA+ATP+PBR'BTP+Q (2.36)
u=—-R 'BTPx = —Kx (2.37)
%= (A—-BK)x (2.38)
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2.4. Control Systems

2.4.4. Linear Quadratic Regulator with Integral Action

According to Jaen et.al. [20], although LOR controllers offer an optimal response at the
output, it does not guarantee the elimination of zero order steady-state error. Thus,
introducing integral action to LQR controller will help remove the zero-order errors
due to step references and disturbances [20]. Then, Equation 2.38 becomes 2.39, where
v is the time integral of x, K; is the integral gain, and KR is the gain matrix calculated
in LOR method.

% = (A—BKror) x+ K (2.39)
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3. Modeling

This chapter is dedicated to the modeling process of spacecraft attitude dynamics,
hardware, and external disturbances as Scilab/Xcos simulation blocks under Spacecraft
GNC Toolbox. The software development of the toolbox blocks was performed with the
API of Scicos, which is the predecessor of Xcos discontinued in 2016 [21]. The Xcos
palette view of the toolbox is shown in Figure A.2.

Scicos simulation blocks might be implemented by writing interface and computational
files to each of them in Scilab language [22]. In the interface file, input-output vectors/-
matrices, state variables, and parameters of a Scicos block are declared and the block
activation source is set [22]. The output and state vectors” computation time might
depend on external event trigger input or being “always active”, in which the Scilab
block generates its own calculation requests when needed [22]. Scilab blocks compute
their state vector transitions or output vectors in computational files. Computational
files could be written in Scilab, C, and Fortran languages [22]. As a notice, this thesis
work ensures the consistency of Spacecraft GNC Toolbox until February 2024. Since the
toolbox is open source, these blocks are open for development and their properties are
changeable.

3.1. Rigid Body

In the context of the thesis work, the satellite is to be modeled as a pure rigid body. In
other words, the elasticity of materials and the structure, slosh movement due to the
liquid content in thrusters are ignored. According to Hughes [23], enables at most six
degrees of freedom for attitude computations.

The angular momentum of the rigid body rotating around a fixed point is given in
Equation 3.1. After the utilization of three-dimensional Cartesian coordinates into
Equation 3.1, Equations 3.2a-3.2f are achieved, where I is the moment of inertia tensor
of the body. Then, Equation 3.1 becomes 3.4 [24].

H = / [r X (w xr)|dm (3.1)
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3. Modeling

Ly = / <y2 + zz> dm (3.2a)
Ly = / <x2 + 22> dm (3.2b)
Yy = / <x2 + y2> dm (3.2¢)
Ly = Iyxy = /xydm (3.2d)
L, =L,y = /xzdm (3.2€)
Ly, = Iy = /yzdm (3.2f)
Hx Ixx _Ixy _Ixz Wy
Hyl = |—Ly Ly —Iyz| |wy (3:3)
HZ —Ixz _Iyz Izz Wy
H=lw (3-4)

V in Equation 2.23 is to be replaced with the angular momentum vector of the satellite
rigid body, H. The resultant equation, given below as Equation 3.5, is called Euler’s
equation [17].

JH\  (dH s
(E)I_(dt>3+w X Hioy (3.5)

In Equation 3.5, the angular momentum stays constant in the inertial frame, when
external torques are absent. That means angular momentum change in the inertial
frame is replaced with external torque T. In the rigid body model, external disturbances
and actuator output torques are the only possible external torque sources. Hp, is the
overall angular momentum vector of the satellite with respect to the Body Frame, which
consists of the angular momentum of the rigid body and reaction wheels, as shown in
3.6.

HE, = HB + Z;H,?,,,i (3.6)
1
(d—H) ~ TP x HE, 5)

In the simulation, Rigid Body block employs Equation 2.19, 3.4, and 3.7 to make the
time transition of those states. The Xcos block representation of Rigid Body model is
depicted in Figure 3.1 and the overall parameter and input-output table for Rigid Body
block is given in Table 3.1. The block is an “always-active” block, which means the
calculation of state transition and output vectors are independent of external events
and external calculation requests.
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3.1. Rigid Body

Figure 3.1.: Rigid Body block implemented in Xcos

H Name Type | Variable Type H
Moment of Inertia of the overall body Parameter | 3x3 Double
Initial Attitude Quaternion Parameter | 4x1 Double
Initial Angular Velocity Parameter | 3x1 Double
Total External Torque Input 3x1 Double
Total Reaction Wheel Angular Momentum Input 3x1 Double
Current Quaternion Attitude Output 4x1 Double
Current Angular Velocity Output 3x1 Double
Angular Quaternion State 4x1 Double
Attitude Velocity State 3x1 Double

Table 3.1.: Rigid Body Block I/O Table

21



3. Modeling

3.2. Disturbance Torques

In Wertz’s opinion [12], the dominant disturbance torque sources are atmospheric drag,
Earth’s magnetic field, gravity gradient, solar radiation pressure, and micrometeorites.
The reference mission of this thesis work states that the possible altitude values of the
satellite lie between 500km and 650km. Thus, Solar radiation pressure, which is effective
on interplanetary missions, and micrometeorites, which have no model are excluded
from simulation dynamics [12].

3.2.1. Gravity Gradient

In the space environment, the gravitational field is not uniform and therefore, the
gravitational force may display position-specific variations in both magnitude and
directions. This variation results in gravitational torque applied on space objects around
their center of mass. This phenomenon is used by Lagrange to explain why the Moon
has always the same face toward Earth [23].

Source: Redrawn from Hughes, Figure 8.2 [23]
Earth Icon: wikipedia.com

Figure 3.2.: Gravitational field demonstration of Earth on a space object

Figure 3.2 depicts the Earth’s gravitational field on any space object. Referencing Figure
3.2, Equation 3.8 was formed [23], in order to find the total gravity gradient torque
on a spacecraft in an inertial frame, Té{g. Then, Equation 3.8 becomes Equation 3.9,

where yg is the gravitational constant of Earth, r! is the position vector of the spacecraft
from Earth’s center of mass, e,! is the position unit vector of the spacecraft, and I' is
the moment of inertia tensor of the spacecraft with respect to the inertial frame. This
equation assumes that only one celestial body (Earth) applies the gravitational field, the
mass distribution of Earth is spherically symmetrical, the spacecraft constitutes a single
body, and the mass of the spacecraft is negligibly small [23]. If the moment of inertia
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3.2. Disturbance Torques

tensor is only given in the body frame, Equation 3.10 can be utilized. If the resultant
gravity gradient torque is desired in body frame, Equation 3.11 may be used.

r* x R*
TI = — / dm 8
88 HE v R (3.8)
3
Teg = —(ﬁfs (erI x I Ier1> (3.9)
[ = cB/IT B B/ (3.10)
Tg, = CP/1 Ty, (3.11)

As discussed in Section 2.2.1, the gravitational field of Earth shows zonal variations,
which are approximated by the second degree of harmonics, called J,. The implementa-
tion of ], perturbation on gravity gradient torque is shown in Equation 3.12 [25]. In this
equation, J, is the second harmonics coefficient, Rr is the equatorial radius of Earth,
and other parameters are shown in Equation 3.13 and 3.14 [25].

3upR? lyz 15upR% T ~

TL ., =TI — —=t | —1 ry | x (Ir!
832 =88 ()5 il I N e (Ir")
21
151 R? xz
P’E—Iggzrz < 21, _ (3.12)
2(r!) Lix + Ly + L,
105ugR2 Jor2
HE ngzrz (r’ « (Ilr1)>
2(rh)
, where
. -O.S(Ixx - Iyy - Izz) —Ixy —Ixz
I == _Ixy O.5(Iyy - Ixx - Izz) _Iyz (3.13)
B _Ixz _Iyz OS(IZZ - Ixx — Iyy)
I 7 ; Lix Ly Ix:
r=|ry|, I = |Ly Ly IL: (3.14)
| 7z Iy, Iyz I,

In the simulation, depending on ], variation enable/disable control from block pa-
rameters, Gravity Gradient block employs Equation 3.9 or 3.12 to calculate resultant
gravity gradient torque output, without making any state transitions. The Spacecraft
GNC Toolbox block representation of Gravity Gradient block is given in Figure 3.3. The
overall parameter and input-output table for Gravity Gradient block is given in Table
3.2. The block is an "event-based" block, in terms of Xcos/Scicos environment, which
means the calculation time of outputs is external event dependent.
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Figure 3.3.: Gravity Gradient block implemented in Xcos

H Name Type | Variable Type H
Moment of Inertia of the overall body | Parameter | 3x3 Double
J2 variation enable/disable Parameter | 1x1 Integer
Current Attitude Quaternion Input 4x1 Double
Current Inertial Position Input 3x1 Double
Gravity Gradient Torque Output 3x1 Double

Table 3.2.: Gravity Gradient Block I/O Table
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3.2.2. Atmospheric Drag

Spacecrafts orbiting around the Earth can dissipate their energy by atmospheric drag
and then, they tend to descend towards Earth. This is a significant issue that affects the
lifetime of space missions for altitudes, where the atmosphere can be perceived [23].
For some altitudes, the lifetime of the mission can be enough but aerodynamic torques
become in-negligible, and therefore, atmospheric drag needs to be taken into account
for modeling space environment [23].

The precise modeling of the atmospheric drag requires the employment of molecular
momentum transfer analysis and a probabilistic approach. For simplicity purposes, the
momentum transfer from molecules to the spacecraft surfaces is assumed to be perfectly
inelastic, the mean motion of the atmosphere is much smaller than the speed of the
spacecraft, and the relative motion between surface elements is much smaller than
the speed of the center of the mass for rotating spacecraft [23]. As a result, Equation
3.15 gives the atmospheric drag torque on the spacecraft, where H(x) is the Heaviside
function of x, r is the position vector of dA with respect to the center of mass, p is the
atmospheric density, Cp is the drag coefficient, which is found empirically [26], V§§ is
the atmospheric velocity related to the Earth’s surface, and « is the angle of attack [23].
The angle of attack may be found in Equation 3.16, where n4 is the surface normal

[23].

T2, = # H (cosa) pCpVE cosardA x Vg (3.15)

cosw = V;? Ny (3.16)

Equation 3.17 gives the velocity of the satellite with respect to the Earth’s atmosphere,
where V! is the velocity of the spacecraft, R! is the position of the spacecraft, and wk is
the Earth rotation vector, all of them being related to the inertial frame [26]. Equation
3.17 simplifies to 3.18 [26].

Vi=V+wl xR (3.17)
X+ Wgy
Vg =B/ |y — wex (3.18)
z

In the reference mission description, it is defined that the satellite is designed to have a
cube shape, which has six different perpendicular surfaces. As a result, Equation 3.15
becomes Equation 3.19.

B __
Tatm -

6
H (cos a;) PCDVE,. cosw;Ajr; X V}é (3.19)

i=1
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The atmospheric density p is estimated via position-dependent atmospheric models.
The most common atmospheric models are US Standard Atmosphere 1976 (US76),
US Naval Research Laboratory Mass Spectrometer and Incoherent Scatter Radar 2000
(NRLMSISE-00), Drag Temperature Model 2013 (DTM2013), and Jacchia-Bowman 2008
(JB2008) [27]. US76 is a static atmospheric density model, in which the atmospheric
density depends on only the satellite’s altitude [28]. The remaining atmospheric models
are categorized as empirical. The atmospheric density depends on the position and
time of the satellite, in order to take the effect of diurnal and Solar cycles on the
atmosphere into account. NRLMSISE-oo gives the density of Np, Oy, Ar, He, O, H, N,
anomalous oxygen, and their total by employing harmonic equations for each element
and it depends on the solar flux at the wavelength of 10.7 cm (F10.7) [27]. JB2008
adds the extreme ultraviolet index (510.7), Mg II index (M10.7), and Lyman-x and
X-Ray weighted index (Y10) to F10.7 in order to calculate thermospheric heating more
accurately [27]. DTM2013 employs the similar harmonic equations with NRLMSISE-oo
but with F30 index instead of F10.7 [27].

As of January 2024, the Fortran source codes of the above-mentioned atmospheric
density models are available at NASA Community Coordinated Modeling Center
(CCMCQC) website [29]. Since Scilab allows users to call Fortran routines, all of these
models can be used in Xcos simulations [30]. CelestLab v3.4.2 library under Scilab
2023.1.0 contains US76 and NRLMSISE-oo models. NRLMSISE-oo was selected as the
atmospheric density model, due to its higher accuracy than USy6. In earlier versions
of Scilab (5.5.2) and CelestLab (v3.2.1), there were only USy6 available and therefore,
NRLMSISE-oo Fortran source code was downloaded from CCMC website and Scilab
was calling its proper subroutines successfully.

The selection of the atmospheric density model of Atmospheric Drag block in Xcos is
parameterized in between USy6 and NRLMSISE-oo. This block uses Equation 3.16, 3.18,
and 3.19 to calculate aerodynamic torque on the satellite. The Xcos implementation of
Atmospheric Drag torque block is given in Figure 3.4 and the overall parameter and
input-output table for Atmospheric Drag block are given in Table 3.3. The block is an
"event-based" block, in terms of Xcos/Scicos environment, which means the calculation
time of outputs is external event dependent.

Figure 3.4.: Atmospheric Drag torque block implemented in Xcos
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H Name Type ‘ Variable Type H
Atmospheric Mass Density Model Parameter | 1x1 Integer
81 Day Avg. of F10.7 Flux Parameter | 1x1 Double
Daily F1o0.7 Flux Avg. for the previous day Parameter | 1x1 Double
Drag Coefficient of the Satellite Parameter | 1x1 Double
Alignment of the cube e eee.r.t. Body Frame (RPY Angles) | Parameter | 3x1 Double
Cube Length of the Satellite Parameter | 1x1 Double
Geometric Center Coordinates w.r.t. Body Frame Parameter | 3x1 Double
Current Position w.r.t. Inertial Frame Input 3x1 Double
Current Velocity w.r.t. Inertial Frame Input 3x1 Double
Current Attitude Quaternion Input 4x1 Double
Current Time in Modified Julian Date Input 1x1 Double
Aerodynamic Torque Output 3x1 Double

Table 3.3.: Atmospheric Drag Block I/O Table

3.2.3. Earth Magnetic Field

In early nineteenth century, German mathematician Karl Gauss started a systematical
study on Earth Magnetic field. The strength of Earth magnetic dipole is around 7.96 x
10"®Wb.m, which annually drifts westward [12]. The magnetic field is the weakest at
magnetic equator, which is around 3 x 107°T at the surface. After utilization of Maxwell
equations with well-known Earth magnetic field anomalies, the scalar magnetic potential
at any point near Earth can be given as the sum of spherical harmonics, like in Equation
3.20 [12]. In Equation 3.20, V is the scalar magnetic potential, a is the Earth equatorial
radius, g and hj; are Gaussian coefficients, r is the distance from the center of Earth, 6
is co-elevation, ¢ is the East longitude, and P;*(0) are Legendre functions [12].

N 1 n+1
V(r,6,¢) = Z Z ( ) (g cos mep + " sinmeg) P () (3.20)

The set of Gaussian coefficients that models Earth magnetic field is named as The
International Geomagnetic Reference Field (IGRF). The first IGRF model, IGRF-1 was
published in 1968. Depending on Earth magnetic field measurements and predictions,
IGRF coefficients are revised generally every five years. The latest model is IGRF-13
published in 2019, whose validity period is from 1900 to 2025 and can give predictions
until 2030 [31]. Scilab offers IGRF-12, the previous version of IGRF-13, which can give
predictions until 2025. Since the mission timeline is planned between 2028 and 2030,
the utilization of IGRF-13 was necessary and therefore, the Fortran source code of
IGRF-13 was downloaded from the website [32] and imported to Magnetic Field block
of Spacecraft GNC Toolbox.

For Attitude Control System (ACS), the magnetic field vector is being used in the
estimation of magnetic field disturbance due to satellite residual magnetic dipole
moment and torque generation by the help of magnetorquers, will be mentioned in
Section 3.3.5. Depending on the input parameter, the block runs the IGRF-13 Fortran
subroutine or Scilab IGRF-12 function to get the magnetic field vector at a given position
and time with respect to the Earth Centered Fixed Frame (ECF), which rotates with
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Earth. The block simply multiplies the magnetic field in a fixed frame with a rotational
transformation matrix, as in Equation 3.21, to get the magnetic field vector in ECI frame.
For simplicity purposes, the magnetic field disturbance torque is calculated inside
magnetorquer block.

B! = c!/FBF (3.21)

Figure 3.5.: Magnetic Field propagator block implemented in Xcos

Name Type Variable Type
Magnetic Field Model Parameter | 1x1 Integer
Current Position w.r.t. Inertial Frame Input 3x1 Double
Current Time in Modified Julian Date Input 1x1 Double
Magnetic Field Vector w.r.t. Inertial Frame | Output 3x1 Double

Table 3.4.: Magnetic Field Propagator Block I/0O Table
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3.3. Hardware

AQOCS systems use digital hardware for executing attitude determination and control
tasks. In the space technology of 2023, gyroscopes, accelerometers, magnetometers,
sun sensors, Earth sensors, and star trackers are used in attitude determination-related
operations, and reaction wheels, momentum wheels, control moment gyroscopes, mag-
netorquers, attitude thrusters are used as attitude control actuators [33]. In this thesis
work, star tracker, gyroscope, and magnetometer were selected as attitude determina-
tion sensors. The selected actuators are reaction wheel and magnetorquer. In addition,
the on-board computing unit is also explained in detail.

Yy Ys

Pmy

fiy >Xs
Pmz
Zpm
VA

Figure 3.6.: Misalignment error demonstration

All of ACS sensors and actuators are subjected to misalignment error, which defines
a constant attitude error related to the sensor frame . Misalignment errors might be
represented as Euler angles or quaternions. The illustration of misalignment error is
shown in Figure 3.6, where (Xs, Ys, Zs) comprises the sensor frame, (Xy;, Yo, Zy) is
the sensor frame with the misalignment error, and ¢nry, Pry, Pr, are misalignment
errors as Roll-Pitch-Yaw angles, respectively.

3.3.1. Star Tracker

Stars are inertially fixed objects in space and therefore, they constitute the most accurate
attitude determination source. Star trackers give arc-second level attitude output by
using the star catalog, which gives the magnitude, spectrum, and coordinates of stars
with respect to the ECI frame. Despite the high attitude accuracy of star trackers, they
have high complexity and relatively expensive hardware [33].

Star trackers simply consist of a digital camera with either Charge-Coupled Device or
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CMOS sensors. In operation, star trackers have two modes: Attitude acquisition mode
and tracking mode. In attitude acquisition mode, the sensor has no knowledge about
its attitude and tries to estimate its attitude by matching stars in the Field of View with
its star catalog [26]. In tracking mode, the attitude acquisition process was finished.
The main error sources of pixels on Star trackers are Shot Noise, Dark Current, and
Hot Pixels [26]. In order to eliminate those errors, high integration time is required,
which limits the angular rate at which it can operate [26]. The accuracy of two axes
perpendicular to the boresight (cross) of star tracker output is larger than roll (about)
axis accuracy, due to the root-mean-square distance of starts from the boresight [26].
Figure 3.7 illustrates the boresight and roll axes with respect to the star tracker.

Source: https://space.stackexchange.com

Figure 3.7.: Star Tracker boresight (cross) and roll (about) axes demonstration

I/S 1/S

_ N
q meas — qtrue

* qM * (3.22)

In the simulation, Star Tracker block employs Equation 3.22, where qfn/gc,;s is the sensor
attitude output in quaternions, q{r/use is the true value of the sensor attitude, qM is the
misalignment error in quaternion, as shown in Figure 3.6, and gV is the measurement
noise. The difference in accuracy values cross and about axis was taken into account
in the calculation of gN. This block also takes the angular rate of the rigid body with
respect to the inertial frame, in order to detect the event of angular limit excess. The Xcos
implementation of Star Tracker block is given in Figure 3.8 and the overall parameter
and input-output table for Star Tracker block is given in Table 3.5. The block is event-
triggered, in terms of Xcos/Scicos environment, which means the calculation of state
transitions and outputs are dependent on external events.
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Figure 3.8.: Star Tracker block implemented in Xcos

H Name Type Variable Type H
The attitude of Star Tracker frame w.r.t. Body Frame Quaternion | Parameter | 4x1 Double
Noise standard deviation in Cross and About axes Parameter | 2x1 Double
Misalignment error in Euler Angles (X-Y-Z) Parameter | 3x1 Double
Angular rate limit for the measurement Parameter | 1x1 Double
Current Quaternion Attitude w.r.t. BF Input 4x1 Double
Current Angular Rate of BF w.r.t. Input 3x1 Double
Attitude Measurement w.r.t. Star Tracker frame BF Output 4x1 Double
Status Flag (o: OK, 1: Angular rate limit exceeded) Output 1x1 Double

Table 3.5.: Star Tracker Block 1/O Table

3.3.2. Gyroscope

Gyroscopes give the angular rate of gyroscope frame with respect to the inertial frame.
They fall into two categories: Rate gyros giving the angular rate and rate integrating
gyros giving the angular displacement as output [26]. Gyroscope technologies up
to now are, Ring Laser Gyroscopes (RLG), Dynamically Tuned Gyroscopes (DTG),
Hemispherical Resonant Gyroscopes (HRG), Interferometric Fiber Optic Gyroscopes
(IFOG), and MEMS Gyroscopes.

1/G 1/G
wm/eas = wt,/ue + bgy + Sgy + Ogy + Ngy (3.23)
Gyroscope measurement output formula is given in Equation 3.23, where w,I,,/ef,;s is the
1/G

angular rate of Gyroscope frame related to inertial frame measurement output, w,/,;
is the actual angular rate value, bgy is the sensor bias, sgy is the gyroscope scale error,
0gy is the non-orthogonality error, and gy is the sensor noise [34]. In the simulation,
Gyroscope block employs Equation 3.23. In Spacecraft GNC Toolbox, Gyroscope block
has the capability of multiple axes gyroscope measurements. As of February 2024,
the Xcos implementation of Gyroscope block is given in Figure 3.9, and the overall
parameter and input-output table for Gyroscope block is given in Table 3.6. The block
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is event-triggered, in terms of Xcos/Scicos environment, which means the calculation

of state transitions and outputs are dependent on external events.

Figure 3.9.: Gyroscope block implemented in Xcos

H Name Type Variable Type H
The gyroscope measurement axes unit vectors Parameter | nx3 Double
Measurement noise mean Parameter | 1x1 Double
Measurement noise standard deviation Parameter | 1x1 Double
Measurement scale error Parameter | 1x1 Double
Misalignment error in Euler Angles (X-Y) Parameter | 2x1 Double
Angular Random Walk Parameter | 1x1 Double
Angular Rate Measurement Limit Parameter | 1x1 Double
The number of quantization bits Parameter | 1x1 Integer
Current Angular Rate of BF w.r.t. ECI Input 3x1 Double
Attitude Measurement w.r.t. Gyroscope frame Output nx1 Double
Status Flag (o: OK, 1: Positive Saturation, 2:Negative Saturation) | Output nx1 Double

Table 3.6.: Gyroscope Block 1/0O Table

3.3.3. Magnetometer

Magnetometers are the sensors that give the direction and the magnitude of the magnetic
field vector. These sensors are lightweight and require low power but they are not
precise due to the uncertainties in magnetic field [12]. Since Earth’s magnetic field is
inversely proportional to the distance from the center of Earth, the region of interest of
magnetometers is the sphere around the Earth with an altitude below 1000 km [12].

Anisotropic Magnetoresistive (AMR), Fluxgate, and MEMS are commonly used types of
magnetometers in microsatellite applications. Due to having the highest detectivity at
low frequencies, producing bipolar output, and being anisotropic, AMR magnetometers
gained popularity [35]. Fluxgate magnetometers consist of two different coils. The
primary coil produces a magnetic field, which will cause an ambient magnetic field to
appear at the second coil as a second harmonic [12]. MEMS-based magnetometers use
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Lorentz Force and Hall effect for magnetic field measurement [36].
B%e% = CM/BCB/IB{me + Nmm (3-24)

Equation 3.24 gives the Magnetometer measurement output, where BMM is the magnetic
field measurement related to magnetometer frame, Bj,,, is the actual magnetic field
vector with respect to the inertial frame, C/! is the rotation matrix from inertial to
body frame, CM/B ig the rotation matrix from body to magnetometer frame, and npm is
the sensor noise. In the toolbox, Magnetometer block employs Equation 3.24. This block
takes the magnetic field in inertial frame from Magnetic Field propagator block, which
was explained in Section 3.2.3. The Xcos implementation of Magnetometer block is
given in Figure 3.10 and the overall parameter and input-output table for Magnetometer
block is given in Table 3.7. The block is event-triggered.

Figure 3.10.: Magnetometer block implemented in Xcos

H Name Type | Variable Type H
Quaternion Attitude of magnetometer w.r.t. Body Frame | Parameter | 4x1 Double
Measurement noise mean Parameter | 3x1 Double
Measurement noise standard deviation Parameter | 3x1 Double
Magnetic Field vector w.r.t. ECI Input 3x1 Double
Current Quatertnion Attitude w.r.t. ECI Input 4x1 Double
Magnetometer Measurement w.r.t. Magnetometer frame | Output 3x1 Double

Table 3.7.: Magnetometer Block 1/O Table

3.3.4. Reaction Wheel

Momentum exchange devices help ACS distribute the angular momentum inside the
spacecraft. They consist of an electrical motor. Reaction wheels provide torque and
angular momentum to the spacecraft with its motor and zero momentum bias, unlike
momentum wheels. Nevertheless, the overall angular momentum of the satellite does
not change during their operation [33].

According to Sidi [33], there is a dynamic torque-momentum limitation for momentum
exchange wheels due to their output power capacity. In other words, as shown in
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Figure 3.11, the wheels cannot exert their maximum torque after reaching the angular
momentum threshold while conserving the power output. This is a significant aspect of
the wheels that was considered during the development of the Reaction Wheel block
on Scilab.

Source: Sidi, Spacecraft Dynamics and Control (1997) [33]

Figure 3.11.: Reaction wheel Torque-Angular Momentum plot

The Reaction Wheel block of Spacecraft GNC Toolbox applies the torque with Gaussian
noise in its nominal operation and integrates it to obtain angular momentum, which
is expressed in Equation 3.25. In this equation, L;,, is the angular momentum of each
wheel, T} is the torque exerted from the wheel, and # is the actuator noise.

dLT’ZU,‘

it = Ty, + 1 — Ly = /Trwi + ndt (3-25)

The inertia and friction of reaction wheels cause transient behavior in between current
and target rotation speed and torque of reaction wheels in their nominal operation
region. This transient is modeled as PT1 (First Order) Delay and explained in Equation
3.26 [37], where Tprq is the time constant of PT1 delay.

dTr'a)i Trwl - Tcmdrwl-

Sidi expresses that the reaction wheel reaches its power capacity before reaching
its angular momentum capacity [33]. For the region in between nominal operation
and angular momentum saturation, Equation 3.27 could be written where Py, is the
instantaneous power, I, is the moment of inertia of the wheel. By taking the partial
derivatives of reaction wheel rotational power from Equation 3.27, Equation 3.30 may
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be obtained.
Lrw,-(t) and dPTw,'

Prwi = Trwi(t) Lo At =0 (3-27)
0Py, Lyw, 0Py, Trw,

i i and [ i .28
0Trw,  Irw rw,  Irw (3.28)
dprwi aprwi dLrwi aPrwi dTrwi

= = (3-29)
At~ Ly dt | T, dt
dTI’W{ _ TTZU,' dLrw,- ( O)
dt Ly, dt 33

The Xcos implementation of the reaction wheel block is given in Figure 3.12 and the
power capacity test diagram is given in Figure 3.13 and the resultant plot is Figure
3.14. The diagram has a single reaction wheel, whose maximum angular momentum
value is 0.1N.m.s and maximum torque is 6 x 10=3N.m, and the input is T.,4(t) =
u(t) — 2u(t — 50) 4+ 2u(t — 100), where u(t) is the step function. According to the
resultant plot, when the angular momentum of the wheel exceeds the linear region
threshold (0.5N.m.s) in both signs and the sign of the torque is the same as the sign of
the angular momentum, the power output of the wheel is saturated. Hence, asymptotic
curves at the right-top and left-bottom side of Figure 3.14 occur. To notice, the reason
for jumps at left-top and right-bottom is the above-mentioned PT1 delay. The zero
lines at the leftmost and rightmost sides of Figure 3.14 are caused by the deliberate
implementation of zero torque at the No-Load case, when the angular momentum
capacity is reached. As a result, the torque-angular momentum relation of the reaction
wheel block of Spacecraft GNC Toolbox is approximated to the reality, as it might be seen
in Figure 3.11 and 3.14.

Figure 3.12.: Reaction Wheel block implemented in Xcos

Figure 3.13.: Reaction wheel power capacity test diagram
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Reaction wheel block of the toolbox has the capability to contain multiple wheels. Note
that, the block interface file allows for the inclusion of four reaction wheels, only three
wheel cases (without redundant wheels) were tested throughout the thesis work, how-
ever. Outside this block, Equation 3.6 and 3.7 give the Rigid Body angular momentum
state transition with reaction wheels. The overall parameter and input-output table
for the reaction wheel block are given in Table 3.8. The block is not an always-active
and not event-triggered block, in terms of Xcos/Scicos environment, which means the
calculation of state transitions and outputs are dependent on calculation requests only.
Therefore, the Sample/Hold block is utilized before the reaction wheel block, for the

Angular Momentum vs. Torque
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Figure 3.14.: Reaction wheel torque-angular momentum relation

purpose of discretization.
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Name Type ‘ Variable Type H
Single Reaction Wheel Moment of Inertia Matrix (Reserved) | Parameter | 3x3 Double
Spin axes of wheels w.r.t. BF Parameter | nx3 Double
Misalignment error in Euler Angles (X-Y-Z) Parameter | 3x1 Double
Single wheel angular momentum capacity Parameter | 1x1 Double
Single wheel momentum margin before saturation Parameter | 1x1 Double
Output torque noise mean Parameter | 1x1 Double
Output torque noise standard deviation Parameter | 1x1 Double
Wheel PT1 Delay Time constant Parameter | 1x1 Double
Torque Output (PT1 Delay) State nx1 Double
Angular Momentum Output State nx1 Double
Torque Command Input nx1 Double
Overall Torque Output w.r.t. BF Output 3x1 Double
Overall Angular Momentum Output w.r.t. BF Output 3x1 Double

Table 3.8.: Reaction Wheel Block I/O Table
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3.3.5. Magnetic Torquer

According to Sidi [33], magnetorquers generate torques on a spacecraft by generating
magnetic dipole moments for the purposes of momentum dumping and active nutation
control. Thanks to being lightweight, they are feasible alternatives to attitude thrusters

[33]-

The torque generated on an energized magnetorquer is given in Equation 3.31, where
TB, is the torque generated due to magnetorquers in BF, mB, is the magnetic dipole
of torquers, which depends on input command, and BB is the Earth magnetic field
vector coming from Magnetic Field block, mentioned in Section 3.2.3. As seen from
Equation 3.31, the torque created on magnetorquers is dependent on Earth’s magnetic
tield strength, which changes with the position of the spacecraft and the distance
from the center of Earth. Therefore, for higher altitudes, the torque output drops to
lower levels [33]. Moreover, since magnetorquers generate a magnetic field around
coils, including electronic components inside the spacecraft like magnetometers, the
operation of magnetorquers can disrupt magnetometer measurements [33].

T8, = B, < B e
N

18— E ) (CP187) 532
i=1

In order to calculate the overall magnetic torque on the spacecraft, The magnetic torque
equation should contain all components having magnetic dipole moment, which are the
residual dipole moment of the spacecraft and magnetorquer rods. Thus, Equation 3.31
becomes Equation 3.32, taking the Earth magnetic field input vector’s being defined in
the inertial frame into account. In Equation 3.32, T3, is the resultant overall magnetic

torque, mB, is the residual magnetic dipole moment of the spacecraft, mﬁ,ti is the

magnetic dipole moment of each magnetorquer rod, B! is the Earth magnetic field
vector in the inertial frame, N is the number of magnetorquer rods, CB/! is the rotation
matrix from inertial to body frame, and np; is the actuator noise. Magnetorquer block
takes the magnetic field in the inertial frame from magnetic Field propagator block
from Section 3.2.3. The Xcos implementation of magnetorquer block is given in Figure
3.15 and the overall parameter and input-output table for magnetorquer block is given
in Table 3.9. The block is designed to be event-triggered.

Figure 3.15.: Magnetorquer block implemented in Xcos
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H Name Type Variable Type H
Residual magnetic dipole moment of the spacecraft w.r.t. BF | Parameter | 3x1 Double
Unit vectors of torquers w.r.t. BF Parameter | nx3 Double
Torquer dipole moment positive saturation Parameter | nx1 Double
Torquer dipole moment negative saturation Parameter | nx1 Double
Single wheel momentum margin before saturation Parameter | 1x1 Double
Output torque noise mean in X-Y-Z axes of BF Parameter | 3x1 Double
Output torque noise standard deviation in X-Y-Z axes of BF | Parameter | 3x1 Double
Magnetic Dipole Moment Command Input nx1 Double
Earth Magnetic Field vector w.r.t. ECI Input 3x1 Double
Current Quatertnion Attitude w.r.t. ECI Input 4x1 Double
Overall Magnetic Torquer Output w.r.t. BF Output 3x1 Double

Table 3.9.: Magnetorquer Block I/O Table

3.3.6. On Board Computer

The onboard computers (OBC) perform the onboard attitude control via combining
onboard sensors and torquers through control laws and control strategies, according to
Wertz [12]. Since human interaction in space missions is limited to remote communica-
tion ACS, there is a need to onboard computers, in order to automate sensor readings,
run Guidance Navigation and Control algorithms, check the status of the spacecraft,
and conduct controller mode transitions.

In this thesis work, OBC is modeled as a single block named “Attitude Controller” for
Xcos simulations. This block employs attitude control equations stated in Chapter 5.
It constructs a map between control laws and the controller mode and executes the
control law depending on the mode. Mode definitions are given in Section 4.2 and the
control law selection with corresponding control modes is declared in Table 5.1. As an
early statement, since the attitude observer is out of the scope of this thesis work, the
sensor readings from star trackers and gyroscopes were assumed as attitude observer
outputs. Therefore sensors, actuators, and attitude controller block could have the same
clock input for time synchronization. Hence, the block was designed as event-triggered.
The Xcos implementation of attitude controller block in Spacecraft GNC Toolbox is given
in Figure 3.16 and the overall parameter and input-output table for the block is given in
Table 3.10.

Figure 3.16.: Attitude Controller block implemented in Xcos
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Name Type Variable Type
Nadir Pointing mode accuracy conditions Parameter | 2x1 Double
Zenith Pointing mode accuracy conditions Parameter | 2x1 Double
Inertial Pointing mode accuracy conditions Parameter | 2x1 Double
Moment of Inertia matrix w.r.t. BF Parameter | 3x3 Double
Gyroscope measurement axes w.r.t. BF (Reserved) | Parameter | nx3 Double
Reaction wheel actuation axes w.r.t. BF (Reserved) | Parameter | nx3 Double
Magnetorquer actuation axes w.r.t. BF (Reserved) | Parameter | nx3 Double
Quaternion integral gain Parameter | 3x1 Double
Slew mode quaternion control gain Parameter | 3x1 Double
Slew mode angular rate control gain Parameter | 3x1 Double
De-Tumbling mode technique Parameter | 3x1 Double
De-Tumbling mode actuator gains Parameter | 2x1 Double
Nadir pointing mode Q matrix Parameter | 6x6 Double
Nadir pointing mode R matrix Parameter | 3x3 Double
Zenith pointing mode Q matrix Parameter | 6x6 Double
Zenith pointing mode R matrix Parameter | 3x3 Double
Inertial pointing mode Q matrix Parameter | 6x6 Double
Inertial pointing mode R matrix Parameter | 3x3 Double
Star Tracker measurement output quaternion Input 4x1 Double
Star Tracker output status Input 1x1 Double
Gyroscope measurement output Input nx1 Double
Gyroscope output status Input nx1 Double
Magnetometer measurement output Input 3x1 Double
Current position w.r.t. inertial frame Input 3x1 Double
Current velocity w.r.t. inertial frame Input 3x1 Double
Control mode selection Input 1x1 Double
Inertial mode target attitude quaternion Input 4x1 Double
Attitude error integral quaternion Input 4x1 Double
Reaction wheel input torque command Output nx1 Double
Magnetorquer input torque command Output nx1 Double
Current control mode Output 1x1 Double
Current attitude error quaternion Output 4x1 Double
Current angular rate error Output 3x1 Double

Table 3.10.: Attitude Controller Block I/O Table
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4.1. Reference Mission Description

The figurative reference mission scenario suggests that the satellite will have a scientific
telescope that makes observations on space objects while orbiting the Earth. The main
aim of ACS is to meet the attitude stability and accuracy requirements, which are
dependent on mission phases. The mission orbit is selected as a Sun-Synchronous Orbit
to provide constant illumination. The minimum and maximum values of the desired
orbit parameters of the mission are given in Table 4.1.

H Name ‘ Minimum Value | Maximum Value Unit H
ACS Operational Start Date 01 Jan 2028 31 Dec 2030 Calendar Date

Altitude 500 650 km

Eccentricity 0 0.01 Unitless
Inclination® - - deg
Right Ascension of Ascending Node? - - deg
Argument of Perigee 0 360 deg
Start Mean Anomaly 0 360 deg

Table 4.1.: Mission Orbit Parameters

Section 2.2.2 suggests that eccentricity, semi-major axis, and inclination parameters
of the satellite orbit should be adjusted, in order to propagate a Sun-Synchronous
orbit. In this thesis work, this adjustment was made with “CL_op_ssoJ2” function of
CelestLab library, which gives the required inclination value, once the semi-major axis
and eccentricity were given as inputs. The verification of being Sun-Synchronous was
made through NASA General Mission Analysis Tool (GMAT) R2022a software. The
Keplerian elements of the orbit, given in Table 4.1 are provided as inputs to the software.
The mission start date was arbitrarily given as “o1 Jan 2028”, and the altitude was
selected as 500km. The resultant RAAN plot generated in GMAT software was given
in Figure 4.1. After the extraction of the RAAN plot to a file, the slope of the line in

'Inclination is calculated using Eq. 2.12 to keep having Sun-Synchronous orbit.
*Desired Local Time of Ascending Node is 06:00 a.m. See Section 2.2.2
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Figure 4.1 was calculated as 0.9926deg /s, which is approximate to the value found in
Section 2.2.2, 0.9856deg /s. This slight difference is sourced from having different gravity
models. Celestlab was using the Keplerian orbit propagator with |, perturbation, while
GMAT uses Joint Gravity Model-2 (JGM-2), which has more orders/degrees than the
CelestLab’s model. Therefore, despite such deviation, it is proven that the calculated
inclination value for having a Sun-Synchronous orbit, was correct and the mission orbit
was approved to be Sun-Synchronous.

Figure 4.1.: Elapsed days since mission start date vs. RAAN plot

Figure 4.2 illustrates the orbit in ICRF throughout 2028, which intuitively verifies that
the orbit is Sun-Synchronous. In Figures 4.2a to 4.2d, X, Y, and Z lines are vectors of
ICRF and the S line shown in yellow is the vector from the center of the Earth to the
Sun. From these figures, it can be deduced that the Sun vector has approximately the
right angle against the orbital plane and throughout the year, it does not deviate. This
also meets the LTAN requirement of being 06.00 a.m.
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As suggested in Section 2.1.3, the body frame of the satellite has the origin located at
its center of mass point. The scientific telescope points towards +Z axis. X and Y axis
share two perpendicular lateral axes, being orthogonal with Z axis as well. Apart from
body frame, the mechanical frame is defined inside the mission scenario, in order to
provide more understanding of operations with respect to the launch adapter of the
satellite. The mechanical frame origin is defined at the geometric center of the bottom
side of the satellite, which is also the geometric center of proposed launch adapter. The
illustrations of satellite body and mechanical frames are given in Figure 4.3 and the
mechanical properties of the satellite are given in Table 4.2.

Source: https://www.dlr.de/irs/desktopdefault.aspx/tabid-12525/21846_read-49985/

Figure 4.3.: Satellite body and mechanical frame definitions

H Name Value H
Shape Model Cube with 0.6m edge length
Weight 25.8kg
0.02
Center of Mass w.r.t. Geometric Center 003 | m

—0.05

167 0 O

Moment of Inertia3 0 16 0 |kgm?
0 0 157
Maximum Residual Magnetic Dipole Magnitude 1A.m?

Table 4.2.: Satellite mechanical properties

30ff-diagonal elements can be 10 percent large as diagonal elements
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4.2. Mode Definitions

In the lifetime of the mission, the satellite will take scientific recordings through the
scientific telescope. In order to handle every situation that could occur during the
mission, the operation of ACS has to be analyzed phase by phase. In the figurative
reference mission, there are three pre-defined nominal operational modes. They are:

* Safe Mode (SAFE): When there is no requirement of scientific activity, the satellite
is supposed to point towards Nadir direction to protect the telescope.

* Scan Mode (SCAN): When space observation is initiated, the space telescope
should point towards Zenith direction.

* Inertial Pointing Mode (IPM): If any of the desired space objects is found in
space, the satellite should stay stationary with respect to the inertial frame to
observe the space object and take proper recordings on the scientific telescope.

From the controller design perspective, those phases are named as controller modes to
make a distinction in the state machine, which is developed in OBC. OBC is responsible
for triggering and controlling mode transitions. According to European Cooperation
for Space Standardization (ECSS) [38], AOCS should be able to:

* Provide a safe state of satellite for emergency and anomaly situations,

* Make the transition from initial attitude and angular rate to final mission pointing
mode,

* Ensure the attitude for mission requirements like inertial pointing to scientific
targets,

* Define special attitude modes for the overall system, like attitudes for enabling
communication and power input from solar panels,

* Provide intermediate attitude modes between mission phases,

e Execute orbit control maneuvers,

* Reach safe attitude and angular rate mode autonomously, in the events of anoma-
lies,

* Trigger mode transitions by Telecommand, autonomously onboard, and failure
occasions.

For this thesis work, only the attitude control system is analyzed and therefore, the
orbit control system is excluded. In addition, special attitudes for communication and
solar panels are excluded since there is no specification for them yet. In order to meet
the remaining requirements mentioned in the list above, ACS control algorithm defines
seven different modes, which are Initialization Mode, De-Tumbling Mode, Coarse
Acquisition Mode, Safe Mode, Scan Mode, Inertial Pointing Mode, Fine Acquisition
Mode, and Suspend Mode.
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Initialization Mode (INIT): This is the mode that ACS goes in after or short before
the separation from the Launch Vehicle (LV). In that mode, sensors and actuators
are initialized and tested. Any problem that occurs in this state will cause ACS, and
then mission failure. The state machine makes a transition to De-Tumbling Mode
automatically on success.

De-Tumbling Mode (DTM): If the satellite has an angular velocity larger than the
desired mode boundaries, the satellite should first damp the rotation itself and then
change its mode to any other desired one. In De-Tumbling Mode, ACS system makes
the transition from INIT mode to CAM mode by de-tumbling the satellite. The state
machine then switches the state automatically to CAM on success conditions. Any
error that occurs in this mode causes Suspend Mode entering, since if any error that
cannot be handled in DTM means ACS has nothing else to recover the satellite and
extraordinary measures need to be taken in fault recovery modes, which is outside the
scope of the work.

Safe Mode (SAFE): The ACS needs to have Safe Mode, in which the satellite can enter
and stay in it easily than other modes, for the purpose of keeping the satellite attitude
under control more easily and robustly. The ACS enters SAFE from CAM, in order to
align the Z-axis of Body Frame of the satellite (where the Telescope is located) to the
Nadir direction. If a Telecommand with mode change command arrives, the ACS exits
from Safe Mode to other nominal modes. Any error that occurs in Safe Mode results in
switching back to DTM.

Scan Mode (SCAN): The ACS enters Scan Mode from Fine Acquisition Mode to
have Body Frame Z-axis of the satellite is on Zenith direction. Like Safe Mode, the

Telecommand can cause the exit from SCAN to SAFE or FAM mode, while an error can
set it back to SAFE.

Inertial Pointing Mode (IPM): When the telescope on the satellite detects one of its
target space objects in the sky, the ACS should lock itself through that object in Inertial
Frame, which is defined as Inertial Pointing Mode. Like SAFE and SCAN modes, the
Telecommand can cause the exit from IPM to SAFE, while any error in this mode means
Safe Mode entering.

Coarse Acquisition Mode (CAM): Coarse Acquisition Mode is a transient mode of ACS.
This mode can be automatically entered, when the attitude is in controllable boundaries
(outside DTM boundaries) or after a Telecommand with the mode change command
arrives.

Fine Acquisition Mode (FAM): ACS makes transition between IPM, SCAN, and
SAFE modes with FAM. Slew mode is another nomenclature for FAM. ACS cannot
automatically enter this mode and therefore, it can be entered with a Telecommand

with the mode change command.

Suspend Mode (SUSP): In space missions, there might be situations that ACS cannot
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handle, like low power, large angular rate, lost-in space, and so forth. These cases
should be handled in Suspend Mode, in which the satellite certainly executes no control
algorithms on the attitude and angular rate and simply tries to break free from the
error source with debugging and collecting energy from the Sun. All the precautions
and detailed analysis through spacecraft design are made, in order to avoid entering
this mode during operation in space.

The Table 4.3, is the summary of ACS mode enter conditions, desired attitude control
accuracy values, and components used in these modes, where magnetometer is ab-
breviated as MAG, gyroscope is GY, star tracker is ST, reaction wheels are RW, and
magnetorquers are MT. Components to be used explicitly for momentum dumping
controller, discussed in Section 5.5, were declared in the table. Figure 4.4 depicts the
satellite attitude control state machine, where A stands for Autonomous onboard tran-
sition, TC is for changing state by Telecommand from the Ground Station, and E means
the state change is sourced from an error that occurred.

Mode | Entry Condition | Attitude Control Components Used

[0.5ex] MAG‘GY‘ST‘RW‘MT‘
DIM | yegds | ozdenss | X | X[ X
CAM O.Z_d(lieegg /s O.;Odizrg/ s MD | X | X X | MD
FAM | 0 denss | o depss | MP | X | X | X [MD
SAFE | 02 deays | 01degss | MD | XX X |MD
SCAN | denss | oo deyss | MP | X X | X D
M| g denss | 001 denss | MP | X | X | X [MD

Table 4.3.: Controller mode definitions (X: active usage, MD: momentum dumping)
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Figure 4.4.: The attitude control modes flow chart
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4.3. Disturbance Analysis

The main goal of this section is to find the maximum torque and then accumulated
angular momentum on each satellite body frame axis, in order to attribute causality to
the selection of actuators. Wrong selection of ACS components may cause insufficient
torque generation for attitude maneuvers or stabilization, reaction wheel angular
momentum saturation while the satellite is operating. After the disturbance analysis,
ACS actuators are selected in Section 4.4.

The disturbance torque analysis simulations are set up in Xcos environment. These
simulations require Position Velocity and Time (PVT) propagator, gravity gradient,
atmospheric drag, magnetic field, and magnetorquer blocks from Spacecraft GNC Toolbox,
and attitude propagator, which generates the attitude from PVT and controller mode
information.

4.3.1. Preparation
PVT Propagation

The Xcos diagram in Figure 4.5 is established for PVT propagation. This schematic is
set up in Scilab 5.5.2 instead of Scilab 2023 since Aerospace Toolbox is incompatible with
Scilab 6.0.0 onward. As a result, for orbit propagation, the generated files from the
simulation are used in disturbance analysis and for the rest of the thesis work.

As seen from Equations 3.9 and 3.20, and the intuitive deduction that atmospheric
density gets lower with higher altitudes, the disturbance torque generated is inversely
proportional with the altitude. Thus, the minimum altitude value possible from Table
4.1, 500km selected as the mission altitude. From 2.3, in order to have the perigee point
of the orbit smallest to have the worst case in disturbances, the eccentricity is taken
as 0.01, the highest value on Table 4.1. Thus, using Equations 2.2 and 2.3, the perigee
point of the orbit is found as 6809.3549km and the apogee point is 6946.9177km. The
inclination value is calculated to make the orbit Sun-Synchronous. The starting date
of the mission is arbitrarily given as o1 January 2028 oo:00:01 UTC and the RAAN is
calculated, to make the LTAN value at 06:00 a.m. The argument of perigee is arbitrarily
zero degrees and the mean anomaly is zero degrees to start at the perigee point of the
orbit.
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Figure 4.5.: PVT propagator block diagram

It is to be observed about PVT propagators that, the output file generated after simulat-
ing Figure 4.5 replicates the first PVT entry at the beginning. In other words, according
to the generated output PVT files, the satellite starts moving along its orbit at t = 1s
instead of t = 0. This discrepancy was sourced from the Keplerian J, orbit propagator
block of Aerospace Toolbox, which generates zero position and velocity data at the
start. All of the blocks under Spacecraft GNC Toolbox are aware of that error and an
error-handling mechanism was written for each of them. However, for the rest of this
thesis work, jumps at t = 1s on simulation result graphs may appear.

Attitude Propagation

For this section, a new block named “Target Attitude” was implemented, in order to
generate the desired attitude, depending on the controller mode selection. The block
takes ECI position, velocity vectors, selected mode, and target attitude for IPM mode as
inputs, and gives the target quaternion attitude as the output. The block has no internal
state and no parameter space. Inside the block, for SAFE mode, the block returns LVLH
attitude related to ECI. SCAN mode simply returns the 18o-degree rotation around
the X axis of LVLH attitude, and IPM mode selection results in forwarding the input
quaternion attitude to the output. The attitude propagator block of Spacecraft GNC
Toolbox is shown in Figure 4.6.

Figure 4.6.: Attitude propagator block implemented in Xcos
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4.3.2. Orientation Analysis

According to Section 4.2, there are three nominal controller modes that ACS will
operate: SAFE, SCAN, and IPM. This section aims to find the orientation of the satellite
with respect to the ECI frame, which gives the highest overall disturbance torque.
Since the target attitude of the satellite in SAFE and SCAN modes are determined by
satellite position and velocity (orbital frame), the use case of orientation analysis is IPM
mode. The resultant attitude of the analysis is to be used in all IPM mode worst case
simulations.

The orientation analysis simulation diagram was formed in Scilab 5.5.2 and the simula-
tion scheme is displayed in Figure 4.7. Gravity gradient and atmospheric drag blocks of
Spacecraft GNC Toolbox are included in the simulation. However, the magnetic distur-
bance torque is not included because the attitude dependence of magnetic disturbances
can be adjusted by adjusting the residual magnetic dipole parameter of the satellite.
Intuitively, for gravity gradient torque, it might be deduced from Equation 3.9 that
45 deg deviation from nadir direction gives the maximum torque. As for atmospheric
drag torque, the output torque is dependent on the vector from geometric center to the
center of mass of the satellite.

Figure 4.7.: Orientation analysis simulation block diagram

The orientation input of gravity gradient and atmospheric drag blocks are calculated
by conversion from Roll-Pitch angle to quaternions. Roll angles vary from —90deg
to 90 deg by 1deg increments and the pitch angles vary from —180deg to 180 deg by
1 deg iterations. The moment of inertia matrix has no off-diagonal elements. Results of
the simulation at Figure 4.7 are given in Figure 4.8. The orientation values that giving
maximum and minimum aerodynamic and gravitational disturbance torques are given
in Table 4.4.
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Table 4.4.: The orientation values w.r.t. inertial frame giving maximum disturbance torques

52

Atmospheric Drag Orientation Analysis

Pitch(deg)
-200 -150 -100 50 0 50 100 150 200
-100 L L L - L L L 0e00 Z
—
80
60 - 5¢-06
40 -
4e-06
20
g
T 04 3e-06
35
4
20
2e-06
40
1e-06
60 -|
80 o 000
100
(a) Aerodynamic torque
Gravity Gradient Orientation Analysis
Pitch(deg)
200 -150 -100 50 0 50 100 150 200
-100 L L L + L L L 0e00 Z
801 1.8e-07
60 1.6e-07
40 1.4e-07
20 4 1.2e-07
)
(]
Z o4
5
¢

(b) Gravitational torque

Figure 4.8.: Surface plot for all Roll-Pitch attitude variations of 1 degree
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4.3.3. Time Analysis

According to Table 4.1, the mission start date may vary from 1st January 2028 to
31th December 2030. In order to have the worst-case disturbance values for ensuring
robustness, in this section, the set of timestamps that gives the highest disturbance
torque values is to be determined.

The simulation timeline can be narrowed down to the interval between o1 Jan 2028 to
01 Jan 2029, since NRLMSISE-oo is an annually periodic model and therefore, the year
input is ignored in this model 4. As for the magnetic field model, it can be considered
as daily periodic, since the IGRF model gives the magnetic field vector output with
respect to the ECF. That means the magnetic field of Earth daily varies related to the
ECI, due to the Earth’s rotation. However, this is not the case for NRLMSISE-00, since
this is an empirical model and the day of the year affects the atmospheric density due
to the season changes. Thus, the simulation spans the timeline from o1 Jan 2028 to o1
Jan 2029.

Figure 4.9.: The simulation diagram for time analysis

The yearly disturbance torque simulation was performed on Scilab 5.5.2 and the
simulation layout is given in Figure 4.9. To notice, this is the layout of a superblock. The
start date of the simulation is 1st January 2028 00:00:01. The time step of the simulation
was 15 minutes and outside of the superblock, the norm of outputs was read and
logged. The simulation diagram was run for SAFE and SCAN modes to achieve the
time of year giving the maximum disturbances. As a remark, due to being independent
of time, gravity gradient torque is excluded from total disturbance torque calculations
of Figure 4.10 and 4.11.

The resultant plots for SAFE mode are given in Figure 4.10. As seen from Figure 4.10b

4For further information, please see: https://map.nrl.navy.mil/map/pub/nrl/NRLMSIS/
NRLMSISE-00/NRLMSISE-00.FOR
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and 4.10c, the magnetic disturbance is highly dominant over aerodynamic disturbances.
Since magnetic disturbance is daily periodic, the result of magnetic disturbance shown
in Figure 4.10c is zoomed down to have approximately 7200 minutes time span to show
this periodicity. This is not the case for atmospheric drag torque. Therefore, the yearly
plot is displayed. Figure 4.10b suggests three occurrences of maximum torque (one is
global, two are local maximum) values that should be taken into account. These three
timestamps from aerodynamic torque data are decisive in selecting timestamps for
further work.

The resultant plots for SCAN mode are given in Figure 4.11. Since the SCAN mode
suggests Zenith pointing Z axis of the body frame, which is the opposite direction
of SAFE mode, aerodynamic and magnetic disturbance values should not differ in
magnitude but direction. As a result, there is no significant difference between plots of
Figure 4.10a and 4.11a, Figure 4.10c and 4.11¢, and Figure 4.10b and 4.11b.

The timestamps giving the maximum overall disturbance torques as a result of the
above-mentioned annual simulation are shown in Table 4.5. From this table, it can be
deduced that the resultant disturbance torque values in between SAFE and SCAN mode
simulations start to differ at 10”8 N.m level. These timestamps will be taken into account
by selecting the mission start date of SAFE, SCAN, and IPM mode simulations.

H Mode ‘ Timestamp (UTC) ‘ Disturbance Torque (N.m) H
SAFE gth April 2028 08:20:00 3.70044 x 10>
SAFE | 26th September 2028 08:15:00 3.68025 x 10~°
SAFE | 9th November 2028 07:35:00 3.68757 x 107>
SCAN oth April 2028 08:20:00 3.70061 x 10>
SCAN | 26th September 2028 08:15:00 3.68027 x 10~°
SCAN | 9th November 2028 07:35:00 3.68794 x 10~°

Table 4.5.: Timestamps giving maximum disturbance torque values
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4.3.4. Orbit Analysis

The Xcos diagram in Figure 4.12 was formed, in order to estimate the maximum
disturbance torque and accumulated angular momentum throughout a single orbit for
three nominal controller modes, SAFE, SCAN, and IPM. This diagram utilizes PVT and
attitude propagators mentioned in Section 4.3.1. The input file at the leftmost block
is taken from the output of the diagram at Figure 4.5 to obtain PVT information of
the satellite. The accumulated angular momentum on each axis on the Body Frame is
calculated by taking the integral of total disturbance torque. The simulation parameters
of the simulation at Figure 4.12 for all three modes (SAFE, SCAN, and IPM) are given
in Table 4.6.

Figure 4.12.: Disturbance torque generator block diagram

The mission start date value in Table 4.6 was selected regarding the time in 2028 giving
maximum disturbance torque, found in Table 4.5. As Equations 3.9 and 3.20 suggest,
gravitational and magnetic disturbances decrease with increasing altitude. Hence, the
minimum altitude possible in Table 4.1 was selected, 500km. The simulation frequency
was selected arbitrarily while trying to reduce the simulation time elapsed as much
as possible without sacrificing the output accuracy and sanity. The moment of inertia
matrix was selected non-diagonal so that the gravity gradient torque will not give zero
output in SAFE and SCAN modes, since the target attitude of both modes has Z-axis
aligned to the Earth Nadir-Zenith line. ], effect on gravity gradient torque was disabled,
for the reasons mentioned in Section 4.3.5.

As for atmospheric drag block, all satellite-related parameters were taken from Table 4.2,
and the atmospheric density model was selected as NRLMSISE-oo. Apart from position
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and time information, this model requires the Solar radio flux at 10.7 cm wavelength
and magnetic index values [39]. Since magnetic index (AP) is not significant for heights
above 80km [39], the default value was assigned to this parameter. However, F10.7 and
its average F10.7A parameters are very decisive on the resultant density value. Therefore,
these parameters have to be taken from NOAA Space Weather Prediction Center website
5. Figure A.1 displays the graph, which was directly downloaded from the website and
it has the prediction value of Solar cycle F10.7 cm Radio Flux between 2028 and 2030. In
order to make the controller more robust against changes in atmospheric drag torque,
the highest value from A.1 with margin, 200, was assigned to the atmospheric drag
block F1o7 and F1o7A parameters.

H Block Name ‘ Parameter ‘ Value ‘ Unit H

- Start Date gth April 2028 08:00:00 UTC+o0

- Altitude 500 km

- Simulation Frequency 1 Hz

0.8159672
Target Attitude Input for IPM —0.4068262 Quaternion
) (targetQuat in Figure 4.12) —0.3675664 (real part first)
0.1832619
1.67 0.16 0.16
Gravity Gradient Moment of Inertia 016 1.6 0.16 kg.m?
0.16 0.16 1.57
Gravity Gradient J> Enable No -
Residual Magnetic | Satellite Residual Magnetic Dipole Moment 0 0 1] T A.m?
Magnetic Field Density Model IGRF-13 -

Atmospheric Drag Density Model NRLMSISE-oo -
Atmospheric Drag 81 Day Avg. F10.7 Flux (F10o7A) 200 m*Hz
Atmospheric Drag | Daily F10.7 Flux for the Previous Day (F1oy) 200 m?Hz
Atmospheric Drag Satellite Drag Coefficient 2.4 -
Atmospheric Drag Satellite Cube Edge Length 60 cm
Atmospheric Drag Satellite Ge‘z.r::télgd(;eg:ae:n (e?oordmates 23 -5 T om

Table 4.6.: Disturbance analysis simulation parameters

The resultant disturbance torque plots are shown in Figure 4.13a, 4.13b, 4.13c, and
4.13d. Figure 4.13b, 4.13¢, and 4.13d imply that magnetic disturbance torque dominates
aerodynamic and gravitational torque and it is the biggest at the IPM simulation.
The highest aerodynamic torque observed in Figure 4.13c belongs to IPM. This is an
expected result because the attitude giving the maximum aerodynamic torque was
determined in Section 4.3.2 and the attitude was taken from 4.4. The gravity gradient
torque is at the highest in SAFE and SCAN modes, since the deviation from principal
moment of inertia becomes the most apparent in Nadir or Zenith pointing modes. From
those figures, it might be inferred that all disturbance torques are periodical within the
orbital period.

5Please refer: https://www.swpc.noaa.gov/products/solar-cycle—progression
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Figure 4.14.: Accumulated angular momentum on Body Frame axes

59



4. Design

The resultant accumulated angular momentum on three Body Frame axes can be seen
in Figure 4.14. Figure 4.14 implies that the angular momentum value of SAFE mode
has the opposite sign from SCAN mode since the Zenith pointing frame was generated
the 180deg rotation on X axis of Nadir pointing frame. From these figures, the highest
angular momentum accumulated appears at IPM mode X axis.

To conclude this section, the maximum disturbance torque and accumulated angular
momentum on a single axis values are given in Table 4.7 analyzing Figure 4.13a and
4.14. These values will be helpful in the selection of ACS actuators.

H Symbol ‘ Name ‘ Maximum Value H

Tiy o Maximum Torque 4.653 x 10 °N.m
Maximum Accumulated Angular Momentum | 5.770 x 10~2N.m.s

dmax

Table 4.7.: The maximum disturbance torque and accumulated angular values

4.3.5. Effect of Non-Principal Moment of Inertia and |, Perturbation
over Disturbances

During disturbance analysis simulations, the effect of the non-principal moment of
inertia and J, perturbation on the simulation were investigated as well. The analysis
was made on SAFE mode only, since the effect of these factors becomes apparent as
gravitational disturbance analysis, which is zero when the symmetry axis is showing
Nadir or Zenith direction. Because Nadir and Zenith are on the same line with opposite
directions, only the Nadir pointing mode, which is SAFE mode is to be analyzed.

The resultant plots are given in Figure 4.15. In Figure 4.15b, it can be seen that having a
principal moment of inertia resulted in zero gravity gradient torque, since at the SAFE
mode, the satellite Z axis points towards Nadir direction. Making moment of inertia
non-primary introduced disturbance, since in that case the primary Z axis no longer
points Nadir direction. Adding J, perturbation to the non-primary moment of inertia
case made a slight difference. According to Figure 4.15¢c, having a non-primary moment
of inertia increased the accumulated angular momentum in all axes and introduced
nonzero angular momentum on the Z axis. Introducing J, had very little effect. As
a result, as Equation 3.12 has a certain computational cost and makes very slight
differences, the |, effect is disabled for this thesis work.
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perturbation effects
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4.4. Component Selection

4.4.1. Satellite Dispenser

In the INIT mode definition under Section 4.2, it is stated that ACS should perform
initial tests, calibrations, and hardware configurations, before the separation from the
Launch Vehicle. The separation is executed securely, with the help of specialized satellite
dispenser hardware. Due to unexpected imbalances of the satellite and the separation
unit, the separation may impose nondeterministic angular velocity to satellite ACS, at
the beginning of its operation, which is named as tip-off rate, The maximum tip-off rate
is provided by the dispenser manufacturers as a specification. For this thesis work, by
taking the physical and mechanical properties of the satellite given in Table 4.2 into
account, Carbonix of ExoLaunch was found to be suitable for the application, especially
due to having relatively low tip-off velocity (2deg/s) [40]. As a tiny notice, the inner
diameter of the dispenser is 54.5cm [40], which is below the edge length of the cube
shape of the satellite (60cm), according to Table 4.2. Thus, instead of the off-the-shelf
Carbonix separator, its tailored versions could be utilized. One example of Carbonix-24
was shown in Figure 4.16.

Source: https://exolaunch.com

Figure 4.16.: CARBONIX-24 of Exolaunch
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4.4.2. Magnetometer

The role of magnetometer in ACS is de-tumbling the satellite after triggering DTM
mode and momentum dumping, as Table 4.3 suggests. As discussed in Section 4.2, in
De-Tumbling Mode, the satellite has an angular velocity exceeding the star tracker’s
maximum angular rate for measurement threshold, and therefore, star trackers are
disabled. Then gyroscopes and magnetometers are the remaining sensors for the
determination of the angular speed vector and the magnetic field vector to counter-
act the angular speed vector. As for momentum unloading, after measuring angular
momentum on reaction wheels, the magnetometer is used to determine the counter-
acting vector for magnetorquers. Under these circumstances, the sensor accuracy and
noise are the most significant factors, when selecting the magnetometer. More inaccuracy
on magnetometers may lead to late de-tumbling of the satellite in DTM mode and
larger steady-state error in momentum dumping.

Table 4.8 lists off-the-shelf magnetometers on the market. Fluxgate magnetometers have
higher accuracy than AMR ones, nevertheless, accuracy at this level is not required
for the satellite. Moreover, fluxgate magnetometers draw more weight budget than
other alternatives and require additional circuitry for analog to digital conversion. From
Figure 4.10c and 4.11¢, the maximum magnetic disturbance torque magnitude measured
is 3.2 x 10~°uT, with the magnetic dipole of 1A.m?. In light of this information, among
magnetometer models in Table 4.8, AMR magnetometer of Zarm Technik AG is selected
for the design since it is lightweight, has enough accuracy to operate in the simulated
magnetic field, and output rate is suitable for de-tumbling the satellite [41]. The line in
Table 4.8 having this magnetometer was filled with green.

H Brand ‘ Model ‘ Type ‘ Accuracy (uT) ‘ Range (uT) ‘ Output Rate (Hz) ‘ Weight () H
AAC Clyde ¢ MAG-3 Fluxgate Analog 100 Analog 100
AAC Clyde - MM200 Classical - 800 500 12
Astrofein » ACM Classical | 228 x10°% 60 - 280
CubeSpace » Gen2 CubeMag | Classical 0.05 -0 5 16
NSS = NMRM-Bn250485 | AMR 0.008 60 25 85
ZARM Technik AG [41] FGM Fluxgate 64 1074 2 5o 250
ZARM Technik AG [41] AMR AMR 0.01 250 240 55

Table 4.8.: Magnetometers on the market

®Please see:
https://www.aac—-clyde.space/what-we—-do/space-products—-components/adcs/mag—-3
7 Please see:
https://www.aac—-clyde.space/what-we-do/space-products—-components/adcs/mm200
8Please see: https://www.astrofein.com/astrofein-acm-magnetometer/
9Please see: https://www.cubespace.co.za/products/gen—-2/sensors/cubemag/
1°5trong assumption: The range of the sensor encompasses Earth magnetic field.
11Please see: https://www.newspacesystems.com/wp-content /uploads/2022/07/
NewSpace—-Magnetometer_V11.2.pdf
123dB cut-off frequency
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4.4.3. Gyroscope

Table 4.3 shows that Gyroscope is used in all operational controller modes of ACS.
The main necessity of a gyroscope is to measure the angular rate in operation without
reaching the saturation region. According to Table 4.3, the maximum rotation speed
is caused by tip-off rotation speed in DTM. As for other modes, the IPM has the most
precise angular rate control requirement, which equals to 0.01 deg = 36arcsec/s, and
therefore, the desired gyroscope should have higher accuracy than it. Note that, most
inertial measurement units come with switchable measurement range and accuracy at
the runtime.

Table 4.9 is filled with off-the-shelf gyroscopes on the market. Instead of accuracy,
the bias instability parameter is put as a merit of quality because this sensor will
output angular rate to attitude determination block and bias instability parameter is
the measure of how accurate the attitude determination can estimate the bias of the
gyroscope [42]. In other words, the angular rate measurement might not have more
accuracy than the bias instability value [42].

According to the above-mentioned requirements and Table 4.9, CRHo3-010 of Silicon
Sensing is selected for the design because of its high accuracy parameters [43]. If
other factors prevail over the accuracy, like Technology Readiness Level (TRL) or
radiation endurability, SAFRAN STIM277H might be considered as an alternative to it,
while trading off accuracy [44]. The selected gyroscope was filled with green and the
alternative was filled with yellow in Table 4.9.

Bias Instability

H Brand Model ‘ Type (deg /h, 10) ARW (deg /h) | Range (deg /s) | Bandwidth (Hz) | Weight (g) | Power (W) H
SAFRAN 13 | STIM202 [ MEMS 0.4 0.17 400 262 55 1.2
SAFRAN [44] STIM2y7H MEMS 0.3 0.15 400 262 52 1.2
Silicon Sensing # | CRS43-02 | MEMS 12 - 100 24 26 0.13
Silicon Sensing > | CRSogA-02 | MEMS 3 0.1 100 30 60 0.5
Silicon Sensing [43] CRHo3-010 MEMS 0.03 0.005 10 50 42 0.02
VectorNav ** [ VN-110 (AHRS) | MEMS 1 5 490 240 125 2

Table 4.9.: Gyroscopes on the market

13Please see: https://www.sensonor.com/products/gyro-modules/stim202
14Please see: https://www.siliconsensing.com/products/gyroscopes/crs43/
15Please see: https://www.siliconsensing.com/products/gyroscopes/crs09a/
16Please see: https://www.vectornav.com/products/detail/vn-110

64


https://www.sensonor.com/products/gyro-modules/stim202
https://www.siliconsensing.com/products/gyroscopes/crs43/
https://www.siliconsensing.com/products/gyroscopes/crs09a/
https://www.vectornav.com/products/detail/vn-110
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4.4.4. Star Tracker

Star tracker is the only source of attitude measurement in the ACS design. According
to Table 4.3, this sensor is activated in all operational controller modes, except DTM
mode. As Section 3.3.1 expresses, high angular rates may disrupt measurements and
therefore, all star trackers have angular rate limits for taking attitude measurements.
ACS waits for the decrease in the angular rate of the satellite until reaching the interval,
where star trackers might be activated.

Table 4.3 suggests that IPM is the most precise mode and it requires 0.1 deg = 360 arcsec
accuracy with 0.01 deg /s. Table 4.10 gives the specifications of star trackers on the space
market, whose accuracy values are close to 360 arcsec. As the table indicates, all star
trackers inside the table are suitable for the application, however, in a practical sense,
the sensor noise should be less than ten percent of desired accuracy and is preferred
to have control algorithms with less fluctuation around the target attitude. Therefore,
AAC Clyde ST400 was chosen, due to its high accuracy [45]. The line on Table 4.10
contains AAC Clyde ST4o00 is filled with green.

H Brand ‘ Model ‘ Max. Slew Rate(deg/s) ‘ Cross accuracy (arcsec) ‘ Twist accuracy (arcsec) ‘ Weight (g) ‘ Power (W) H
AAC Clyde 7 ST200 ‘ 0.3 30 200 42 0.7
AAC Clyde [45] ST400 0.5 10 120 280 0.7
CubeSpace 8 Gen2 CubeStar 0.3 72 216 47 0.165
Vectronic Aerospace * VST-41M - 18 122 800 2.5

Table 4.10.: Star trackers on the market

17Please see: https://www.aac—clyde.space/what-we-do/space-products—components/
adcs/st200

BPlease see: https://www.cubespace.co.za/products/gen—-2/sensors/cubestar/

9Please see: https://www.vectronic—aerospace.com/star—trackers/
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4.4.5. Reaction Wheel

Wertz states that reaction wheels are used for absorbing periodic disturbance torques
and executing attitude maneuvers [12]. However, non-cyclic disturbance torques cause
accumulation of angular momentum on reaction wheels in time, and therefore, the
accumulated momentum is dumped through external torquers, like thrusters or mag-
netorquers [12]. The main objective of this section is to select reaction wheels so that
wheels have the capability of angular momentum accumulation due to disturbances
and at the same time, executing attitude slews in an orbital period. The maximum
accumulated angular momentum on body frame axes was already calculated in Section
4.3 and the results were collected under Table 4.7. The only missing part for ACS
reaction wheel selection is attitude maneuver capability.

The required attitude maneuver competence of reaction wheels is tested in two steps:
Bang-Bang and then Bang-Drift-Bang analyses. The former is the harshest maneuver
condition that a reaction wheel could experience because the operating point of the
wheel is at its physical torque and angular momentum limits, throughout the slew
motion. Since this is not physically possible for reaction wheels on the market, a more
realistic approach, Bang-Drift-Bang analysis is conducted. As a practical requirement,
considering the orbital period around 5500sec, it is feasible for reaction wheels to
complete a single 180 deg rotation in 500sec, while accumulating angular momentum
because of disturbance torques.

Bang-Bang Analysis

In this analysis, the wheel exerts its positive maximum torque to rotate around its
rotation axis, until it reaches 9o degrees rotation from the initial state. Then, it applies
negative maximum torque immediately to dampen the angular momentum accumulated
due to the slew and complete the rotation at 180 degrees with zero angular velocity.
This analysis aims to be the first iteration of analysis to determine at which range of
angular momentum and torque parameters of reaction wheels would be searched on
the market.

Equation 4.1 gives the relation between the angular velocity and torque, through angular
momentum equations, where H,,;, is the maximum angular momentum required for
the slew motion, T, is the maximum torque required for the slew, I is the moment
of inertia matrix of the satellite, and t; is the half-slew time. Equation 4.2 gives the
rotation angle around single axis, 6. Then, Equations 4.3 and 4.4 might be obtained. The
illustration of the Bang-Bang slew of the reaction wheel is displayed in Figure 4.17.
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Figure 4.17.: Angular momentum of a single reaction wheel executing Bang-Bang maneuver

From Section 4.1, the maximum diagonal component of the moment of inertia matrix
is the 1.67kg.m?. The vector addition of %10 variation sourced from the off-diagonal
elements gives 1.678kg.m?. If the desired slew time to complete the 180 deg rotation is
500sec, t; should be 250sec. From Equation 4.3 and 4.4, the required angular momentum
and torque for Bang-Bang slew could be found.

Tomax = 8434 X 107> N.m (4.5)

Hqpgy = 2.108 x 1072 N.m.s (4.6)

Then, the maximum disturbance torque, Ty;4y, and the maximum accumulated angu-
lar momentum along the orbit, Hy;,, might be calculated by importing maximum
disturbance torque and angular momentum values from Table 4.7.

Toax = Tsmax + Ty, = 1.308 x 10~ *N.m (4.7)
Hiax = Hspax + Hy,.. = 7.878 x 107 2N.m.s (4.8)
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Bang-Drift-Bang Analysis and Selection

Using the values from Equation 4.7 and 4.8, the reaction wheel market survey was
carried out and Table 4.11 was formed. Although the Bang-Bang analysis gives results
for the harshest environment and slew conditions, it does not comply with the reaction
wheels on the market. Those wheels reach their angular momentum capacity much
earlier than 250sec. Therefore, as indicated in Section 3.3.4, wheels may not exert any
torque after reaching the angular momentum capacity. This is named drift rotation.

Brand Model M?;I\Tf;c%ue A“g('ml‘ﬁ}‘ﬁ:;ap' S,?K:t(l;“ Power (W) | Weight (g)
Astrofein *° RW35 5 100 20 2 500
Blue Canyon Tech [46] RWp1o0 6 100 16.666 0.81 330
CubeSpace ?* Gen2 CW1200 20 120 6 4.7 450
Vectronic Aerospace > |  VRW-B-02 20 200 10 4.5 1

Table 4.11.: Reaction wheels on the market

Figure 4.18 depicts the time plot of angular momentum on a reaction wheel executing
bang-drift-bang rotation. In this graph, t; is the wheel angular momentum saturation
time and t5 is the half-slew time.
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Figure 4.18.: Angular momentum of a single reaction wheel executing Bang-Drift-Bang maneuver

Equation 4.1 might be rewritten as Equation 4.9. Then, the addition of the above-
mentioned drift motion to Equation 4.2 brings out Equation 4.10.

20Please see: https://www.astrofein.com/reaktionsraeder/rw35/
2IPlease see: https://www.cubespace.co.za/products/gen-2/actuators/cubewheel/
22Please see: https://www.vectronic—-aerospace.com/reaction-wheels/
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hoT, Tsmarct
Wmax = / —S’}mxdt = —Smlax : (4-9)
0
t ty
0 = / w dt+/ Wiaxdt (4.10)
0 t

The combination of Equation 4.2 and 4.9 gives the inequality at Equation 4.16, which
shows the relation between #; and Hgyy,qy-

Hsmax

7T 1 T5max o
- = = t th — t .
il = Tsmaxt% + ZHsmax(tZ - tl) (4.12)
7l = 2T 00 t1t2 — Tsmaxt% (4-13)
7Tl = Hspax (2t2 - tl) (414)
I
2ty = 500sec > i +t (4.15)
smax
]
Hsmax > 500 — (4.16)

In order to have the worst case angular momentum capacity, the maximum value of
t; is to be assigned in Equation 4.16. From Table 4.11, the maximum ¢; value is 20 sec
(Astrofein RW35). Then, the minimum angular momentum capacity requirement for
the slew could be found. The inclusion of maximum disturbance torque and angular
momentum values from Table 4.7 gives the minimum value of the angular momentum
capacity of the wheel in Equation 4.18.

rtl s
Hsmax > m =1.098 x 10 N.m.s (417)
Hypax = Hspax + Hipy = 6.868 x 1072 N.m.s (4.18)

All of the four reaction wheel models in Table 4.11 are capable of enduring disturbances
throughout an orbit while executing the harshest slew maneuvers. From Table 4.11,
the reaction wheel having the least power consumption and weight, Blue Canyon Tech
RWp1o00, was selected, whose line is painted green in the table. Then, the actual slew
time of the selected wheel may be found by giving the parameters of the selected
reaction wheel to Equation 4.11, which might be rewritten as Equation 4.19. In Equation
4.20, after importing the maximum disturbance torque and angular momentum values
from Table 4.7, the slew time of the wheel under disturbances was found as 118.863sec.
As a result, it might be inferred that the reaction wheel matches the design criteria.

— = — maxt Hmax t - t .
) i 1+ i (t2 —t1) (4.19)
te= ——— | — — ———  “maxy 2t1 = 118. .

— ts Hy— Hy ( 275 i 1] t2hH 8.863sec (4.20)
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4.4.6. Magnetorquer

Table 4.3 suggests that, other than DTM mode, the main function of magnetorquers
is momentum dumping. They should reduce the angular momentum accumulated in
reaction wheels in a single orbit duration at most. According to Section 4.3.4, the largest
portion of disturbance torque is sourced from Earth’s magnetic field, in comparison
to atmospheric drag and gravity gradient torques. The maximum satellite residual
magnetic dipole moment is declared as 1A.m? in Table 4.2. Therefore, the selection of
magnetorquers having a maximum dipole moment value of at least 1A.m? provides the
system to compensate for the majority of instantaneous disturbance torques almost in a
second.

It is to be observed that, magnetorquers need to be deactivated, in order to allocate time
slots for magnetometer measurements without disruption. As a result, the minimum
value of magnetic dipole moment as a requirement is doubled to 2A.m?, which ensures
the generation of counter-acting magnetic torque against disturbance torques while
enabling at most half-time slots for magnetometer measurements.

Table 4.12 contains information about magnetorquers whose magnetic dipole moment
value is close to 2A.m?, which will be helpful in the selection for ACS. Considering all
the above-mentioned factors, CubeSpace Gen2 CRo0020 is selected for the design.

H Brand ‘ Model ‘ Max. Dipole Moment (A.m?) ‘ Weight (g) H
CubeSpace [47] Genz2 CRoo20 2.0 54
New Space Systems » | NCTR-Mo12 1.19 53
New Space Systems = | NCTR-Mo16 1.6 53
ZARM Technik AG = MTxx-xx Tailored Tailored

Table 4.12.: Magnetorquers on the market

23Please see: https://www.newspacesystems.com/wp—-content/uploads/2021/10/
NewSpace—-Magnetorquer—-Rod_20211018a.pdf

24Please see: https://www.newspacesystems.com/wp-content/uploads/2021/10/
NewSpace—-Magnetorquer—Rod_20211018a.pdf

25Please see: https://www.zarm—-technik.biz/torquer—contact
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4.4.7. Overall

Table 4.13 shows all selected components, after the analysis made in Sections 4.4.2, 4.4.3,
4.4.4, 4.4.5, and 4.4.6, with their mass and power budgets. While creating the table, the
following assumptions were made:

In space systems, these components are utilized with redundancy, in order to
prevent single point of failures, in cases of sensor or actuator errors. The current en-
vironment set up in Scilab/Xcos allows such redundancy. However, for simplicity
and performance purposes, there are no redundant sensors and actuators.

All single-axis components (gyroscope, reaction wheel, and magnetorquer) were
mounted upon Body Frame X-Y-Z axes for the rest of this thesis work, for the
purpose of not imposing additional rotation matrices to the simulation blocks,
which speeds simulations up.

The mass budget column in the Table 4.13 is valid. However, the power budget
column shows only the case, when all components are open, active, and consuming
their maximum power, which is not realistic. For example, from Section 4.4.6, the
magnetorquers have to be switched off, in order to allow magnetometers to take
proper measurements, which highly reduces the power consumption.

In Xcos simulations, star tracker block from Spacecraft GNC Toolbox gives the
output attitude measurement as a single block. However, in practical cases, there
is at least two or three star trackers located on the spacecraft, in order to scan more
area in space and add redundancy to the ACS. Since the attitude observation is
out of the scope of the thesis work, this issue was ignored and single star tracker
usage was assumed.

H Count ‘ Component ‘ Producer ‘ Model ‘ Power (W) ‘ Weight (g) H
1 Satellite Dispenser Exolaunch CARBONIX -26 -
1 Magnetometer ZARM Technik AG AMR 0.3 60
3 Gyroscope Silicon Sensing CRHo3-o010 0.02 42
1 Star Tracker AAC Clyde ST400 0.7 280
3 Reaction Wheel Blue Canyon Tech RWp1o00 0.81 330
3 Magnetorquer CubeSpace Gen2 CRoo20 2.0 54
- Overall - - 9.49 1618

Table 4.13.: Power and mass budgets of overall selected ACS components

26Gatellite dispensers are not attached to ACS.
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5. Controller Development

5.1. Overview

In this section, the development and verification methodology and results of controller
algorithms to be used in ACS are discussed in detail. Table 4.3 requires the imple-
mentation of controllers for six different modes, which are DTM, CAM, FAM, SAFE,
SCAN, and IPM, remarking that ACS actuators are disabled in INIT and SUSP modes.
In addition, Wertz suggests that momentum dumping should be implemented, in
order to prevent saturation in the accumulated angular momentum of reaction wheels,
due to cyclic and non-cyclic disturbances throughout the mission [12]. Therefore, the
momentum dumping functionality works simultaneously with the operation of the one
of six above-mentioned modes.

Figure 4.4 points out that SAFE, SCAN, and IPM are nominal operational modes of the
ACS, while DTM, CAM, and FAM are transitional modes. In transitional modes, large
attitude changes are accepted, which deviates the equilibrium point for the linearization.
In other words, linearized attitude system matrix given in Section 5.3 could not apply for
transitional modes, due to large attitude changes. Quaternion state feedback controllers
were used in CAM, and FAM modes, while LQR controllers were used in SAFE and
SCAN modes and LQI controller was used in IPM mode. Based on Table 4.3, Table 5.1
was created, in order to have an overview of controller strategies to be used throughout
this section. As a notice, although control requirements of CAM and FAM differ, the
usage of the same controller in these modes was aimed.

The sensors and actuators selected in Table 4.13 are digital. In other words, all the
data input/output operations should be handled in discrete time, although the real
physical world is continuous. Therefore, all the hardware placed in simulations should
be run at a pre-determined frequency, in order to prevent disturbance accumulation as
angular momentum on the satellite up to the degree of affecting sensor measurements
and scientific goals. The other theoretical factor of controller frequency selection is
controlling under the maximum angular rate possible throughout the mission, which
is tip-off angular velocity defined in Section 4.4.1. From the practical point of view,
since the average orbit period is around 95 minutes, having as little control frequency
as possible will significantly reduce simulation time, which helps in faster controller
development. After the empirical process, the controller frequency of the simulation
was set to be 1Hz. About Xcos simulations, all of the clocks driving ACS hardware

73



5. Controller Development

and disturbance blocks were run with the same frequency, 1Hz, since this thesis work
does not contain any attitude observer unit. It was assumed that there was an attitude
observer in between sensors and the OBC, which gives the output at the same clock tick.
This assumption helps the simulation leave the burden of timing and synchronization
of sensor readings.

From the stability perspective, the attitude and angular rate error accumulation due
to the disturbances between two samples should be lower than the most precise
mode control accuracy. According to Table 5.1, from IPM controller, this value is
0.1deg —0.01deg /s. Then, by taking the maximum disturbance torque value from
Table 4.7 and applying it to Equation 3.7, the accumulated angular rate and attitude
errors might be obtained. Since only angular rate and attitude change due to external
torques are the main focus of interests, w and H may be zeroed from Equation 5.1,
for simplification purposes. In addition, the minimum value on the diagonal of the
moment of inertia matrix, 1.57kg.m? was given to I, in this equation. From Equation 5.1
and 5.2, it might be concluded that setting the frequency to 1Hz does not become the
source of errors in further simulations.

T,
Aw = % (Ty,,, —w xH) = % =1.6982 x 10> deg /s (5.1)
1
ANg = / Awtdt = 8.49 x 107* deg /s (5.2)
0

For testing robustness and verification of controllers on Table 5.1, worst case analysis
and Monte Carlo simulation methods were used. Since nominal modes (SAFE, SCAN,
and IPM) require attitude stabilization, the robustness of these modes should be highly
examined and therefore, Monte Carlo techniques were used for such purpose. As
for transitional modes (DTM, CAM, and FAM), there was no requirement for such
stabilization, and therefore, worst-case scenario analysis was used for these modes.

Mode Coirg;c}i]on Rec(:ijti)irl}gzlent Control Law | Components Used Veﬁg{fggm
DTM 2_(12;5;5 0.2_ diegg /s Cross Product MAG, GY, MT V\fiztl;:s?se
CAM O.Z_iegg /s 0'210 d‘i‘;g /¢ | Quaternion PD | ST, GY, RW V\g’iztlycs?se
FAM O.Z_C(ijeegg /s 0. 002-2(;31:gg /s Quaternion PID ST, GY, RW V\Z):lsatl;:s?se
SAFE | 02 dogs | 01degss | LR SLGYRW |G o
SCAN | 01 degss | 005 degss | LR SLGYRW |0 o
M 05 dep s | 00t dess | ORI SLGYRW |G o
Mo | e T s T g | Ve

Table 5.1.: Controller mode definitions and their corresponding control laws
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5.2. De-Tumbling Mode

As Section 4.2 suggests, this mode aims to reduce the angular rate of the satellite
after the event of separation and recovery of errors due to high angular momentum
accumulated on the satellite. The only aim of this mode is to reduce the angular
momentum down to the degree that star trackers become operable. Moreover, after
de-tumbling the satellite, the angular momentum saturation of one of the reaction
wheels before half orbit is not the desired case. For satellite de-tumbling, three main
strategies might be applied. They are:

¢ Strategy 1: B-Dot Method
¢ Strategy 2: Cross Product Method
¢ Strategy 3: De-tumbling with reaction wheels only.

The magnetorquer with the maximum magnetic dipole moment of 2A.m? was selected in
Section 4.4.6. However, in order to preserve magnetometer measurements from magnetic
disruptions due to the magnetorquer actuation, magnetorquers have to be switched off
during magnetometer measurement. On the other hand, the higher magnetic torque
actuation time means better de-tumbling performance of ACS. Since the magnetometer
selected in Section 4.4.2 has up to 300Hz sampling rate, it can be assumed that the
magnetorquer can be activated 8o percent of the duty cycle, while the remaining 20
percent is allocated for magnetometer measurement. The duty cycle could be favored
towards magnetorquers, however, keeping the safety margin highest could make ACS
more robust. As a result, the magnetorquer maximum magnetic dipole output is taken
as 1.6A.m? for the rest of the thesis work. In Xcos simulations, the time adjustment of
clock events connected to the magnetometer and magnetorquer was possible. However,
the simulation performance was degraded down to a factor of five, which would make
the tuning and the development process much slower.

Table 5.1 suggests worst case analysis was required for DTM. Worst case analysis brings
the mission start date of all simulations to be set as gth April 2028 08:00:00 a.m., as
indicated in Table 4.5. Furthermore, the maximum angular rate possible declared in
Table 4.3, 2deg /s, was given as the initial angular rate of the satellite with respect to
the Earth Centered Inertial Frame. Although the attitude of the satellite related to the
inertial frame was decisive on angular momentum direction on the inertial frame, it
has minor effects on the magnitude of the angular momentum, since the moment of
inertia matrix from Table 4.2 is almost scalar multiplied identical matrix. Hence, the
initial attitude to the inertial frame was selected arbitrarily.

B-Dot and Cross Product methods are the most common de-tumbling strategies utilized
in ACS and both of them will be analyzed in this section. As for de-tumbling with
reaction wheels only, one can easily deduce from Table 5.1 that having the maximum tip-
off rate from the launch vehicle might have resulted in 2deg /s angular rate, which equals
to 0.0349rad /s. The maximum value on the diagonal of the moment of inertia matrix is
1.67kg.m?. The maximum angular momentum value may be found as 0.0583N.m.s. The
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reaction wheel selected in Section 4.4.5 has the angular momentum capacity of 0.1N.m.s,
and therefore 58.7 percent of the capacity would already be used to de-tumbling.
Although this approach was proven to be possible, the remaining angular momentum
on reaction wheels might not suffice to counter-act disturbances, which can have values
up to 0.06N.m.s, according to Figure 4.14. As a result, the strategy of de-tumbling with
reaction wheels was rejected from the beginning.

5.2.1. B-Dot Method

Markley and Crassidis suggest that [26], the required control torque to de-tumble the
satellite depends on only magnetometer readings, especially for the cases if the angular
velocity vector is unknown. The required control torque is given in Equation 5.3 [26],
where mB is the required magnetorquer dipole moment command related to BF, BB is
the magnetometer measurement of Earth’s magnetic field with respect to BF, and k is a
user-defined scalar gain.

- _ B (5-3)

The De-Tumbling Mode mode controller simulation diagram with the B-Dot method
is given in Figure A.11. Since the on-board computer block does not contain any state
variable, the derivative of the magnetic field measurement should be taken before the
OBC and given as input to the OBC.

The tuning process for this mode was made on the magnetorquer actuator gain, which
is indicated as k in Equation 5.3. At first, a very high gain value, 107, was given, in
order to saturate the magnetorquers and convert the controller to a bang-bang mode
B-Dot controller. As seen from Figure 5.1, the bang-bang approach gives high torque
actuation with late steady-state reach. Then, the gain values were iterated from 1 to
0.25, with a binary search-like method. From this figure, it can be concluded that the
B-Dot method gives the best result when the actuator gain was set to 0.5 since it has the
least steady-state error while requiring low magnetorquer actuation.
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Figure 5.1.: De-Tumbling Mode B-Dot method tuning process results

5.2.2. Cross Product Method

Gordon observes that if the angular rate measurement is added besides magnetometer
readings, the De-Tumbling performance becomes better than B-Dot controller [48]. The
cross product de-tumbling algorithm is given in Equation 5.4 [48].

(5-4)
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The Xcos simulation diagram is illustrated in Figure A.12. For the tuning process of
the magnetorquer gain value, the same gain iteration values with Section 5.2.1 were
given. The tuning process results are given in Figure 5.2. Compared with Figure 5.1,
Figure 5.2 shows similar behavior with the results of the B-Dot method. This similarity
appears in the bang-bang approach results and having the gain value of 0.5 again gives
the most feasible result. The only difference is the cross-product gain value of 0.5 gives
the angular rate steady-state error, approximately 1.5 x 10~#rad /s. According to Figure
5.1, this is evidently smaller than the B-Dot steady-state error.
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Figure 5.2.: De-Tumbling Mode Cross Product method tuning process results
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5.2.3. Comparison

Figure 5.3 was illustrated in order to compare the performance of B-Dot and Cross
Product methods. The plots were selected from the cases having the gain value of 0.5.
As it might be seen from this figure, although they display very close behavior, Cross
Product method resulted in a less steady state angular rate than the B-Dot method. As

a result, for the rest of this thesis work, Cross Product method with the gain value of
0.5 is selected.
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Figure 5.3.: Comparison of B-Dot and Cross Product methods with the 0.5 magnetorquer gain
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5.3. Nominal Operation Modes

As Table 5.1 suggests, nominal operation modes, which are SAFE, SCAN, and IPM
modes, utilize LQR control for attitude stabilization. The table also states that SAFE
mode has the least optimal controller related to other nominal mode controllers because
it increases the accessibility of this mode and robustness, while IPM mode controller
has the most aggressive one, for the least steady-state error and fastest response. LOR
controllers minimize the cost function in Equation 2.34 by employing the Algebraic
Riccati equation, given in Equation 2.36. In general, Equation 2.36 might be solved for
P matrix, with numerical methods. In Scilab 2023, “Iqr(.)” function was provided, for
the optimal gain matrix calculation, K;gr and P, with the inputs of Q and R matrices,
and the system plant.

The general system state equation, given in Equation 5.5, becomes 5.6 with the combina-
tion of rigid body state transition equations of 2.19, 3.4, 3.7, and gravity gradient torque
equation of 3.9, and then their linearization around the point g4; = 0 and w; = 0 for all
i € {1,2,3} [49]. About quaternions from Section 2.3.2, the scalar part of quaternions is
dependent on imaginary vector values. Therefore, in order to keep the controllability of
the system matrix given in 5.6, the scalar part of the quaternion error was excluded from
the state vector. The angular momentum values were excluded from Yang’s equations,

for simplicity purposes [49]. In Equation 5.6, [ux uy uz] " are reaction wheel control
torque values.

X = Ax + Bu (5.5)
_q'l_ [0 0 0 05 0 O] _ql_ [ 0 0 0]
i) 0 0 0 0 05 0/ g 0 0 0
3| |0 0 0 0 0 05]]g; 0 0 0|
w1 N 41 0 0 0 0 N6 w1 i Il_l1 0 0 ZY ,Where (56)
Wy 0 72 0 0 0 0] |w 0 Izt 0 ‘
| w3 | |0 0 763 764+ O O] |ws] [0 0 Iz
[ O 27
w(I)/ L— | —wy|, where wy = T and T is orbital period. (5.7)
0
I35 — I
N = Bwp— 2 (5.8)
I
=it Ip—Is3
a6 = wWo I (5.9)
1
I35 — I
M52 = 60}%% (5.10)
L1 — I
63 = Zw%HTg)ZZ (5.11)
- Iy
Nea = —Na67— (5.12)
I33
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Equation 5.6 points out an evidently controllable system and its controllability was
proven by ctrl function of Scilab 2023.1.0. SAFE and SCAN mode controllers are
implemented based on Equation 5.6. However, it is given in Section 5.3.3 that, zero-
order steady state error occurs in these modes. Therefore, as stated in Section 2.4.4, the
augmentation with integral action is required. The attitude state variables are derived
from the integral of angular velocity already and hence, only the integral of attitude
state variables are required for the augmentation. If the integral of attitude quaternions,
g; are symbolized as Q; and the augmented matrices and vectors are notated with a
tilde symbol, Equation 5.6 becomes 5.14.

¥ = AX + Bil (5.13)
Q1 Q1 Iy
Q2| |03x3 I3x3 03x3| | Q2 033
Qs|  [Oex3 A Q3 : Hy (5:14)
X X Uz

The Xcos simulation diagram for both controller tuning and Monte Carlo campaigns of
nominal modes (SAFE, SCAN, and IPM) might be seen in Figure A.13. Since mechanical
properties of the satellite, disturbance torques, sensors, and actuators do not depend on
the control mode, the values given to these blocks can be gathered to a single table. The
common simulation parameters among modes are given in Table 5.2. For performance
purposes, misalignment errors on sensors and actuators are disabled. For the same
purpose, single axis components (Gyroscope, Reaction Wheels, Magnetorquers) are
placed upon X — Y — Z axes of BF and all ACS components were perfectly aligned
with the BF. In order to make a distinction between modes, “cMode” parameter on the
diagram was set accordingly.

| BlockName | Parameter Name ‘ Value | Unit |
- Simulation Frequency 1 Hz
Rigid Body 167 0 0
Gravity Gradient Moment of Inertia 0 16 0 kg.m?
Onboard Computer 0 0 157
Star Tracker Noise Standard Deviation 10,120 arcsec
Star Tracker Boresight Angular Rate Limit for Measurement 0.5 deg /s
Gyroscope Noise Standard Deviation 83 x 107° deg /s
Gyroscope Maximum Angular Rate 10 deg /s
Magnetometer Noise Standard Deviation 8.5 nT
Gravity Gradient J> Enable No -
Magnetic Field Density Model IGRF-13 -
Atmospheric Drag Density Model NRLMSISE-oo -
Atmospheric Drag 81 Day Avg. F10.7 Flux (F1o7A) 200 m?Hz
Atmospheric Drag | Daily F1o.7 Flux for the Previous Day (F1o7) 200 m?Hz
Atmospheric Drag Satellite Drag Coefficient 24 -
Atmospheric Drag Satellite Cube Edge Length 60 cm
. Satellite Geometric Center Coordinates 2
Atmospheric Drag 3 cm
w.r.t. Body Frame 5
Reaction Wheel Angular Momentum Capacity 100 mN.m.s
Reaction Wheel Torque Limit 6 mN.m.s
Reaction Wheel PT1 Delay Time Constant 10 ms
Reaction Wheel Noise Standard Deviation 0 N.m

Table 5.2.: Nominal operation modes common block parameters
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The LQR controller Q and R matrix tuning could be started from either identical
matrices or the matrices resulted from Bryson’s rule. Bryson’s Rule suggests that the
tuning process of Q;; and R;; could be started from employing Equations 5.15 and 5.16
for each state and output variable, respectively [50].

1

Qii = W (5.15)
1
R;; = W (5.16)

The initial trial Q and R matrices could be determined via Equation 5.15 and 5.16 to
all three nominal operation mode controllers, taking the entry conditions from Table
5.1. From Equation 2.17b to 2.17d, the maximum attitude quaternion values could be
obtained, as given in Equation 5.17a. The calculated initial Q and R matrices for these
three modes are given in Equation 5.17b-5.17h.

max(q;) = sin (%) = \/1 — cos? (%), where i € {1,2,3} (5.17a)
1
QiiSAFE = = 131646, where i € {1, 2,3} (517b)
sin2 (10°>
2
1
Qii = = 82070.158, where i € {4,5,6 (5.17¢)
HSATE (3.49 x 10-37ad)? t J
1 .
QiiSCAN = 37y — 3283.139, where i € {1, 2,3} (517d)
sin” (%)
1
Qii = = 328280.635, where i € {4,5,6 (5.17€)
AN T (1,74 x 10-3rad)? 56}
1
QiiIPM = 27020\ = 82070492, where i < {1, 2,3} (517f)
sin” (%5-)
1
Qiitpm = = 8207015.875, where i € {4,5,6} (5.172)
MM (3,49 % 10-4rad) &
1 .
Rjis srr = Rjjgean = R = 27777.777, where j € {1,2,3} (5.17h)

JJIIPM — (6 « 1073)2
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5.3.1. Safe Mode

Table 5.3 was formed for explaining SAFE mode specific parameters used in the tuning
simulation. During the parametrization, the mission start date was selected arbitrarily,
not one of the dates given in Table 4.5, because the controller for SAFE mode is not
supposed to be optimal and aggressive, like IPM, and the disturbance along the orbit
would not change the controller behavior. After selecting the optimal Q and R matrices,
the robustness of the selected controller will be examined in Monte Carlo simulations
extensively.

Initial attitude and angular rate parameters for Rigid Body block in Table 5.3 were set
according to the ECI position of the satellite, which brings LVLH frame into action.
From Figure 2.2, it might be seen that the Z axis of LVLH frame shows Nadir direction,
and therefore no additional rotation matrix multiplication is required to the initial
condition of the satellite attitude. For the purpose of adding errors, 10 deg around BF X
axis was introduced for each case, which is the entry condition of SAFE mode, as shown
in Table 4.3. The initial angular rate was selected by including the angular rate vector
found in Equation 5.7 into Equation 5.18. Since LVLH rotates around its Y axis, the
value will be updated throughout the simulation and will be set as the target angular
velocity vector for ACS.

wg/T = B/ L/ (5.18)

The magnitude of the residual magnetic dipole moment of the satellite might be at
most 1A.m?, according to Table 4.2. Since the satellite orbits around the Earth near the
Polar region due to being Sun Synchronous, the magnetic field vector should have
approximately X axis line with respect to the LVLH frame, alternating in between
positive and negative X axes. Since the magnitude of the cross product of two vectors
is equal to the multiplication of the magnitude of these two with the sinus of the
angle in between them, having 90 deg angle in between then should give the maximum
magnitude. Therefore, having the magnetic dipole moment of the satellite perpendicular
to the magnetic field vector would give the maximum magnetic disturbance torque,
which is possible by giving all the magnitude to the Z axis. Therefore, in Table 5.3, the

residual magnetic dipole moment of the satellite was assigned as [0 0 1] .Y axis
would be another alternative and nevertheless, the Y axis would be rotating throughout
the orbit period causing deviation from the maximum disturbance torque.
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H Block Name ‘ Parameter Name ‘ Value ‘ Unit H
- Mission Start Time 1st Jan 2028 00:00:01 UTC+o00
Rigid Body Initial Attitude w.r.t. BE [70.0466127 0.6936§85 0.1370993 0.7(}55687}T Quaterr_lion
+ 10deg rotation around BF X axis Real First
Rigid Body Initial Angular Velocity w.r.t. BF [70.000287 0.0010765 70.0001447] T rad/sec
. . Satellite Residual T
Residual Magnetic Magnetic Dipole Moment w.r.t. BF [0 0 1] Am?
LOR Q Matrix diag(40, 40, 40, 10000, 10000, 10000)
Case 1 LOR R Matrix diag (35000, 35000, 35000) -
Attitude Error Integral Gain [0 0 ()] T
LOR Q Matrix diag(40, 40, 40, 10000, 10000, 10000)
Case 2 LOR R Matrix diag (60000, 60000, 60000) -
Attitude Error Integral Gain [0 0 ()] T
LOR Q Matrix diag(20, 20, 20, 10000, 10000, 10000)
Case 3 LOR R Matrix diag (50000, 50000, 50000) -
Attitude Error Integral Gain [0 0 ()] T
LOR Q Matrix diag(5, 5, 5,10000, 10000, 10000)
Case 4 LOR R Matrix diag (50000, 50000, 50000) -
Attitude Error Integral Gain [0 0 ()] T
LOR Q Matrix diag(2,2,2,10000, 10000, 10000)
Case 5 LQOR R Matrix diag (50000, 50000, 50000) -
Attitude Error Integral Gain [0 0 ()] T

Table 5.3.: SAFE mode specific parameters and tuning matrices for each case

SAFE mode tuning process results are given in Figure 5.4. In this figure, the deviation
from the target attitude is calculated by taking the inverse of Equation 2.17a and the
angular rate error is to be calculated via subtraction of the target angular rate vector
found in Equation 5.18, and taking the Euclidian norm of the resultant vector. From
these results, it may be seen that the controller first tries to reduce the attitude error by
increasing the angular rate. Then, it goes steady state for both attitude and angular rate.
From Table 4.3, the entry condition for SAFE mode is 0.2deg /s = 3.49 x 10 3rad/s
and hence, the cases exceeding 3.49 x 10~3rad /s, Case (1-3) were eliminated from the
selection. Among Case 4-5, Case 4 was selected since it has less steady-state error than
Case 5. The activation of the integrator would optimize the controller, however, the
controller is not supposed to be that aggressive, and Case 4 reaches steady state error
around 1deg, which is below 5deg. Moreover, the addition of an integrator would
increase the angular rate overshoot causing the excess of the controller angular rate

threshold.
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Figure 5.4.: SAFE mode LOR tuning process attitude and angular rate errors vs. simulated cases

As Section 2.4.2 states, in order to analyze the global asymptotically stability of the
controller, eigenvalues of the close loop system should be calculated. Scilab Igr function
outputs the optimal gain matrix while taking Q, R, and all of the plant matrices as
inputs. The optimal gain matrix of SAFE mode was given in Equation 5.19. From this
matrix, with the help of Scilab spec function, eigenvalues of the close loop system
could be obtained. The resultant eigenvalues are shown in Equation 5.20. According
to Section 2.4.2, since all eigenvalues have negative real parts and imaginary values
are non-repetitive, it might be deduced that the SAFE mode controller with Q and R
matrices from Case 4 is local asymptotically and Lyapunov stable.

0.0099996 3.588 x 10~ 11 0.0000413 04655097  —6.640 x 10~ —1.811 x 10~°?
Ksape = |—4.550 x 10716 0.0099992  —9.602 x 10715 8868 x 10716 04647566  1.285x 107 | (5.19)
—0.0000413  5.619 x 10712 0.0100001 —1.927 x 1072 —9.701 x 10712 0.4644353
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—0.2676412
—0.2845469
N —0.2792835
SAFE = | _0.0111894 + 0.0000019i (5.20)
—0.0111894 — 0.0000019i
~0.0111893

Provided that Q and R matrices in Case 4 were selected for SAFE mode controller,
Monte-Carlo simulations were executed, for the purpose of verification of selected
control parameters in means of robustness. Due to the fact that Xcos simulations take
time, two different Monte Carlo simulations were run. The first one executes 1080
test cases with 250 seconds duration, while the second executes 4 test cases with 6000
seconds duration (more than an orbital period), to check the long-term stability of the
controller. In order to generate randomized test cases, the magnitude ranges of input
parameters are collected in Table 5.4, taking Table 5.1 into account. Figure 5.5 shows the
short-duration Monte Carlo simulation results and Figure 5.6 displays results in the
long run.

In Figure 5.5a, it is observed that the attitude error starts from 14 deg instead of 10 deg.
This situation was sourced from missing normalization operation during the calculation
of initial parameters. Since Figure 5.5 shows stable behavior in every condition, without
causing a saturation error on star trackers and gyroscopes due to high angular rate,
short-run Monte Carlo simulation was not repeated with corrected parameters. As
for the long Monte Carlo run, in Figure 5.6, the steady state attitude error is below
0.5 deg, the angular rate error is negligibly small, and the maximum angular momentum
accumulated on reaction wheels lays below 0.03N.m.s, which is less than the half of the
capacity. As a conclusion, the controller selected after the tuning process (Case 4) was
proven to be stable for the rest of this thesis work.

H Parameter Name ‘ Minimum Value ‘ Maximum Value ‘ Unit H
The difference from target attitude 0 10 deg
The difference from target angular rate 0 0.2 deg
Moment of Inertia matrix Off-Diagonal elements 0 0.167 kg.m?

Table 5.4.: SAFE mode Monte Carlo simulation input ranges in magnitude
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Figure 5.5.: SAFE mode Monte Carlo short term simulation results
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Figure 5.6.: SAFE mode Monte Carlo long term simulation results
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5.3.2. Scan Mode

For SCAN mode controller implementation, a similar methodology with SAFE mode
controller from Section 5.3.1 was followed, since the target attitude and angular rate
dynamics of these modes are the same. The only difference is, in order to have Body
Frame +Z axis pointing Zenith direction, the target attitude should be LVLH frame with
respect to the ECI, but with additional rotation by 180 deg around X or Y axis. Such
rotation was arbitrarily made on the X-axis. As seen from Table 5.5, the initial condition
of these values is selected regarding this rotation. The mission start date and satellite
residual magnetic dipole moment values are the same as these values in Table 5.3. LOR
tuning process was started from the selected Q and R matrices of SAFE controller, Case
4 of Table 5.3.

H Block Name ‘ Parameter Name ‘ Value ‘ Unit H
- Mission Start Time 1st Jan 2028 00:00:01 UTC+o0
.. " . —0.6936885 —0.0466127 0.7055687 —0.1370993]" | Quaternion
Rigid Body Initial Attitude w.r.t. BE [ + 2deg rotation around BF X axis ] Real First
Rigid Body Initial Angular Velocity w.r.t. BF [0.0001453 —0.0011045 —0.0001466} T rad/sec
. . Satellite Residual T
Residual Magnetic Magnetic Dipole Moment w.r.t. BF [0 01] Am?
LQR Q Matrix diag(5,5, 5,10000, 10000, 10000)
Case 1 LQR R Matrix diag(50000, 50000, 50000) -
Attitude Error Integral Gain [0 0 0} T
LQR Q Matrix diag(20, 20,20, 10000, 10000, 10000)
Case 2 LQR R Matrix diag(50000, 50000, 50000) -
Attitude Error Integral Gain [0 0 0} T
LQR Q Matrix diag(120, 120, 120, 10000, 10000, 10000)
Case 3 LQR R Matrix diag(50000, 50000, 50000) -
Attitude Error Integral Gain [0 0 0} T
LQR Q Matrix diag(120, 120, 120, 50000, 50000, 50000)
Case 4 LQR R Matrix diag(50000, 50000, 50000) -
Attitude Error Integral Gain [0 0 (]} T
LQR Q Matrix diag(120, 120, 120, 50000, 50000, 50000)
Case 5 LQR R Matrix diag(100000, 100000, 100000) -
Attitude Error Integral Gain [0 0 (]} T

Table 5.5.: SCAN mode specific parameters and tuning matrices for each case

Figure 5.7 depicts SCAN mode tuning process results. The calculation method of
attitude and angular rate error are the same with the Section 5.3.1, except the fact
that initial attitude error was set to 2 deg, as Table 5.1 suggests, and 180 deg rotation
from LVLH frame. Like Figure 5.4, the controller first attempts to reduce the attitude
error, and then the angular rate error decays. From Table 5.1, the angular rate of entry
condition of SCAN mode is 0.1deg /s = 1.745 x 10~3rad/s. Therefore, by looking at
Figure 5.7, the controller having the smallest steady state time was selected, while
taking into account the angular rate overshoot should stay below 1.745 x 10~3rad /s. As
a result, Case 5 was selected for SCAN mode LQR controller.
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Figure 5.7.: SCAN mode LQR tuning process attitude and angular rate errors vs. simulated cases

SCAN mode optimal gain matrix, calculated by the help of Scilab Igr function and
by using Q and R matrices of Case 5, is given in Equation 5.21. By executing the spec
function over the closed loop system in Equation 2.38, eigenvalues in Equation 5.22 were
achieved. Section 2.4.2 states that these eigenvalues refer to a local asymptotically and

Lyapunov stable system since all eigenvalues have negative real parts and non-repetitive
imaginary parts.

0.0346406  3.558D —10  0.0000891  0.7468934  —3.398D — 10 —3.470D — 10
Kscan = | —2.806D —15  0.0346402  6.488D —13 1.199D —15  0.7452679  —7.367D — 13 (5.21)
—0.0000891 —2.257D —11 0.0346411 —7.493D—10 2903D—11  0.7445714

—0.4227579
—0.4496656
\ | —0.0245336 + 0.0000029i
SCAN = | _0.0245336 — 0.0000029i (5-22)
—0.0245328
—0.4412597
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SCAN mode Monte Carlo simulations with controller parameters from Case 5 were con-
ducted. The ranges of the magnitude of attitude and angular rate errors are determined
by using Table 5.1 and 4.2. As a result, 1080 short-duration, and 4 long-duration Monte
Carlo simulation cases were randomly generated. by using values in Table 5.6. Since
SCAN mode magnetic disturbance is at its maximum when the satellite residual dipole
moment is selected as [0 0 1] L Figure 5.8 depicts the short-duration Monte Carlo
simulation results, while Figure 5.9 illustrates the long-term results. From both figures,
it might be concluded that the SCAN mode controller with Case 5 was confirmed to be
stable and satisfies the control requirements defined in Table 5.1. In addition, Figure
5.9b and 5.9d imply that SCAN mode controller works at the noise level. In other words,
it might be expressed that the controller works close to its optimal point.

H Parameter Name ‘ Minimum Value ‘ Maximum Value ‘ Unit H
The difference from target attitude 0 2 deg
The difference from target angular rate 0 0.1 deg
Moment of Inertia matrix Off-Diagonal elements 0 0.167 kg.m?

Table 5.6.: SCAN mode Monte Carlo simulation input ranges in magnitude
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Figure 5.8.: SCAN mode Monte Carlo short duration simulation results
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5.3.3. Inertial Pointing Mode

As Section 4.2 suggests, at IPM mode, the satellite should maintain its orientation with
respect to the ECI frame, for the purpose of making observations of predefined space
objects. As a result, unlike SAFE and SCAN modes, the target attitude of the controller
should be constant, until the next Telecommand and the target angular velocity should
be kept zero. From Table 5.1, it can be implied that IPM mode controller should be the
most aggressive controller among others, in order to keep its responsiveness towards
disturbances and noises while keeping it in quite narrow control requirements.

Table 5.7 contains the IPM mode controller tuning specific parameters with trial process
of Q, R matrices and integral gain. In order to study the worst-case scenario in the
context of disturbances, the mission start time was taken from Table 4.5 and the inertial
mode initial and target orientations were taken from 4.4 and filled in Table 5.7 as
quaternions. The residual satellite magnetic dipole moment parameter is the same with
4.6, since the magnetic field vector displays cyclic behavior on constant attitudes related
to inertial frame and therefore, the magnetic dipole moment vector will not have a
significant effect on the resultant disturbance torque.

As it may be seen from Table 5.7, the first six cases were allocated for the tuning of
LOR controllers, while the last three cases analyze the controller with attitude error
integral augmentation. Such augmentation is required, since LOR controller depicted in
5.6 only propagates proportional and derivative control over the attitude error, which
results in a non-zero steady-state error due to disturbances [17]. For SAFE and SCAN
modes, robustness and having high acceptance prevailed optimality of the controller,
and therefore the integral augmentation was not considered for them.
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H Block Name Parameter Name ‘ Value ‘ Unit H
- Mission Start Time gth Apr 2028 08:00:00 UTC+oo
. . . . 0.8159672 —0.4068262 —0.3675664 0.1832619]" Quaternion
Rigid Body Initial Attitude w.r.t. BF [ + 0.2 deg rotation around BF X axis ] Real First
Rigid Body Initial Angular Velocity w.r.t. BF [0.0002015 0.0002015 0.0002015] T rad/sec
- Target Attitude w.r.t. BF [0.8159672 —0.4068262 —0.3675664 0.1832619]" Q;atle;r.“"“
eal First
. . Satellite Residual T
Residual Magnetic Magnetic Dipole Moment w.r.t. BF [0 01 Am?
LQR Q Matrix diag(200, 200, 200, 50000, 50000, 50000)
Case 1 LQR R Matrix diag(100000, 100000, 100000) -
Attitude Error Integral Gain [0 0 0] T
LQR Q Matrix diag(500, 500, 500, 50000, 50000, 50000)
Case 2 LQR R Matrix diag(100000, 100000, 100000) -
Attitude Error Integral Gain [0 0 0] T
LQR Q Matrix diag (2000, 2000, 2000, 50000, 50000, 50000)
Case 3 LQR R Matrix diag (100000, 100000, 100000) -
Attitude Error Integral Gain [0 0 0] T
LQR Q Matrix diag (10000, 10000, 10000, 50000, 50000, 50000)
Case 4 LQR R Matrix diag(100000, 100000, 100000) -
Attitude Error Integral Gain [0 0 0] T
LQR Q Matrix diag (1000, 1000, 1000, 50000, 50000, 50000)
Case 5 LQR R Matrix diag(100000, 100000, 100000) -
Attitude Error Integral Gain [0 0 0] T
LQR Q Matrix diag (2000, 2000, 2000, 50000, 50000, 50000)
Case 6 LOR R Matrix diag(150000, 150000, 150000) -
Attitude Error Integral Gain [0 0 0] T
LQR Q Matrix diag (2000, 2000, 2000, 50000, 50000, 50000)
Case 7 LQR R Matrix diag(150000, 150000, 150000) -
Attitude Error Integral Gain [10*3 103 10*3] T
LQOR Q Matrix diag(2000, 2000, 2000, 50000, 50000, 50000)
Case 8 LQR R Matrix diag (150000, 150000, 150000) -
Attitude Error Integral Gain [2x1073 2x107% 2x107%] T
LQOR Q Matrix diag(2000,2000, 2000, 50000, 50000, 50000)
Case 9 LQOR R Matrix diag(150000, 150000, 150000) -
Attitude Error Integral Gain [1.25x 103 1.25x 1073 1.25 x 1073 T

Table 5.7.: IPM mode specific parameters and tuning matrices for each case

Figure 5.10 shows the IPM mode tuning process results. In this figure, the dotted
markers show pure LOR controller attempts, dashed lines show the integral controller
attempts, and the solid line shows the selected controller case. For the first six cases, the
main goal was reaching the controller having the least steady state error, while having
the least angular rate overshoot. After reaching the goal at Case 6, the integral gain
selection process was begun. Among Case 7,8, and 9, the controller having no overshoot
was selected, which is Case 7.
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Figure 5.10.: IPM mode LOR tuning process attitude and angular rate errors vs. simulated cases

Scilab Igr function generates the optimal gain matrix for the IPM, as it may be seen in
Equation 5.23. Nonetheless, integral action causes an augmentation to system matrices,
mentioned in Equation 5.14 and the integral gain matrix will be augmented to the
optimal gain matrix, in order to obtain eigenvalues of the system. Equation 5.24 gives
the optimal gain matrix with the augmentation of integral action. The eigenvalues of
the augmented system are given in Equation 5.25. According to the givings in Section
2.4.2, eigenvalues of Equation 5.25 provide Lyapunov and local stability of the selected
IPM mode controller, Case 7.
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5.3. Nominal Operation Modes

0.1154693 5.720 x 10~ 1 0.0003071 0.7253738 —1.103 x 10710 9,657 x 1010
Kipy = | —6.004 x 10716 0.1154692  9.059 x 10~12 —3.161 x 10~ 4 0.7197806 —1.094 x 10~ 1 (5.23)
—0.0003071  —8.322x 10" 01154698 —8.008 x 10°10 1.099 x 1010 0.7173709
103 0 0 0.1154693 5.720 x 10~11 0.0003071 0.7253738 —1.103 x 10710 9,657 x 10~10
Kipmaye = | 0 107% 0 —6.004x10716  0.1154692.  9.059 x 10712 —3.161 x 10~ 07197806 ~ —1.094 x 10~ (5.24)
0 0 1073  —0.0003071 —8322x 10"  0.1154698 —8.008 x 10710 1.099 x 10~10 0.7173709
i —0.3334071 i
—0.3561225
—0.3490485
—0.0911548
AMPM e = —0.0909067 (5.25)
—0.0909731
—0.0098443 + 0.0000291:
—0.0098443 — 0.0000291:
—0.0098413

The Monte Carlo campaign was started after selecting the controller parameters from
Case 7. Table 5.8 shows the magnitude range of controller parameters to be used in
1080 short, 4 long time duration Monte Carlo simulations. The attitude and angular
rate error values were taken from Table 5.1 and the maximum moment of inertia
matrix off-diagonal element magnitude was taken from Table 4.2. In order to have
maximum magnetic disturbance, the magnitude of magnetic dipole moment is given as
the maximum value only, 1A.m?, according to Table 4.2. According to the simulation
results given in Figure 5.10, controller parameters from Case 7 were proven to meet
controller requirements of Table 5.1 and display stabilizing behavior in all cases. By
looking at Figure 5.12a, 5.12b, and 5.12d, it might be inferred that IPM controller works
close to its optimal point because the controller reaches noise level at steady state.

H Parameter Name ‘ Minimum Value ‘ Maximum Value ‘ Unit H
The difference from target attitude 0 0.2 deg
The difference from target angular rate 0 0.02 deg
Moment of Inertia matrix Off-Diagonal elements 0 0.167 kg.m?
Residual magnetic dipole moment 1 1 A.m?

Table 5.8.: IPM mode Monte Carlo simulation input ranges in magnitude
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Figure 5.11.: IPM mode Monte Carlo short term simulation results
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Figure 5.12.: IPM mode Monte Carlo long term simulation results
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5.4. Coarse and Fine Acquisition Mode

According to Section 4.2, under CAM mode, the satellite makes the transition from any
attitude to SAFE mode. FAM mode operates the transition from any nominal mode to
another nominal mode. According to Table 5.1, SCAN and IPM modes require more
accuracy and effort than SAFE mode, and therefore, CAM mode is supposed to be more
robust and require less effort than FAM mode. Wie suggests a quaternion feedback
controller, which was proven to be globally asymptotically stable, for the execution of
rotational maneuvers, which is shown in Equation 5.26 [17]. ACS utilizes Equation 5.26
in CAM mode and the usage of the same algorithm will be tried on FAM mode also, in
order to keep the generality. Notice that, the utilization of LQR controllers on linearized
systems, like nominal operation modes, is not possible, since the initial attitude might
be the exact opposite to the target attitude. In other words, the initial attitude error
could be larger than the level that the small angle approximation applies, which may
result in deviation from the equilibrium point of linearization.

u = —Kq — Cw, where (5.26)
K = ksgn(g1)I and C = diag(c1, c3,¢3) (5.27)

CAM and FAM tuning simulation block parameters were taken from Table 5.2 and 5.9.
The initial attitude and angular velocities for CAM were selected arbitrarily, however,
the target attitude should be the exact inverse of the initial attitude with respect to
the Body Frame, for the purpose of testing the worst case. The same applies to FAM,
nevertheless, the norm of the angular velocity was deliberately set to 0.2 deg /s, in order
to test the worst case, given in Table 5.1. The satellite residual magnetic dipole moment
was selected arbitrarily as well. Since robustness has more significance than optimality
in CAM mode, there was no need for any integrators. The addition of integrals would
make steady-state error converge to zero while reducing the stability of the controller.
As for FAM controller, because IPM mode requires high accuracy in attitude and
angular rate, it should contain integrators. In this thesis work, for the verification of
CAM and FAM controllers, tests imposing mode transitions were included in Section
5.6.
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H Block Name ‘ Parameter Name ‘ Value ‘ Unit H
- Mission Start Time 1st Jan 2028 00:00:01 UTC+o0
Rigid Body Target Attitude w.r.t. BF [~0.0466127 0.6936885 01370993 0.7055687] " | Quaternion
Real First
Inverse of Quaternion
Rigid B Initial Atti r.t. BF .
igid Body nitial Attitude w.rt [~0.0466127 0.6936885 0.1370993 0.7055687]" | Real First
T
Rigid Body CAM Initial Angular Velocity w.r.t. BF [_0.00028iNg.ggng?itin_g()).OOO1447} rad/sec
T
Rigid Body FAM Initial Angular Velocity w.r.t. BF [70.000893?N3£8?§$in;)0.0004495] rad/sec
. . Satellite Residual T >
Residual Magnetic Magnetic Dipole Moment w.r.t. BF 00 1] Am
K, diag(10~%,107%,107%)
CAM Case 1 K diag(1071,1071,1071) -
Kg 0
K, diag(5 x 107 %,5x 10 %,5 x 10~ %)
CAM Case 2 Ko diag(10~1,10~1,1071) -
Kg 0
K, diag(7 x 107%,7 x 107%,7 x 107%)
CAM Case 3 Ko diag(lOfl, 1071,1071) -
Ko 0
K, diag(1073,1073,1073)
CAM Case 4 Ko diag(3 x 1071,3x 1071,3 x 1071) -
Kg 0
K, diag(1.25 x 1073,1.25 x 103,1.25 x 10~°)
CAM Case 5 Ko diag(3 x 1071,3 x 1071,3 x 1071) -
Ko 0
K, diag(1.25 x 1073,1.25 x 103,1.25 x 1073)
FAM Case 1 Ko diag(3 x 1071,3x1071,3 x 1071) -
Ko diag(1074,107%,107%)
Ky diag(1.25 x 1073,1.25 x 10~3,1.25 x 10~%)
FAM Case 2 Ko diag(3 x 1071,3x 1071,3 x 1071) -
Ko 2 x diag(1075,2 x 1075,2 x 1075)
K, diag(1.25 x 1073,1.25 x 1073,1.25 x 1073)
FAM Case 3 K, diag(3 x 1071,3 x 1071,3 x 1071) -
Kg 4 x diag(1075,4 x 1075,4 x 107°)
K, diag(1.25 x 1073,1.25 x 1073,1.25 x 1073)
FAM Case 4 Ko diag(3 x 1071,3 x 1071,3 x 1071) -
Ko diag(5 x 1075,5 x 1075,5 x 10~°)

Table 5.9.: CAM and FAM mode specific parameters and tuning matrices for each case

The tuning simulation results for CAM mode are shown in Figure 5.13. Examining
the figure, the spiky behavior in Case 3 takes attention. The reason for those spikes is
having the angular rate that goes beyond CAM mode and ACS enters in DTM mode
until reducing the angular rate to the CAM mode acceptance level, which occurs at
approximately ¢ = 1400sec. Due to such spiky behavior, Case 3 was descoped from the
selection. Case 1 displays a slow approximation to the target while requiring larger
reaction wheel angular momentum accumulation than the remaining three cases. Thus,
Case 1 was eliminated from the selection. Among the remaining cases, Case 5 was
selected since it reaches a steady state sooner than others. In 3000 seconds, Case 5 has
the steady state error less than 3 deg and 5.73 deg /s, which is quite below SAFE mode
entry condition, according to Table 5.1.
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Figure 5.13.: CAM mode controller tuning simulation results

Figure 5.14 illustrates the FAM mode controller parameter tuning results. As seen

from Table 5.9, the K; and K, parameters of these four cases were the same with the

CAM mode selected controller parameters, Case 5. During the tuning process, only the
coefficient of the integrator was varied. From Figure 5.14, it can be deduced that Case 1

displays more oscillating behavior than others and therefore, it is removed from the
selection. Among the others, Case 4 was selected since it reaches the steady state earlier

than others and its steady state error is around 0.1 deg, which is below the SCAN and
IPM mode entry conditions, according to Table 5.1.
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Figure 5.14.: FAM mode controller tuning simulation results
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5.5. Momentum Dumping

In this thesis work, ACS utilizes magnetorquers, in order to extract angular momentum
deposited, because of executing attitude maneuvers or stabilizing the satellite against
disturbances by reaction wheels. When magnetorquers apply counter-acting torque
against the overall reaction wheels” angular momentum vector, reaction wheels will
try to compensate such torque, which results in momentum dumping. Thus, Equation
3.31 might be rewritten to reach counter-acting magnetic torque against reaction wheels
overall momentum vector, by Cross Product Law [51]. Equation 5.29 shows the required
counter-acting torque, according to Chen [51]. This equation may be simplified more
to Equation 5.30, since the desired orbit is close to the circular orbit, that means the
magnitude of magnetic field vector is not expected to display huge variations.

Tpt = My X B (5.28)
HB, x BB

mp; = —K(WB—B) (5-29)

mglt = — Ky <wa X BB) (5-30)

The Xcos simulation diagram for momentum dumping demonstration is given in Figure
A.14. Between magnetometer output and magnetorquer input in the diagram, Equation
5.30 was implemented. In Chen’s opinion [51], more efficient Momentum Dumping
methodologies might be used for the purpose of saving energy, such as LQR Controller
and Minimum-Energy Controller (MEC). In Section 4.3.4, the magnetic field disturbance
torque was found to be dominant over aerodynamic and gravitational torques, and in
Section 5.2, the maximum dipole moment of selected magnetorquers is 1.6A.m?, which
is 1.6 times the satellite residual magnetic dipole moment. Thus, these magnetorquers
are more than capable of counter-acting the dominant disturbance torques, which
highly reduces angular momentum accumulation over time. To conclude, if the energy
consumption of magnetorquers is not a significant factor for the design, Cross Product
law might be employed safely.

The simulation was executed in IPM mode and its input parameters are selected from
Table 5.7 with Case 7, in order to have the most reaction wheel accumulation and
disturbance torques. The gain values for the tuning were 10%, 5 x 108, 0, 108, and
2.5 x 107. The reason for the values over 107 is the simplification made in Equation 5.30,

the attempted gain values should contain %, which is approximately 10°.

Figure A.g implies that having the gain value of 10° and 5 x 108 causes a substantial
fluctuations in attitude and angular rate error values and hence, they are eliminated from
the selection. The remaining candidates display similar behavior except accumulated
reaction wheel momentum values shown in Figure 5.15b. The gain value of 2.5 x 107
does not cause decay of the angular momentum values of reaction wheels in all three
axes, like 10%. As a result, 10® was selected as the momentum dumping proportional
controller gain.
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Figure 5.15.: Momentum dumping simulation results
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5.6. Multi Mode Experiments

From Section 5.1 to 5.5 all the required controllers in Table 5.1 were designed and
validated via Monte Carlo simulations or worst-case analysis. All of the designed
controllers in this section are collected under Table 5.10. Although they all worked well
in single mode tests, in practice, ACS will make mode transitions automatically or after
a Telecommand or any error incidence. As an additional verification method for the
overall design and transitional modes (CAM and FAM), multi-mode experiments are
carried out.

H Mode Name Controller Type ‘ Parameter Name ‘ Value H
DTM Cross Product Ky diag(0.5,0.5,0.5)
. K diag(1.25 x 103,125 x 103,1.25 x 1079)
q ’ ’
CAM Quaternion PD Ke diag(3 x 10,3 x 10,3 x 10~1)
K, diag(1.25 x 1073,1.25 x 10~2,1.25 x 10~3)
FAM Quaternion PID Ky diag(3 x 1071,3 x 1071,3 x 10~1)
Kg diag(5x 107°,5 x 107°,5 x 107°)
Q Matrix diag(5,5,5,10000, 10000, 10000)
SAFE LQR R Matrix diag(50000, 50000, 50000)
Q Matrix diag (120, 120,120, 50000, 50000, 50000
SCAN LQR R Matrix diag(100000, 100000, 100000)
Q Matrix diag (2000, 2000, 2000, 50000, 50000, 50000
IPM LQRI R Matrix diag(150000, 150000, 150000)
Kg diag(1073,107%,10°%)
Momentum Dumping | Angular Momentum P Kyg diag(108,108,108)

Table 5.10.: Overview of implemented controllers for all modes

By using block parameters stated in Table 5.10, 5.2, and 5.7, Xcos simulation diagram in
Figure A.15 was formed. In the diagram, it might be seen that the momentum dumping
algorithm was activated due to the fact that those tests are supposed to undergo a slew
maneuver and counteract the disturbances throughout at least half an orbit, which
increases the risk of saturation on reaction wheels. At the right bottom of Figure
A.15, the integrator mechanism can be shown. This mechanism simply handles the
quaternion error integral feedback operation. The edge trigger at the top of integrators
is placed, in order to trigger the re-initiation of all the integral values, in the cases of
state change. Otherwise, the integral value instantaneously rises to enormous values in
mode transitions. Since those integrators are integrating quaternion, they saturate at -1

and 1 and they take [1 0 0 0] at every re-initiation.
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The test scenarios were defined, so that all the possibilities of mode transitions possible
throughout the mission could be tested. Since OBC block has no state variables and no
input of previous modes, if the attitude and angular rate error is above the required
control accuracy level of the mode, ACS enters either CAM or FAM mode, depending on
the target mode. If the angular rate of the satellite goes above the DTM mode threshold,
ACS automatically switches to DTM mode to reduce the angular rate. Proposed mode
change scenarios are visually given in Figure 5.16. Scenarios 1-7 were simulated for
4000 seconds, which is more than half-orbit period, and the target mode change was
triggered at 500 seconds later than the start time. Scenario 1 executes the change at the
change of target attitude in IPM mode, instead of executing mode change like other
scenarios. At Scenario 8, the target mode was set as SAFE mode, throughout the orbit.
The mode name-number mapping table is given in Table 5.11.

Mode Name | SAFE | SCAN | IPM | CAM/FAM | DTM
Number 1 2 3 4 5

Table 5.11.: Control mode vs. simulation number mapping

The simulation results are visualized in Figure 5.17. In this figure, except Scenario 8, the
mode transition trigger at t = 500sec might be observed. At Scenario 8, the controller
managed to do the automatic switch to CAM mode. According to the attitude and
angular rate error plots, controllers work as expected and the mode transition had no
effect on their operation. In all scenarios, ACS decays to zero angular rate and attitude
error and all mode transitions were operated successfully.

(a) Scenario 1 (b) Scenario 2
() —{eny— (o) (ool
(c) Scenario 3 (d) Scenario 4
(e (om) (o) — ()
(e) Scenario 5 (f) Scenario 6
(conth—(eon—(o) ) —o(ew—(eo
(g) Scenario 7 (h) Scenario 8

Figure 5.16.: Mode transition scenarios
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Figure 5.17.: Mode transition plots of Scenarios 1-8
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6. Discussion

This thesis work comprises the design of AOCS controllers to be implemented with
Scilab programming language and to be simulated in Xcos environment. From desired
mission attitude control parameters from Section 4.1 and 4.2, all operational modes
required for the autonomy and competence of the AOCS were created. Regarding these
controller modes, adequate controller mode transition schemes and their conditions
were introduced. The worst-case initial and environmental conditions were determined
in Section 4.3, after a detailed analysis. Taking the controller requirements and dis-
turbances into account, AOCS hardware was selected, as it may be seen in Table 4.13.
Then, desired controllers for both nominal and transitional modes were designed in
Section 5, and all of the resultant controller parameters are gathered into Table 5.10.
These controllers were extensively tested, for the verification of their functionality and
robustness against environmental and internal variations.

Observing Figure 5.6¢, 5.9c, and 5.12c, one may infer that the accumulated angular
momentum, after an orbital period, on reaction wheels were the highest at IPM mode.
This is the proof of sanity of disturbance analysis made in Section 4.3, since the date
and initial attitude parameters of IPM mode simulations were taken from the results of
Tables 4.4 and 4.5.

De-Tumbling Mode controller designed in Section 5.2 was simulated in the worst
environmental conditions possible, in means of disturbance torques. In the beginning,
the choice in between three de-tumbling strategies mentioned in Section 5.2 had to be
made. Since angular momentum storage during the de-tumbling phase was not the
desired situation for reaction wheels and therefore B-Dot and Cross Product methods,
which are rather slower than actuating reaction wheels, remained. Nevertheless, by
looking at the plot of the result of Cross Product method in Figure 5.3, AOCS managed
to damp the angular velocity of the satellite to 0.05deg /s, before 4000 seconds passed.
Table 5.1 states that CAM mode, which always comes after DTM mode, accepts the
angular rate magnitude lower than 0.2 deg /s. Hence, one may conclude that this is the
indication of DTM controller success.

Nominal operational mode controllers (SAFE, SCAN, IPM) were designed under Section
5.3. Table 4.3 points out that SAFE mode controller is the most robust and IPM mode
controller is the most accurate among them. Therefore, LQR controller was sufficient for
SAFE and SCAN modes, while LOR controller for IPM mode was claimed and proven
to be adequate. As indicated in Section 2.4.4, the inclusion of an integrator eventually
makes the steady-state error zero. However, there was no integrator controller for SAFE
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and SCAN modes, and therefore, the non-zero steady-state error was expected. For
this reason, during the tuning process of all modes, by using mode entry condition
parameters from Table 5.1, the maximum attitude deviation from the target attitude
was provided to observe the maximum steady-state error from these controllers. In
Equations 5.17b-5.17h, Bryson’s Rule was applied in the selection for initial tuning
parameters for all controllers [50]. The final Q and R matrices collected in Table 5.10
prove the sanity of initial tuning parameters determined by Bryson’s Rule.

The robustness of nominal mode controllers was examined by Monte Carlo simulations.
1080 short-duration and four long-duration simulation cases were randomly generated
for each mode, under the limits defined in Table 5.1. Randomly generated variations
include moment of inertia, residual magnetic dipole moment vector, initial attitude,
and initial angular rate with respect to the inertial frame. It might be remarked that,
Figure 5.5a-5.5b and Figure 5.8a-5.8b display similar behavior since they are affected by
disturbances in similar ways and they produce non-zero steady-state error. From these
tigures, one might conclude that no Monte-Carlo case resulted in unstable behavior,
and hence, SAFE and SCAN mode controllers were proven to be robust. Furthermore,
the angular momentum Z-axis reaction wheel plots from Figures 5.6c and 5.9c are the
opposite of each other, which is sourced from having the opposite attitudes. A similar
behavior appears in Figures 5.6d and 5.9d, for the same reason.

As for IPM mode, the implementation of LOR had a positive effect on results. From
Figure 5.12a, it might be implied that the controller almost works at the noise level,
which means the controller is optimized for steady-state error. Figure 5.11a and 5.11b are
the proof of the robustness and stability of this controller and LQR implementation.

Considering CAM and FAM modes, like DTM, simulation parameters were selected
in a way that maximum external disturbances occur in the simulation time. Moreover,
the initial and target attitude of the simulation were selected, so that the satellite
would make the maximal rotation, 180 deg. CAM mode controller should be more
loose than FAM, since CAM mode aims only for SAFE mode. Table 5.1 implies SAFE
mode has the widest entry conditions among other nominal operation modes, while
FAM mode targets more precise modes. Therefore, remembering Table 5.1, CAM mode
controller uses Quaternion PD controller, while Quaternion PID controller was found
suitable for FAM mode. From Case 5 plots of Figure 5.13, it might be inferred that
the selected controller could reduce the angular error down to 1.5 deg and the angular
rate error to 0.0057 deg /s. Remembering that this simulation was run under the worst
environmental and internal parameters possible, and having the steady state error in
Figure 5.13 lower than the entry parameters of SAFE mode, the controller was found to
be capable of doing the attitude maneuver from any attitude to SAFE mode.

FAM mode requires more accuracy than CAM mode and CAM mode was found to
be capable of reducing the attitude error down to 1.5 deg maximum. In order to have
more accuracy for FAM mode, as a first approach, integral controllers were added,
without changing parameters found for CAM mode. In Case 4 plots of Figure 5.14, this
approach was proven to be correct because the attitude error was decreased to 0.1 deg
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and the angular velocity error to 0.0017 deg. According to Table 5.1, these error values
are sufficient conditions to enter the IPM mode, which requires the most pointing
accuracy.

Most AOCS systems implement their momentum dumping algorithm, which should be
run besides all the modes except DTM, in order to dampen the angular momentum ac-
cumulated on reaction wheels. Figure 5.12c indicates such necessity since one complete
orbiting around the Earth results in angular momentum accumulation on the Y-axis
by 0.075N.m.s, which is 75 percent of the selected reaction wheel angular momentum
capacity, as Table 4.13 expresses. Figure 5.15b became the evidence of this common
practice. This figure performs the clear comparison between momentum-dumped AOCS
and not momentum-dumped one. Activating momentum damping with the gain of
Kyp = 10® decreased the angular momentum allocation by approximately 93.75 percent
on the X-axis reaction wheel, 93.18 percent on the Y-axis, and 75 percent on the Z-axis.
From Table 4.11, the selected reaction wheel has the angular momentum capacity of
0.1N.m.s. In other words, without the momentum dumping, by having a look at Figure
5.15b Y axis plot, the reaction wheel on the Y axis would saturate in at most two or three
orbits. The addition of momentum dumping increased this number to 34 orbits. This
itself proves the effectiveness of the current momentum-dumping algorithm. In addition,
Figure 5.15a implies that the implementation of momentum-dumping algorithm helps
AQOCS to have more attitude and angular rate accuracy to the noise level, which may be
counted as a side-improvement of momentum dumping algorithm.

In Section 5.6, mode transitions were analyzed, in order to test the practicality of
ACS control accuracy definitions in Table 5.1 and controllers designed in Table 5.10.
All these tests were carried out in the worst environmental conditions. As it can be
seen in Figure 5.16, all possible mode transition scenarios in nominal operation were
tested. Figure 5.17 reflects that all mode transitions were handled in half-orbit duration
successfully. In OBC, the automatic switch to DTM mode was implemented to dampen
the instantaneous angular velocities exceeding the damping threshold. Not switching
to DTM mode during acquisition modes or after reaching target modes indicates that
all modes work atomic, which means they do not interfere with other modes in their
nominal operations.
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Conclusion

The main objective of this thesis work is to investigate whether and to which extent
ACS system design was possible under Scilab/Xcos framework. After creating Spacecraft
GNC Toolbox on Scilab, all of the simulation blocks in Chapter 3 were implemented
from scratch, under the toolbox. As of 2024, since Scilab is open-source and has
a recently growing community, minor discrepancies, bugs, and performance drops
occurred during the development of these blocks and simulation diagrams. However,
these discrepancies did not cause any delay/block to the development phases. Just
as enhancements were undergone on Scilab side, so the Spacecraft GNC Toolbox was
regularly developed and improved.

At the beginning, of March 2023, the project was set up in Scilab 5.5.2 since CelestLab
library could be installed in it and Aerospace Toolbox was working in harmony only
with this version and the toolbox has supportive blocks such as Keplerian orbit propa-
gators with J,, US76 atmospheric density propagator, IGRF12 magnetic field propagator,
and so forth. After the successful integration of Fortran codes into Xcos blocks, the
atmospheric density and magnetic field blocks of Aerospace Toolbox were deprecated,
since:

* By nature, Fortran codes work much faster than Scilab scripts (and most program-
ming languages).

e US76 was replaced with NRLMSISE-oo, and IGRF12 was replaced with IGRF13,
which are more accurate models, as discussed in Section 3.

 Fortran codes of these models were directly downloaded from the model provider’s
website, which means these code blocks are not error-prone.

* The project would have less dependency on Aerospace Toolbox, and so Scilab

5.5.2.

During the development phase of the toolbox, migration to Scilab 2023.1.0 was a break-
ing point. In comparison with simulations run under Scilab 5.5.2, the time elapsed
after a single simulation was reduced to one-tenth, which increased the pace of the
development process. Only the Keplerian propagators of Aerospace Toolbox were not
replaced. Instead after determining the simulation dates causing the worst environmen-
tal disturbances, which were detected in Section 4.3 and collected under Table 4.5, the
PVT data were created under Scilab 5.5.2 environment and used in simulations with
Scilab 2023.1.0. As a result, writing version-free code helped the development process a
lot, since the migration process did not cause any fatal errors/discrepancies and the
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6. Discussion

migration was carried out in a short time.

Scilab/Xcos environment enabled the disturbance analysis in Section 4.3, extensively
and comprehensively. It could run the yearly simulations, expressed in Section 4.3.3,
without any bugs or errors. As for orientation analysis in Section 4.3.2, after a small
modification, the gravity gradient and atmospheric drag blocks could handle 180 x 90
inputs at the same time and the simulation worked without giving any errors. As
expressed in Section 6, the controller design for all modes has resulted in success, and
therefore, one can conclude that all of the analysis made under Section 4.3 was accurate
and helpful in the selection of adequate hardware.

As Discussion section indicates, all of the developed controllers worked accurately, inde-
pendently, and atomic. These controllers were extensively tested, in means of robustness.
Therefore, the designed AOCS is claimed to be ready for further developments and
design phases. This thesis work reveals that any kind of attitude control system can be
developed with Spacecraft GNC Toolbox under Scilab/Xcos environment. Since Scilab
is an open-source software, it is always open to further developments and features.
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Future Work

This thesis work accomplished all of its main objectives in a year of work. The main
aim of the project was a simulation of the AOCS as close to the real-world system as
possible. However, some minor features could not be added to Spacecraft GNC Toolbox.
This section aims to be a guideline for further developments.

About simulation block development, the first enhancement would be converting the
code language of the most frequently used blocks or blocks inducing high computa-
tional costs from Scilab to C/C++ or Fortran. Scilab has the capability of interfacing
C/C++ and Fortran functions for a long time and newer versions of Scilab provide an
Application Programming Interface (API) for such conversion. In the very early phases
of the project, the implementation of blocks written in C language was attempted. In
the end, at that time these blocks could not be extensively tested and therefore, this
method could not be followed.

Spacecraft GNC Toolbox is found to be capable of simulating ACS in this thesis work.
However, the main functionalities of the blocks were simulated and more features
can be added to the blocks. For example, the satellite was assumed to be Rigid Body
and it contains only a single rigid structure, which can be summarized in a single
moment of inertia matrix. Nevertheless, slosh movement, multi-element dynamics, and
structural dynamics were ignored in this thesis work. As for sensors and actuators,
more error sources could be added and they can have their internal state variables for
having more functionalities, like drift errors. As of January 2024, the star tracker block
only returns the attitude information with some transformations and noise addition.
The Field of View, star catalogs, and lost-in-space situations can be included in Star
Trackers. Reaction wheel block does not calculate any friction inside the wheel, which
can be included as a feature. Moreover, different sensors and actuators commonly
used in AOCS systems, like Sun sensors, Earth sensors, Control Moment Gyroscopes,
momentum wheels, and attitude thrusters, might be added to the toolbox.

The toolbox has three sources of disturbances: magnetic, aerodynamic, and gravitational.
However, solar radiation torque could be also added, especially for Medium and High
Earth Orbit missions. As of January 2023, aerodynamic drag block is only capable of
calculating the atmospheric drag on a cube. More sophisticated closed shapes and
the utilization of solar panels could be considered while improving atmospheric drag
torque block. In addition, the Fortran code of more precise and advanced atmospheric
density and gravitational models can be downloaded and imported into the toolbox.
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6. Discussion

As indicated in Table 5.1, Quaternion feedback and LQR controllers were used in
this thesis work. The implementation of robust control methods, like H-infinity or
u-Synthesis controllers, might be considered as further development. Notice that, Scilab
2023 has built-in H infinity functions.

For the simulation, there is an urgent need for Keplerian orbit propagator blocks, as it
was in Aerospace Toolbox of Scilab 5.5.2. During the controller development, there was
an attempt to implement it, nonetheless, it resulted in error and this attempt was no
longer carried on. After that, an orbital control mechanism could be implemented.

As indicated in Section 5.1, there was no attitude observer block, and therefore, syn-

chronized sensor inputs were assumed. The addition of attitude observers could make
the simulation closer to reality.
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A.1. Solar Cycles
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Figure A.1.: F107 Parameter over Solar Cycles
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A.2. Spacecraft GNC Toolbox Palette

Figure A.2.: Spacecraft GNC Toolbox blocks implemented under Scilab
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A.3. Additional Plots for Controllers
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Figure A.3.: Acquisition mode state feedback gain tuning process Roll-Pitch-Yaw angle errors
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Figure A.7.: CAM mode reaction wheel torque applied
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Figure A.9.: IPM mode with momentum dumping attitude and angular rate errors
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Figure A.10.: IPM mode with momentum dumping applied magnetorquer torque
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A.4. Simulation Diagrams

Figure A.11.: De-Tumbling Mode Simulation Diagram for B-Dot method
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A.4. Simulation Diagrams

Figure A.13.: Xcos Simulation diagram for SAFE, SCAN, and IPM mode controller tuning and Monte Carlo simulations
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A.4. Simulation Diagrams

Figure A.15.: Multi mode transition simulation diagram
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