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Abstract

The correct estimation and prediction of thermal loads acting on a launch vehicle
plays a vital role in characterizing the requirements on the thermal protection system
(TPS) of the spacecraft in order to avoid catastrophic failure. With the increasing
demand for reusable launch vehicles (RLVs), which represent a resource- and cost-
efficient alternative to conventional space transport systems, additional challenges
in the assessment of the thermal loads arise due to the changing flow field during the
return phase of the vehicle and especially the retro-propulsion and landing phase.
While the flight trajectory and conditions are the same for RLVs and conventional
space transport systems until MECO and stage separation, the counterflowing su-
personic exhaust jets during the retro-burn have a strong effect on the thermal loads
on the rocket structures and dominate the flowfield characteristics during this flight
phase. While some studies on the base heating have been conducted for conven-
tional launch vehicles [28] and RLVs [23], [44], [I1], no published research has been
devoted to the topic of side-effects due to the outflow of gas generators, bleed noz-
zles and air vents of cryogenic fuel tanks for both kinds of vehicles. Due to these
secondary exhaust jets, unburned hydrogen, which is used to power the oxidizer and
fuel pumps for the main combustion chamber, is ejected near the high temperature
outflow of the main engines.

In order to fill this knowledge gap and provide an assessment of the additional in-
fluence on the thermal loads acting on the vehicle baseplate due to these secondary
nozzles, steady state CFD simulations were carried out for a first stage without
aerodynamic control surfaces and landing legs. For all simulations the second-order
finite-volume DLR TAU code [34] was applied using the Reynolds-Averaged Navier-
Stokes (RANS) equations together with a one-equation Spalart-Allmaras turbulence
model. A reduced Jachmimowski mechanism is applied for the chemistry modelling
in order to capture the potenital effects of post-combustion. A detailed description
of the numerical setup is given, including the free stream conditions for the sim-
ulated trajectory points during the ascent and retro-burn phase, the geometrical
configuration of the bleed nozzle arrangement and aft-bay design, as well as the pro-
cedure for local refinement methods. A main aspect of the numerical setup was the
derivation of the secondary nozzle outflow. For the simulation of these secondary
nozzles, two main engine cycles, represented by an expander bleed engine cycle and
a gas generator cycle, were identified as suitable modelling options, since they repre-
sent two state-of the art restartable engine cycles. The functionality of these engine
cycles was described and the procedure for deriving and rescaling the secondary
nozzle chamber conditions from already existing configurations to match the chosen
engine characteristics is discussed in detail. The chamber conditions are then used
to conduct separate 2D axisymmetric nozzle simulations, to reproduce the outflow
conditions of the secondary nozzles and interpolate them on the 3D mesh used in
the flowfield simulations. Additionally a grid convergence study was conducted to
confirm the validity of the numerical mesh and provide an estimate on the numerical
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uncertainties.

The influence of the additional bleed nozzle outflow is analyzed by comparing sim-
ulations for the ascent and retro-burn phase with activated and deactivated bleed
nozzles. For the case of activated bleed nozzles a significant change in flowfield and
thermal loads can be observed. Despite the fact, that the massflow of the secondary
nozzles makes up only about 2% of the main engine mass flow, the recirculation
and entrainment of hot main engine exhaust observed in the case of deactivated
secondary nozzles is prevented, leading to a shielding effect of the baseplate and a
reduction of thermal loads. While the mean heat flux along the baseplate for the
case of deactivated secondary nozzles is given by 48.2 kW/m? and 20.9 kW/m? for
the ascent and retro-burn phase, these values are reduced to -18.9 kW/m? and -2.8
kW/m? for the configuration with activated bleed nozzles. The wall temperature in
these simulations equals 600 K.

The influence of the applied main engine cycle was investigated, which only had a
small influence on the base heat flux.

Representative points along the ascent and descent trajectory were investigated and
the observed flow patterns were described. For the ascent phase a converging be-
haviour of the base heat flux can be seen until the distribution of the thermal loads
along the baseplate becomes independent of the increasing ambient pressure. Dur-
ing the retro-propulsion phase only three of the main engines are active, leading to a
shielding effect against the incoming free stream. In case of activated bleed nozzles
the observed heat flux values are in the negative range, indicating a reduction of the
thermal loads compared to simulations with deactivated secondary nozzles.

The presented results clarify the necessity of including the outflow from secondary
nozzles in heat flux predictions of launcher configurations, both for conventional
space transport systems and RLVs, to provide accurate assessments of the aerother-
mal loads on the vehicle base.

Keywords: Reusable launch vehicle, retro-propulsion, bleed nozzle, ther-
mal loads, aerothermal, RANS, supersonic exhaust jet, gas generator,
baseplate, chemical modelling, post-combustion, CFD, flowfield analysis,
first stage, base heating
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1. Introduction

Reusable launch vehicles (RLVs) have the potential to be a resource- and cost-
e cient alternative for conventional space transport systems. The idea of reusing
parts of the vehicle or the entire system exists since the last century ([22]) and had
a peak in interest during the application of the Space Shuttle [32]. However, due to
the high complexity of the vehicle and the corresponding refurbishment costs, the
Space Shuttle program was shut down for economical reasons.

With the successful recovery of the Falcon9 rst stage [6], showing the feasibility of
Vertical Take-o Vertical Landing (VTVL) launch vehicles, the demand for RLVs is
increasing again. Several actors in the sector of space transportation are currently
in the maturing process of RLVs with the intention of applying them as the rst
stages of their launchers, including Rocket Lab with Neutron [4]. Additionally, the
European long term strategy aims towards the development and characterization
of RLV relevant technologies for their next generation of launchers [31]. Among
these projects is the EU funded Retro Propulsion Assisted Landing Technologies
(RETALT) vehicle [25].

A major aspect during the design process of an RLV is the correct dimensioning
of the Thermal Protection System (TPS) in order to avoid critical failure of the
vehicle. Therefore, the precise prediction of the aerothermal loads acting on the
launch vehicle along the entire ight trajectory is required. Critical values of the
thermal loads on the vehicle structure can mainly be identi ed on the aerodynamic
control surfaces, landing legs and baseplate. During the propelled ight phases, the
thermal loads in the aft-bay region and therefore on the baseplate are dominated
by the exhaust plume structure of the main engines. Due to strong plume-plume
interaction of the main engine exhaust for increasing altitudes, the hot exhaust gas
is entrained towards the baseplate of the vehicle. These plume-plume interactions
and the resulting base ow of clustered main engines in conventional space transport
systems have been studied for several decades [9], [29], [28]. Since the ascent trajec-
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tory is essentially the same for RLVs and conventional space transport systems until
MECO and stage separation, the observed ow eld characteristics are also present
in VTVL con gurations of an RLV. Additionally, in the work of Mehta et al. [28]
the in uence of the base ow structures on the heat ux characteristics along the
vehicle baseplate were investigated in detail.

Owing to the changed ow conditions during the return phase of the vehicle and
especially during the retro-propulsion phase, new challenges in the characterization
of the aerothermal loads arise. During the retro-propulsion maneuver, the coun-
ter owing jets against the free stream velocity vector lead to an immersion of the
vehicle in the hot main engine exhaust, causing high thermal loads on the rocket
structure. These thermal loads were identi ed in previous studies by Laureti et al.
[23], Ecker et al. [10] and Zilker [44]. However, in both cases, for conventional space
transport systems and RLVs, the in uence of additional fuel out ow from secondary
nozzles in open liquid rocket engine cycles on the base ow characteristics and heat
ux distribution were not considered. The secondary exhaust gas, which contains
unburned hydrogen, is used to power the oxidizer and fuel pumps of the main en-
gines [35], [3] and is ejected near the high temperature main engine exhaust. Our
concern is, that the ejection of the unburned hydrogen near the high temperature
main engine exhaust could lead to a post-combustion of the fuel rich mixture. This
might lead to a signi cant increase of the thermal loads along the vehicle baseplate.

In order to Il this knowdledge gap and to provide an assessment of the additional
in uence of the secondary exhaust jets on the aerothermal loads acting along the
vehicle baseplate, steady-state CFD simulations were carried out for representative
points along the ight trajectory of an RLV. The geometry, main engine and free
stream conditions are based on a simpli ed version of the already mentioned RE-
TALT1 rst stage, which is a close approximation of the Falcon9 vehicle. In order
to provide an overview of the mission plan and the vehicle characteristics in general,
a short description will be given in the following section.

Thesis Structure and Overview

Apart from the rst chapter of this thesis, given by the introduction, the work con-
sists of four more chapters.
The second chapteris devoted to the theoretical descriptions required for the ba-
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sic understand of this work. A small overview on the functionality of liquid rocket
engine cycles and the formation of supersonic exhaust jets of single nozzles and clus-
tered main engines will be given.

The third chapter covers the numerical setup of the observed launch vehicle. A
description of the numerical settings of the applied ow solver (DLR TAU code),
the computational domain, mesh and the boundary conditions will be provided.
The main aspect of the chapter is the estimation of the boundary conditions for
the additional fuel out ow from secondary nozzles. Additionally the validity of the
generated numerical mesh will be con rmed in a grid convergence study.

The fourth chapter discusses the numerical results, explains the observed ow eld
characteristics and provides an assessment of the aerothermal loads due to the sec-
ondary exhaust ow.

Finally, the fth chapter summarizes the results and draws conclusions from them,
concerning the in uence of the cold gas out ow from secondary nozzles. An outlook
on the focus of subsequent studies will be given.

Disclaimer: Additional publication

Parts of this work, including the numerical setup in sec. 3 and the results for the
ascent trajectroy in sec. 4 have already been published in a conference paper by the
author [15], literally and guratively. The results of the master thesis were presented
at the European Aerospace Conference (EUCASS) 2023 and the publication can be
found in the proceedings of the conference.

1.1. RETALT1 vehicle characteristics and mission
plan

All simulations for the assessment of the aerothermal loads acting on a reusable
launch vehicle (RLV) with additional bleed nozzle and gas generator out ow in this
work are based on a simpli ed version of the RETALT1 rst stage without the aero-
dynamic control surfaces and landing legs. Therefore, to provide a certain context
of the project, the general structure and characteristics of the vehicle, as well as the
overall mission plan will be brie y discussed in the following. A detailed description
of the project, which provides the foundation for this section, can be found in the
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publications by Marwege et al. [25],[26] and Zaiacomo et al. [8].

The RETro propulsion Assisted Landing Technologies (RETALT) project is funded
in context of the EU Horizon 2020 program with the goal of characterizing and de-
veloping RLV relevant technologies for Vertical Take-o Vertical Landing (VTVL)
launch vehicles using retro-propulsion. Retro-propulsion denotes the concept of de-
celerating the vehicle during the return phase to the ground by operating the main
engines against the free stream velocity vector. The research in context of RETALT
is done in cooperation between the German Aerospace Center (DLR), CFS Engi-
neering, Elecnor Deimos, MT Aerospace, Almatech and Amorim Cork Composites.
As part of the project, two distinct con gurations for a Single Stage To Orbit (SSTO)
and a Two Stage To Orbit (TSTO) vehicle are investigated. In this work we are only
focusing on the TSTO RETALTL1 vehicle, which represents a state-of-the-art con gu-
ration comparable to the SpaceX Falcon 9 vehicle [6].
Instead of building a full scale demonstrator of

the vehicle, the main focus of the project is to

conduct numerical simulations and to validate

them with representative wind tunnel tests. To

speed up the development process, the already

existing Vulcain 2 main engine applying a lig-

uid oxygen (LOx) and liquid hydrogen (LH,) gas

generator cycle is slightly modi ed and used for

the propulsion of the vehicle. The rst stage

is powered by nine engines with a central main

engine and the rest being arranged in an an-

nular shape around it, providing a thrust of

Tie =9 1179kN = 10614 kN. The sec-

ond stage is powered by a single engine with

Tong = 930 KN. The total height of the vehicle,

without main engines, is given by 103 m, whileFigyre 1.1.: RETALT1  vehicle

the height of the rst stage without the inter- concept and dimen-
stage fairing equals 64.7 m. The latter value will sioning by Marwege
be the reference length of the vehicle in the nu- et al.[25].

merical setup. The vehicle diameter equals 6 m.
Additonal information can be taken from the table in Appendix A. A schematic
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visualization of the RETALTL1 vehicle with characteristic length scales and stage
indication can be seen in g.(1.1).

The mission plan for the RETALT1-vehicle is to inject either a payload of 20 tons
into Low Earth Orbit (LEO) or a payload of 14 tons into Geostationary Transfer
Orbit (GTO). Until stage separation and Main Engine Cut O (MECO) the opera-
tion conditions and ight trajectory is comparable to a conventional space transport
system. After MECO, further acceleration of the upper stage is carried out until
reaching the target orbit. For the rst stage recovery two trajectories can be per-
formed, depending on the target orbit and payload mass. While a Return To Launch
Site (RTLS) trajectory is identi ed for the injection into LEO, the stage recovery of
the GTO mission is done with a Down Range Landing (DRL) maneuver on a drone
ship, which is comparable to the Falcon 9 retrieval.

In case of the RTLS, a ip over maneuver is performed directly after MECO, lead-
ing to a 180 rotation of the rst stage and a boostback burn is performed to direct
the vehicle back to the launch site. Another ip over maneuver has to be per-
formed after the completion of the boostback burn to prepare the vehicle for the
atmospheric reentry burn. The Aerodynamic Control Surfaces (ACS) are deployed.
After the reentry of the vehicle into the denser atmosphere, three of the main en-
gines are reignited to perform the reentry burn, followed by an aerodynamic glide
phase guided by the ACS. The nal trajectory phase is given by the landing burn,
where only the central main engine is operated and the landing legs are deployed

Figure 1.2.: RETALT1 mission plan and rst stage return concept published by
Zaiacomo et al.[8].
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for the touch down. The same maneuvers are employed during the DRL without
the rst ip over maneuver and boostback burn. A schematic outline of the mission
trajectories can be seen in g¢.(1.2).

Since the focus of this work is to characterize the ow eld and heat ux conditions
for active secondary nozzle out ow in gas generator and bleed engine cycles, which
are used to drive the turbines of the oxidizer and fuel pump, only ow conditions
during the propelled ight phases are relevant. Therefore numerical simulations are
only conducted for the Ascent and Retro-burn phase and a detailed description of
the simulated trajectory points is given in sec. 3.2.1.



2. Theory

In this chapter, the functionality of the two state of the art liquid main engine cycles
observed in this work will be described and the governing equations for calculating
the chamber conditions of the secondary nozzles in the next chapter will be derived.
Additionally the ow eld and shock characteristics of supersonic exhaust jets ex-
panding from single nozzles and the interaction of jets emanating from clustered
main engines will be explained for the ascent and retro-propulsion phase of an RLV.

Conservation Equations, Reynolds-Averaging and Turbulence Modelling

In this work we renounce to derive the fundamental conservation equations of nu-
merical uid dynamics (CFD), which was done in previous publications by the au-
thor [14]. For the interested reader with the desire to understand the basic principles
applied in CFD-applications, a detailed description and derivation of the Reynolds-
and Favre-Averaged Navier-Stokes (RANS) equation can be found in the textbook
by Wilcox [43]. The RANS-equations represent a time-averaged form of the Navier-
Stokes equations. In case of compressible ows, the density uctuations have to
be considered aswell and the approach of Favre introduces density-averaged ow
guantities. In both cases the same equations are solved for di erently averaged
guantities. Therefore, in the rest of this work we will referre to the Favre-method
simply as RANS-approach.

In addition to the derivation of the conservation equation in the publication by
Wilcox, the procedure for solving the closure problem of the RANS approach for
the Reynolds-Stress tensor by applying the Boussinesq approximation [2] can be
retraced. The Boussinesq approximation results in the formulation of linear eddy
viscosity turbulence models, of which only the Spalart-Allmaras model will be used
in this work [37]. The applied closure coe cients and auxiliary relations are stated
in the work of Wilcox. Additionally the requirements on the grid-discritization of the
boundary layer ow along walls with no-slip condition are explained for turbulence
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models without the application of wall functions (e.g. Spalart-Allmaras models).

2.1. The functionality of open liquid rocket engine
cycles

The following summary of the general concepts of liquid rocket engine cycles makes
no claim to be complete, instead it is intended to give an overview on the applied
principles in this work and to provide a better understanding of the concepts used
in the sections 3.2.2-3.2.3. A detailed introduction in the fundamental concepts
of liquid-propellant rocket engines is given in the publication by Veris [7] and EI-
Sayed [12].

In general several main engine cycles can be applied for the propulsion of space
launch vehicles. However, in the following we will only focus on pump-fed, liquid
rocket engine cycles. Some advantages of liquid rocket engines are the throttling
capability, the mixture ratio control and the ability to shut down and restart the
engine [12]. Therefore, these type of engines are the only option for the propulsion
of an RLV today and enable the restart during the retro-propulsion phase.

The main components of a liquid-propellant rocket engine are the oxidizer and fuel
tanks, one or multiple combustion chambers, a mechanism for delivering the re-
actants to the combustion chamber and the corresponding power source and the
pipe-system connecting the di erent components. In general two major types of
feed systems can be identi ed, the pressure-fed and pump-fed systems. In case of
the pressure-fed cycle, the propellants are stored under high pressure in their tanks
to guarantee the necessary chamber conditions and to deliver the reactants to the
combustion chamber. Due to the avoidance of complex systems, these engine cycles
represent a simple and reliable con guration. However, due to the high pressure
needed for storing the oxidizer and fuel, the large corresponding mass and size of
the tanks are great disadvantages. To avoid these problems a more e cient way of
providing the necessary mass ow and combustion pressure is to apply turbopumps.
These pumps are used to increase the pressure of the liquid propellants above the
storage value for a high pressure injection into the combustion chamber [7]. The
engine cycle is classi ed by the powering mechanism of these turbopumps. In the
following two sub-sections only the gas generator cycle and the expander bleed en-
gine cycle will be discussed. Additionally we can distinguish between an open and
a closed engine cycle. In a closed cycle, the gas powering the pumps is returned
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to the main combustion chamber, while it is expelled through additional nozzles in
the open cycle. Since the in uence of secondary nozzles on the thermal loads of a
launch vehicle are investigated, only open engine cycles are considered.

Bleed Engine Cycle

In an expander bleed engine cycle, a small portion of the cryogenic hydrogen is
tapped-o from the main fuel line and pumped through the cooling channels of
the combustion chamber and nozzle walls, leading to a regenerative cooling of the
engine. During this cooling process, the heat along the combustion chamber walls
is absorbed by the cooling ow, which evaporates and expands. The heated gas is
used to drive the oxidizer and fuel pumps, which are connected to the turbopumps
through a shaft. Instead of joining the coolant ow with the main fuel line and
burning it in the combustion chamber, the exhaust gas is expelled in secondary
nozzles. Therefore, the pressure of the uid leaving the turbines does not have to
be greater than the pressure in the combustion chamber. A schematic visualization
of the engine cycle can be seen in g.(2.1 (a)).

Gas Generator Cycle

Instead of using the thermal expansion of the cooling ow through the nozzle and
combustion chamber walls of the main engines, the gas generator cycle uses an aux-
iliary combustion chamber. A small amount of the propellants is tapped o of the
main supply lines and burned in the secondary combustion chamber. The created
exhaust gas is expanded through a nozzle and directed onto the turbine blades. To
avoid structural damage of the turbine, a fuel rich mixture is burned in the com-
bustion chamber, leading to an exhaust gas mixture with temperatures below the
melting point of the applied metals. These turbines are used to power the oxidizer
and fuel pumps and are connected to them through a shaft. After leaving the tur-
bine, the exhaust gas is expanded through a nozzle and expelled in the ambient air.
During the start-up sequence of both engine cycles, the expander bleed engine cycle
and the gas generator cycle, the required chamber conditions and nozzle wall tem-
peratures are not su cient to power the turbines for the oxidizer and fuel pump.
Therefore, alternative methods must be applied for these conditions, for example
cold gas thrusters. A schematic visualization of a gas generator cycle with regener-
ative cooling and two separate secondary nozzles for the exhaust gas of the oxidizer
and fuel pump can be seen in g.(2.1 (b)).
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(@) (b)

Figure 2.1.: Schematic visualization of the (a) expander bleed engine and (b) gas
generator cycle based on Manski et al. [24] and modi ed.

2.2. The ow and gas expansion through an
axisymmetric nozzle

In this section the equations for characterizing the relevant ow parameters through
an axisymmetric nozzle, including the temperature, density and pressure will be
derived. The theory in this section is based on the publications by Veris [7],
Klinkov [21] and Ganzer [17].

For the derivation of the equations connecting the combustion chamber conditions
with the out ow conditions of the supersonic nozzle the following assumptions are
made:

A

the ow through the nozzle is isentropic and therefore adiabatic and friction-
less,

the gas ow is assumed to be one-dimensional, meaning, that the state vari-
ables only change in one direction,

the ow is compressible and therefore the density of the observed uid can
change with the pressure,

the ow velocity in the combustion chamber is small and therefore negligible
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2.2. The ow and gas expansion through an axisymmetric nozzle

compared to the velocity through the nozzle and in the exit plane,

the ow is assumed to be stationary,

the uid expanding through the nozzle is described by the perfect gas equations
of state.

The last assumption allows the usage of the ideal gas law given by [7]:

P = RT; (2.1)

whereP is the pressure, the density of the uid, R the speci c gas constant and T
the temperature. Additionally, the speci ¢ gas constant, ratio of speci ¢ heats and
the internal energy of a perfect gas are de ned as [17]:

R=¢ o« (2.2)
- 5.
s (2.3)
e=¢T,; (2.4)

with the speci ¢ heat capacity for constant pressure, and constant volumec,. This
assumption is valid due to the relatively low temperatures and the constant values
of the speci c heat capacities, ratio of speci ¢ heats and speci ¢ gas constant.

The equation for the conservation of energy for a stationary, one dimensional ow
in the integral form is given by [17]:

u> P
e+ > + — = const. (2.5)

with u being the velocity of the ow. Together with the speci c enthalpy, which is
de ned as [17]:

P
h=e+ —; (2.6)
the energy equation can be rewritten as:
u2
h + 5 = h; = const. (2.7)
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By using the de nition of the internal energy for a perfect gas and by introducing
the speed of sound [17]: |

@p_ P
¢= =" = —= RT; 2.8
@ (2.8)
the speci ¢ enthalpy can be expressed in terms of the speed of sound as:

c (2.9)

h:e+P=c\,T+RT:cpT:;pc2= x

This de nition of the speci ¢ enthalpy together with eq.(2.7) and the assumption,
that the ow velocity in the reservoir is negligible, leads to the following formulation
of the energy equation for an ideal gas [17]:

s g (2.10)

1

2
1+
2

¢
G 2
— M <, 2.11

> , (2.12)
with M = 2 being the Mach number. In this work the in ow reservoir is given by
the combustion chamber of the nozzle.

In the following, the relation between the the total temperatureT , total pressure

P and total density  and their corresponding state variable will be derived from
the energy equation of the ideal gas. The relation for the temperature can be derived
by simply plugging the de nition of the speed of sound into eq.(2.11), leading to [17]:

L:l-}- 1

T 5 M 2: (2.12)

To rewrite this equation in terms of the pressure and density, the isentropic relations
are used [17]:

P T 1
- =57 T : (2.13)
resulting in the following equations [17]:
R (2.14)
1 1
= 1+ M2 (2.15)
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Finally, by using the continuity equation [17]:
eAeUe = tAt Ut (2.16)

with the index e denoting the exit conditions of the nozzle and index the throat
conditions and using the isentropic relations stated above, the area ratio between
the nozzle exit and throat can be rewritten in relation to the exit Mach number,
leading to [21]:

+1

Ae 1 " 1+ %Mg#“ D

A M2 j : (2.17)
These equations for the temperature, pressure and density ratio will be used in
sec. 3.2.2 and sec. 3.2.3 to derive the chamber conditions of the bleed nozzle and
gas generator, respectively. Additionally the equation for the area ratio is used to
derive the nozzle throat diameter for a generic nozzle contour used to simulate the
out ow of the bleed nozzle and gas generator with the derived chamber conditions

in sec. 3.2.4.

2.3. The formation and characteristics of supersonic
free jets

After the expansion of the gas through the axissymmetric nozzle, the exhaust is
expelled into the ambient air. Since the nozzle out ow velocities of the RETALT1-
vehicle are in the supersonic regime, only the characteristics of supersonic exhaust
jets will be discussed. Therefore it is assumed, that the ow inside the nozzle
and through the exit plane, from which the exhaust jets are emanating, is fully
supersonic. Under this assumptions, a phenomenological description of the ow eld
characteristics and shock structure of supersonic, axisymmetric exhaust jets formed
by a generic nozzle will be given based on the speci cations made in the publications
by Klinkov [21] and Feldner [14].
By introducing the expansion ratio, or degree of o -design [21], relating the exit
pressure to the ambient pressure in the observed nozzle con guration:

Mexp. = :38; (2.18)

a
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the supersonic exhaust jets can be divided into underexpanded,f. > 1), ideally-
expanded (e¢p. = 1) and overexpanded (e, < 1) jets. The exhaust jet structure
of slightly underexpanded and overexpanded nozzle out ow is given in g.(2.2).

(@) (b)

Figure 2.2.: Visualization of the exhaust jet structure of a) slightly underexpanded
jets. The compression waves are not converging towards the central jet
region and no formation of a nozzle shock is observed. b) overexpanded
nozzles. This graphic is taken from the work of Zilker [44].

First we will consider the case of underexpanded jets and therefore a con guration,
where the nozzle exit pressure is higher than the ambient pressure. Due to the non-
ideal expansion of the exhaust ow, a centered expansion fan forms at the nozzle
outlet, which is normally re ected at the symmetry axis of the jet. The ow passing
through the expansion waves of the expansion fan is de ected in outwards direc-
tion, leading to an increase of the cross-sectional jet area downstream of the nozzle
exit, until a local maximum is reached. A negative curvature of the jet boundary

is observed. The high velocity gradient between the exhaust jet and the ambient
air leads to the formation of a shear layer, which can be described by a continuous
distribution of in nitesimal, tangential discontinuities of the entropy, so called slip
lines or slip surfaces. In case of tangential discontinuities, the velocity component
in normal direction disappears (> = 0), preventing the ow through the slip lines.
This de nition, together with the negative curvature of the jet boundary and a
constant static ambient pressure, leads to the re ection of the incoming expansion
waves, which were already re ected at the symmetry axis, as converging compression
waves and their intersection. The formation of an oblique shock at the intersection
of the compression waves, a so called nozzle shock, is observed. The formation of
the nozzle shock is not observed for slightly underexpanded jets. In this case, the
compression waves are not converged in the central jet region and do not intersect.
This nozzle shock extends towards the symmetry axis of the jet and the shock in-
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2.3. The formation and characteristics of supersonic free jets

tensity increases. For moderately underexpanded jets a regular re ection of the
incident shocks is observed. A contact discontinuity forms between the re ected
shocks and separates the ow eld. However, for an increasing pressure ratio and
therefore highly underexpanded jets, the angle of the incident shocks and the shock
intensity increase rapidly, so that a regular re ection is not possible. This results
in an irregular re ection of the shock and the formation of a triple shock structure
[16]. The triple shock structure consists of the incident shock,, the re ected shock
 and the main shock , which is referred to as Mach disk. In the triple point,
where the 3 shocks intersect, a tangential discontinuity forms again, separating
the ow behind the re ected and main shock.
In both cases, the ow passing through the incident and re ected shock remains
supersonic. The positive radial velocity leads to an expansion of the jet, while the
ow behind the Mach disk is decelerated to subsonic velocities. For the irregular
re ection, a mixing layer forms between the peripheral region of the jet and the ow
behind the Mach disk, causing the transfer of momentum and the acceleration of
the uid to supersonic velocities.
Eventually the re ected shocks reach the shear layer of the jet boundary and cause
the formation of a centered expansion fan. The previously described ow eld obser-
vations repeat, leading to the formation of the characteristic shock cells of supersonic
jets, also called shock diamonds. The total pressure behind each shock is reduced,
leading to a decrease in shock intensity. When the total jet pressure equals the
ambient pressure, the ow becomes shockless [14], [21]. A visualization of an un-
derexpanded jet with irregular shock re ection at the symmetry axis is given in
0.(2.3).
If the underexpansion ratio is increased even further, the formation of a single shock
cell with a curved Mach disk is observed. The spatial extend of the plume increases
and instead of the oblique nozzle shock a barrel shock forms, separating the inner
core of the plume from the ow in the region of the jet boundary. Again a shear
layer extends along the contact surface of the exhaust plume and the ambient air.
A schematic visualization of this phenomenon is given in g.(2.4).
For ideally expanded exhaust jetse., = 1 with the nozzle exit pressure being equal
to the ambient pressure only a weak discontinuity forms along the nozzle outlet and
a shear layer separates the jet from the surrounding uid. The jet diameter is con-
stant and no further expansion is observed. With increasing distance to the nozzle
exit mixing of the ambient air with the potential core of the jet occurs, leading to a
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Figure 2.3.: Schematic visualization of an underexpanded exhaust jet system with
irregular shock re ection. The formation and re ection of the expansion
fan is indicated and the picture was taken from Feldner [14].

Figure 2.4.. Schematic visualization of an extremely underexpanded exhaust jet sys-
tem with a single shock cell and the formation of a barrel shock taken
from van Donkelaar [41].

reduction of the exhaust velocity [44],[1].

In case of overexpanded jetss,. < 1, instead of the expansion fan, an overexpan-
sion shock forms directly at the nozzle exit. The overexpansion shock raises the
exit pressure of the jet to the ambient pressure of the surrounding uid, since no
pressure gradients are possible across the jet shear layer. The periodic compression
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and expansion of the jet and the formation of shock cells, previously described for
underexpanded jets, is observed again.

Owing to the varying ambient pressure during the ight trajectory of a launch vehi-
cle, the expansion ratio constantly changes. For the simulated trajectory points and
observed altitudes in this work the main engine exhaust of the RETALT1 vehicle
is underexpanded. Due to the smaller exit pressure of the secondary nozzles, the
resulting exhaust jets are overexpanded for the rst simulated trajectory point and
underexpanded for the remaining altitudes.

2.4. Plume formation of clustered nozzle arrays

In the previous section, the ow eld and shock characteristics of an exhaust jet em-
anating from a single nozzle were described for varying exit pressures. However, in
order to generate the desired thrust conditions in modern launcher con gurations,
the rst stage generally applies an array of clustered main engines. For increasing
altitudes and underexpansion ratios of the nozzles, the spatial extend of the exhaust
plumes increases, leading to the interaction of the single jets and strong plume-
plume interactions can be observed.

Various studies of these plume-plume interactions applying an arrangement of two [9],
four [30],[29] and six main engines [28] were conducted for the ascent phase of launch
vehicles and some of them were summarized in the thesis of Zilkner [44]. Additon-
ally the work by Zilkner includes the theoretical explanation of the exhaust plume
structure of an RLV during the retro-propulsion phase with three of the nine main
engines active. Similar to the RETALT1 vehicle the active engines are in line along
the symmetry axis of the computational domain. Therefore, based on the previ-
ously mentioned publications, a description of the shock and ow eld characteristics
formed by an array of main engines will be given for the ascent and retro-propulsion
phase of an RLV in the following two sections.

2.4.1. Shock structure of nozzle arrays during the ascent of a
launch vehicle

The ow eld in the aft-bay region of a launch vehicle during the ascent phase is
characterized by a wide regime of ow conditions and high gradients of the velocity
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and temperature. A visualization of the occurring phenomena and shock formations
for moderately and highly underexpanded exhaust jets during this ight phase can
be seen in g.(2.5). In the following description the main engine thrust is assumed
to be constant along the ight trajectory.

Figure 2.5.: Schematic visualization of the ow in the aft-bay region during the
ascent phase taken from Mehta et al.[28].

For moderately underexpanded jets, the expansion of the exhaust gas downstream
of the nozzle exit leads to the impingement and interaction between adjacent jets,
causing the formation of oblique shocks and a stagnation point at the intersection.
A negative pressure gradient against the main engine ow direction forms. Gas ow
with lower velocities and axial momentum is unable to overcome this pressure gradi-
ent and is redirected in the opposite direction, leading to a back ow of the exhaust
gas towards the baseplate. This recirculating ow between the main engine outlets
is referred to as updraft plume. For the transition case, the incoming free stream,
due to the vehicle movement, is entrained towards the baseplate and collides with
the updraft plume. The total value of the axial velocity component is equal between
the updraft plume and the entrained free stream, preventing the impingement of the
reverse jet onto the baseplate.

For an increasing altitude and therefore highly underexpanded operating conditions
of the main engines, the plume-plume interactions and the observed pressure gradi-
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ent at the stagnation point increase. A larger amount of the boundary layer ow is
unable to overcome the pressure gradient and the mass ow of the updraft plume
increases. The updraft jet impinges onto the baseplate, leading to the formation of
a wall jet and a redirection of the ow in radially outwards direction, preventing
the entrainment of the incoming free stream. Recirculation regions of the hot main
engine exhaust form in between the main engines, the so called main engine cavities,
and in the peripheral region of the baseplate, leading to plume-induced ow sepa-
ration (PIFS). For increasing pressure ratios and mass ows of the updraft plume,

a choked condition can be identi ed, where the velocities of the recirculating gas
can reach supersonic speeds and the maximum pressure and heat ux values are
observed and become independent of the ambient pressure.

2.4.2. Shock structure of counter owing jets during
retro-propulsion

During the retro-propulsion maneuver, the three main engines along the symmetry
plane are operated against the incoming free stream velocity vector. Both the free
stream and main engine exhaust velocities are supersonic. A visualization of the
observed ow eld phenomena for a launcher, which is comparable to the RETALT1-
vehicle, is given in g.(2.6).

Due to the re ection and intersection of the expansion waves originating along the
main engine outlets, a barrel shock forms downstream of the nozzles and terminates
in a Mach disk. The ow passing the strong shock, given by the Mach disk, is
decelerated to subsonic velocities, while the ow through the weaker barrel shock
remains in the supersonic regime. The counter owing exhaust jets combined with
the vehicle geometry represent an e ective obstruction for the incoming free stream
and a bow shock forms downstream of the Mach disk. This leads to the creation
of a stagnation region between the two shock structures, separating the exhaust
plume from the incoming ow along the contact surface. The stand-o distance of
the bow shock and the spatial extend of the exhaust plumes depend on the thrust
conditions of the main engines and the underexpansion ratio and therefore decrease
with decreasing altitude.

Owing to the interaction of the uid passing through the barrel shock and Mach
disk with the ow through the bow shock, ow de ection of the main engine exhaust
towards the vehicle is observed. The high velocity gradient between the supersonic
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Figure 2.6.: Exhaust plume structure of counter owing jets in RLV con gurations
taken from Ecker et al.[10].

exhaust jets and the ow in the stagnation region leads to the formation of a shear
layer along the jet boundary. A strong, torus shaped recirculation region forms
around the low pressure aft-bay and extends along the shear layer of the exhaust
jets. The de ected ow impinges onto the side-walls of the vehicle, which leads to
an immersion of the launcher in the hot main engine exhaust.
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The numerical setup of the DLR TAU code used for 3D simulations of a reusable
launch vehicle will be described in this section. Additionally, the boundary condi-
tions will be given, including the free stream conditions for the simulated trajectory
points. A detailed description of the numerical mesh and the methods for improving
the resolution of the exhaust jets and the ow eld in the aft-bay region of the ve-
hicle will be provided. The arrangement of the secondary nozzles is presented. The
derivation of the bleed nozzle and gas generator chamber conditions is explained
in detail and the results of 2D axisymmetric nozzle simulations using the chamber
conditions to create the nozzle out ow in the 3D simulations of the RLV are given.
Concluding this chapter, the validity of the computational mesh is con rmed by
conducting a grid convergence study for representative eld and baseplate variables
and the numerical uncertainties are reported.

3.1. DLR TAU code and numerical settings

The DLR TAU code [34] is a second-order nite-volume ow solver for 2D and 3D
problems on hybrid structured-unstructured meshes. TAU uses an edge-based dual-
cell approach based on a vertex-centered scheme.

In order to generate comparable results to the already existing aero-thermal database,
the Reynolds-Averaged Navier-Stokes (RANS) equations together with the one-
equation Spalart-Allmaras linear eddy viscosity turbulence model [37] are used for
steady simulations of the ow eld. This turbulence model yields satisfactory results
for the exhaust plume structure of RLVs during their ight trajectory[11] and is
suitable for the prediction of wall heat uxes in hypersonic ow regimes[19], while
still being numerically robust [15] .

Second-order spatial accuracy is achieved by applying the AUSMDV[42] upwind ux
splitting scheme and a least squares gradient reconstruction, while the temporal dis-
cretization is done with a 3-stage explicit Runge-Kutta method.
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To improve the numerical accuracy for low Mach number regions, the low-Mach
number variable reconstruction modi cation by Thornber[39] is applied.
Due to the fuel rich out ow of the main engines and secondary bleed nozzles, the
potential e ects of post-combustion are considered and the chemistry modelling is
done by using a reduced 19-step Jachimowski mechanism[18]. This approach for the
chemistry modelling applies a multispecies algorithm for the combustion in a liquid
hydrogen, liquid oxygen main engine with the combustion species jHi, O,, OH,
H,O, H,0O,, HO,] and the species for the ambient air [@ N,] [10]. The approach
for modelling the rate changes of the species during the combustion is based on a
nite rate chemistry model. The rate change for each species during the reaction is
de ned as [20]:
X Y ‘ Y ,#
Ws=Ms (¢ s) kI (ns) * k:) (ns) * ; (3.1)
r S S
with the index r indicating the reaction and indexs indicating the species, ¢ and
< being the stoichiometric coe cients of the reaction for the educts and products
respectively andk® and k! the backwards and forwards reaction rates. The molar
mass is given byMg and the molar density byns. The forward reaction rate can be
calculated by using the Arrhenius law [13]:

Ea
k = AT "exp RT (3.2)
with A being the pre-exponential or frequency factom the temperature exponent
and E, the activation energy of the reaction. Finally, the rate constants for the
backwards reaction can be calculated with the constants in the equilibrium state [13].
The transport coe cients of the simulated species were taken from the outpot of
the NASA CEA tool [27].

3.2. Numerical setup and boundary conditions

In the following section, the numerical setup, including the geometry and boundary
conditions of the computational domain, will be described.

The CAD-model of the simulated launch vehicle and the surrounding far eld was
designed usingCATIA v5 [38]. Centaur Version 14.0 [36] was used for the grid

generation. Centaur enables the construction of structured-unstructured numerical
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meshes with hexaedral- and prismatic-elements along walls, allowing high resolution
of the boundary layer in this region, and tetrahedral elements inside the compu-
tational domain. The transition between these two regions is guaranteed by using
pyramidal elements.

3.2.1. Simulation mesh and free stream conditions

The focus of this work is to characterize the ow structures in the aft-bay region of
the launch vehicle during the ascent and retro-propulsion phase and the resulting
thermal loads on the rocket baseplate. Therefore, all simulations are done using
a simpli ed version of the RETALT1 rst stage, without the aerodynamic control
surfaces and landing legs on the 3D computational mesh shown in g. 3.1. Depending
on the observed case, the ow eld is simulated for a full model or a half model
of the geometry with a total of 98 M and 49 M volume elements, respectively.
The simulated trajectory points, including the height, Mach number and ambient
pressure are given in tab. 3.1.

Table 3.1.: Simulated trajectory points and ight Mach number.

Trajectory point height [km] Mach number ambient pressure [Pa]

Ascent 1 7 0.8 41060.7
Ascent 2 35 2.8 475.9
Ascent 3 60 45 20.3
Ascent 4 86 7.4 0.3
Decent 1 60 7.0 20.3
Decent 2 40 51 277.5

In order to create a realistic con guration and prevent ow disturbances for the
ascent trajectory, a generic payload fairing was added on top of the vehicle. The
simpli ed vehicle, which will just be referred to as RET-1S (RETro-propulsion 1st
Stage) in the following, is enclosed by a spherical far eld mesh with a radius of
r =280 m, which corresponds to approximately four times the vehicle length. The
large far eld radius is chosen in order to capture the full plume structure and shock
formation for super- and hypersonic ight Mach numbers. The origin of the coordi-
nate system and therefore the origin of the spherical far eld is given by the central
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(@) (b)

(©) (d)

Figure 3.1.: a) View of the full mesh symmetry plane. b) Re nement region for the
exhaust plume in the symmetry plane. c) 3D view on the aft-bay region
of the vehicle and visualization of the main and secondary nozzles. d)
Baseplate of the RET-1S-vehicle with schematic representation of the
bleed nozzle arrangement.
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point of the rocket baseplate.

The secondary nozzles are arranged in a ring shape between the central nozzle and
the 8 outer main engines in such a way, that the angle of the line between the bleed
nozzle and the nearest main engine in positive y-direction and the line between the
engine with the central engine equald5 (see g. 1 d)). This arrangement allows

to reduce the full model to a half model in the simulations of the ascent trajectory
since all main engines are active during this ight phase leading to a symmetric
con guration along the x-y-plane. This assumption does not hold for the descent
trajectory. During this phase only the three main engines along the symmetry plane
and the corresponding secondary nozzles are active. Due to the rotation of the sec-
ondary nozzles around the outer main engines, one of the secondary nozzles of the
active main engines is not included in the half model and the full model has to be
simulated. The secondary nozzles in the outer ring stand out from the baseplate by
a height of hgy = 0:03m. The central main engine and the secondary nozzle con-
nected to it are elevated by hpan = 0:15m and hgy = 0:4 m. The exit diameter

of the RET-1S main engines and secondary nozzles are giveny,i, = 1:1 m and
Dsny = 0:14 m, respectively. The nozzle out ow is de ned by a Dirichlet boundary
condition and the corresponding engine parameters will be derived in the following
two sections (sec. 3.2.2, sec. 3.2.3). These boundary conditions are then used to
conduct separate 2D-axisymmetric simulations of the nozzle ow in sec. 3.2.4.

To provide a high resolution of the exhaust jets while at the same time minimizing
the number of implemented grid points, a cylindrical and a conical grid re nement
(GF) region are applied at the aft-bay. Since the RET-1S-vehicle is aligned along
the x-axis, the position of the re nement regions is fully de ned by the x-coordinates
of the starting point and the end point. The cylindrical re nement region is applied

in between the curved aft-bay region and the outlets of the outer ring of main en-
gines. The cylindrical re nement region is smoothly connected to the conical GF,
starting at the outer main engine outlets. All relevant parameters of the two re-
nement regions, including the x-coordinates, the radius and the cell size at the
starting position x; and the end positionx, can be seen in tab.(3.2). A constant
cell size is chosen for the cylindrical re nement region of the aft-bay, while the cell
size for the conical re nement region increases with increasing distance to the main
engine. The reason for this is, that high resolution is desired in close proximity
to the baseplate and nozzle out ows to capture the dominant ow characteristics,
while the relevance of the exhaust plume structure downstream of the nozzle out ow
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decreases with increasing distance.

Table 3.2.: Parameters of the cylindrical and conical grid re nement regions.

Parameters cylindrical GF region conical GF region
X1-coordinate in [mm] -910 1750.6884
Xp-coordinate in [mm] 1750.6884 65000

radius 1 in [mm] 3400 3400
radius 2 in [mm] 3400 50000
cell size 1 in [mm] 30 13

cell size 2 in [mm] 30 1000

In order to guarantee the numerical accuracy of the Spalart-Allmaras turbulence
model without wall functions, the rst layer thickness of the boundary layer mesh

is kept at small values of [0.05, 0.1] mm, which corresponds to a dimensionless wall
distance ofy* < 1.0.

The computational domain is initialized using a dry air species mixture with the
mass fractions of N = 76:7% and O, = 23:3%. In order to generate consistent
and comparable results to the aerothermal database of the RETALT1-vehicle, the
isothermal wall temperature was kept at 600 K in all simulations.

3.2.2. Estimation of the bleed nozzle chamber conditions

Two main engine cycles, an expander bleed engine cycle and a gas generator cycle,
were identi ed as suitable modelling options for the additional cold gas out ow
from the secondary nozzles, as they represent two state of the art, open liquid
propellant engine cycles in VTVL con gurations. In both cases only little or no
consistent information on detailed engine con gurations with similar combustion
chamber conditions combined with a description of the secondary nozzle out ow are
available. Therefore the out ow conditions had to be derived by comparing and
rescaling engine cycles with similar thrust and exit conditions, respectiveley. In this
section, the rescaled conditions for the expander bleed engine cycle are derived for
a reference engine cycle proposed in the publication by Sippel et al.[35]. In the
following, we will refer to this engine cycle as BN-Sippel. A detailed visualization
of the engine cycle is given in g.(3.2). The important values for the scaling routine
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have been extracted and can be taken from tab.(3.3). The general theory and
functionality of an expander bleed engine cycle was described in sec. 2.1 and the
equations used in this section have been introduced in sec. 2.2.

Figure 3.2.: Expander bleed engine cycle derived by Sippel et al.[35].

Table 3.3.: Reference values for the main engine and bleed nozzle out ow taken from
Sippel et al.[35]

Properties Units Main engine bleed nozzle 1 bleed nozzle 2
Mass ow kg=s 539.290 2.649 8.060
Temperature K 1579.00 230.15 214.83
Mach number 3.411 1.973 1.975
Exit velocity m=s 3799.77 2240.18 2160.55
Exit pressure bar 0.6 0.4 0.4

In the BN-Sippel cycle, the oxidizer (LOx) and fuel (LH) pumps and turbines are
connected by two separate shafts and the liquid hydrogen used for powering the
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pumps is ejected through two distinct bleed nozzles. Since our geometry for the
RET-1S con guration only applies a single bleed nozzle per main engine, the mass
ow for the BN-Sippel cycle will be combined and rescaled to create a single out ow
condition in the following.

For the simulations of the RET-1S bleed nozzles, the same temperatures and exit
velocities compared to the BN-Sippel cycle are desired. Therefore, the exit temper-
ature and velocity are set toTgy e = 230:15 K and ugy e = 2240:18 m=s. These
values can be used to calculate the exit Mach number of the bleed nozzles:

Mene = G2V =1:94 (3.3)
T BN,e

with R =4124J/(kg K) and = 1:41 The values for the specic gas constant and
heat capacity ratio were calculated with theNASA CEA tool [27].
In the next step, the rescaling of the exit conditions is done by calculating the
ratio of mass ow rates for the corresponding main engines. In case of RET-1S the
main engine mass ow equal$nmanrer = 315:81kg=s while the mass ow for the
BN-Sippel case is given bynmainrer = 539:2%g=s. This leads to a mass ow ratio
of:

f = DMANRET _ (.5g (3.4)

- Mmain,ref
This ratio is multiplied with the combined mass ow of the two bleed nozzles, which
is used to power the oxidizer and fuel pumps, resulting in:
kg
MeNRET = 'm Manyer = 6:27 < (3.5)
By comparing the mass ow of the main engine with the secondary nozzle exhaust
per engine, it can be seen, that the secondary nozzle exhaust only makes up 1.99 %
of the main engine exhaust.
With the following equation, the Mach number together with the exit pressure in the
BN-Sippel case are used to calculate the total pressure in the combustion chamber:

1 1
Pe=Pe —5— M2+1  =2:84bar (3.6)

The throat area for the previously de ned RET-1S bleed nozzle, with the corre-
sponding exit area ofA, = 0:063 m? and the resulting supersonic area ratio of
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r'sup = 1:62is calculated by:

Ar=Ae Mg —2. ¢ =0:039m?: (3.7)

The density inside the combustion chamber is calculated from the ideal gas law:

Pc kg
= =0:17 —; .
" R T 0:47 s (3:8)
where T, is the total temperature in the combustion chamber given by:
1 2
T.=Te 1+ Mg =312:7 K: (3.9)

A table of the relevant combustion chamber parameters derived in this section
is given in tab.(3.4). These parameters will be used to conduct separate 2D-
axisymmetric nozzle simulations in sec. 3.2.4.

Table 3.4.: Calculated combustion chamber conditions for the bleed nozzle out ow
in the separate 2D-axisymmetric nozzle simulations in sec. 3.2.4.

Properties Units RET-1S bleed nozzle

Pressure bar 2.84
Temperature K 312.7
Density kg/m3 0.17

3.2.3. Estimation of the gas generator chamber conditions

The gas generator cycle represents the alternative modelling approach for the sec-
ondary nozzle out ow. Due to the similar chamber conditions of the RET-1S main
engines and the Vulcain engine, the engine parameters of the Vulcain gas generator
are used as reference values. The cycle will be referred to as V-GG and the technical
characteristics can be taken from the work of Brossel et al. [3].

The gas generator of the Vulcain main engine uses a fuel rich mixture of liquid
hydrogen, liquid oxygen with an oxidizer to fuel ratio of2 = 0:9. As already men-
tioned in sec. 2.1, this is done to keep the exhaust gas temperatures below the
melting point of the turbine blades. The hot exhaust gas is then used to power the
oxidizer and fuel pumps. A description of this process and the theory of an open
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gas generator cycle was given in in the same section. For the sake of simplicity, the
mass ow of the hydrogen turbopump is used for an estimation of all implemented
pump-systems and for the in ow conditions of the secondary nozzle.

The hydrogen turbopump is characterized by a turbine inlet pressure of
Pin = 75 bar and an inlet temperature of Tj, = 900 K. The heat capacity ra-
tio of ¢, = 8083:3J/(kg K) for the species mixture is calculated with the NASA
CEA tool. The turbine outlet temperature T, can be estimated by subtracting the
change in enthalpy, due to the turbine power generation @ = 12 MW and the
mass ow of Mg et = 9:2 Kg/s, from the inlet temperature:

h
TOUt = Tin E = 723 K (310)

The chamber pressure can then be derived with the isentropic expression:

P T, 1
cTut _ I:Sut _ -F_Ut ! ) Pout = 35:4 bar (3.11)
in in n

with a heat capacity ratio of = 1:37for the exhaust gas mixture. The heat capacity
ratio was taken from the output of the NASA CEA tool. The density can again be
calculated with the ideal gas law (eq.(3.8)), leading to a value of,; = 2:26 kg=m?.

Table 3.5.: Calculated combustion chamber conditions for the gas generator out ow
in the separate 2D-axisymmetric nozzle simulations.

Properties Units RET-1S gas generator

Pressure bar 3.32
Temperature K 383.8
Density kg/m3 0.4

These nozzle inlet conditions would lead to a signi cantly increased mass ow for the
secondary nozzles in separate simulations (see sec. 3.2.4). Therefore, the chamber
in ow density had to be adjusted with respect to the nozzle in ow diameter and

the mass ow leading to a value of o, = 0:4 kg=m®. The adjusted inlet pressure
equalsPq; = 3:32 bar.
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3.2.4. Nozzle simulations and interpolation setup

In order to guarantee realistic conditions for the engine out ow and a high resolution
of the boundary layer close to the nozzle walls in the 3D simulation setup of the RET-
1S-vehicle, separate 2D-axisymmetric simulations of the nozzle ow are conducted.
The derived chamber conditions of the bleed nozzle (sec. 3.2.2) and gas generator
(sec. 3.2.3) in addition to the main engine combustion chamber conditions are used
as in ow conditions. It was observed, that a high resolution of the nozzle shear layer
improves the numerical accuracy of the 3D simulations and leads to a more accurate
representation of the exhaust jet structure and plume length.

For the main engine, the gas burned in the combustion chamber consists of a mixture
of liquid hydrogen and oxygen with the chamber conditions given in tab.(3.6), while
the outlet pressure is de ned by the vehicle altitude. Therefore, multiple simulations
had to be done for the varying outlet pressures. Since the ow is assumed to be in
chemical non-equilibrium, a reduced 19-step Jachimowski mechanism with 9 species
is applied in all simulations. The result for the Mach number distribution is shown

in g.(3.3 a)).

Table 3.6.: Combustion chamber conditions of the RET-1S main engines.

Properties Units RET-1S main engine

Pressure bar 117.3
O/F 6.7
Density kg/m3 5.44

(@) (b)

Figure 3.3.: a) Main engine Mach number distribution. b) Bleed nozzle Mach num-
ber distribution.
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No nozzle contour was available for the secondary nozzles. Therefore a generic noz-
zle contour was created by using the prede ned outlet area and the nozzle throat
area derived in eq.(3.7), leading to the supersonic area ratio of,, = 1:62 The
nozzle contour was used for the simulations of the bleed engine out ow, as well as
the gas generator conditions. Since the exhaust gas of the secondary nozzles in the
bleed engine cycle only consists of hydrogen, the corresponding simulations were
done for a single species transport with the chamber conditions given in tab.(3.4).
The reduced Jachmimowski mechanism is applied for the simulation of the gas gen-
erator ow due to the presence of an oxidizer and fuel mixture, making additional
combustion possible. The Mach number distribution for the secondary nozzle is vi-
sualized in g.(3.3 b)). The visualization of the nozzle ow through the main engine
and secondary nozzle show the formation of the shear layer along the outer wall. In
both cases a weak shock, forming downstream of the throat, is present inside the
nozzle and the exit velocities are still supersonic.

Linear interpolation is used to map the generated nozzle out ow pro les as Dirich-
let condition onto the corresponding boundary cells of the 3D simulations for the
RET-1S vehicle. In order to create a good approximation of the circular out ow,

a so calledEuler stepwas created at the nozzle outlet. Thi€uler step consists of

a backwards facing step into the nozzle connecting the outer nozzle wall with the
Dirichlet inlet through a slip wall boundary marker (see g.(3.4)). The slip wall
condition is used to avoid numerical problems and non-converging solutions, which
occur for a boundary marker with a no-slip condition close to the supersonic in ow
boundary marker due to the high gradients in ow velocity.

Without applying the Euler stepand placing the supersonic out ow condition di-
rectly onto the nozzle walls, the outer grid points of the boundary marker are as-
signed with the boundary condition and value from the viscous wall. This leads to a
zic-zac shaped out ow condition of the nozzle, similar to the schematic visualization
shown in g.(3.5 a)). By applying the Euler stepand resolving the boundary layer
along the included grid markers, the shape of the supersonic out ow is improved and
nearly circular, apart from the obvious discretization errors, leading to the result in

9.(3.5 b)).
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