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Abstract

In any spacecraft mission it is vital to have knowledge about the attitude. In this context, multiple ways can be employed
to estimate the current attitude of the spacecraft. As temperature sensors are cheap and lightweight they appear to
be a viable alternative. A method is investigated to estimate the attitude of a spacecraft based on twelve temperature
sensors in a cuboid configuration. The method relies on a proposed mathematical model governing the temperature and
attitude dynamics and employs non-linear observer design. Further, it is investigated if the attitude estimation is still
possible if some of the sensors are malfunctioning. The proposed algorithms are validated using real mission data.

1. Introduction

Temperature sensors are commonly employed on every
spacecraft mission. They allow monitoring the tempera-
ture of individual electrical components and enable to take
measures if any of these components exceed their temper-
ature limits. Consequently, they allow the identification
of heat sources or their absences which can be used for a
multitude of purposes. One of them has found more and
more interest in research within the last few years, namely
the attitude estimation of the spacecraft based on temper-
ature measurements.

There are multiple scenarios in which the application
of attitude estimation based on temperature data can be
beneficial. Three of them being safe mode operation, low
cost satellites and sensor failure. In most conventional op-
eration modes, the most precise attitude of the spacecraft
is obtained using star trackers as they give the highest
accuracy. Adversely, its computational effort and costs
are high. Furthermore, for every mission there exists a
safe mode for the spacecraft. This mode may occur if
any operating condition or events occur that may lead to
loss of control of the spacecraft. It is usually designed
in order to guarantee thermal and power survival of the
spacecraft and their electrical components. Consequently,
this mode focuses on detumbling, ensuring that the so-
lar panels see enough sunlight and not letting any of the
electrical components overheat. Therefore, non-essential
and power consuming electrical components such as star
trackers are usually turned off and the desired pointing ac-
curacies are often not more than 10 degrees Herman et al.
(2004). With the temperature sensors being cheap and

*Corresponding author.

Preprint submitted to Elsevier

having a low power consumption, the method proposed
in this work is designated to be applied in this scenario
to estimate the attitude. Additionally, the temperature
measurements and their resulting estimates can also be
combined with other low cost measurements such as mag-
netometer or acceleration measurements. For the same
reasons, it is clear, that the proposed method can also
be applied for low cost satellites. Furthermore, spacecraft
need fall back options in case their nominal attitude sen-
sors fail. Temperature sensors are extremely cheap such
that a multitude of them can be used in a hot redundant
manner. This makes this method a reliable fall back op-
tion if for example the usually used star trackers fail. For
all three applications discussed, it is important to note
that the altitude of the considered orbits must not be too
high, as for higher altitudes the influence of infrared and
albedo irradiation is insignificant. For low earth orbits the
proposed methods are applicable.

The attitude estimation is achieved by considering tem-
perature sensors at the outside of the spacecraft which are
mostly isolated from internal heat flows. Consequently,
the temperature evolution is only governed by irradia-
tions from Earth, Sun and deep space. Dependent on the
amount of sensors and their configuration this allows an
estimate of Sun and Earth position with respect to the
spacecraft and consequently an estimate of the spacecraft’s
orientation with respect to an inertial frame. This estimate
can be combined with other vector measurements from e.g.
star trackers, sun sensors, Earth sensors, gyroscopes and
GNSS to refine the attitude estimation Sidi (1997); Martin
et al. (2004).

In a similar fashion, temperature data is used for or-
bit determination as proposed in Gourabi et al. (2019).
Hereby, mainly the irradiations emitted by Earth are used
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in an unscented Kalman Filter design to estimate posi-
tion and velocity of the spacecraft. In the follow-up work
Gourabi et al. (2020), the albedo factor is simultaneously
estimated as it usually varies significantly with the local
terrain and cloud coverage.

While the underlying idea of attitude reconstruction
based on temperature data is similar, the specific algo-
rithm depends on the number of sensors used and their
configuration.

The usage of only a single sensor is investigated in
Posielek (2022) and Posielek and Reger (2022). This sin-
gle sensor is already sufficient to estimate the attitude but
only in a local instead of a global manner and its estima-
tion algorithm requires at least three times the differenti-
ation of the temperature signal which is difficult to fulfil
for a signal in practice which is subject to noise.

Thus, it is desired that the temperature signal must be
differentiated at most once. In order to achieve this, there
must be at least three temperature sensors. This is in-
vestigated in Khaniki and Karimian (2014) for sensors or-
thogonal to each other. The resulting non-linear system
of equations can be solved by an optimisation algorithm.
However, because each sensor is influenced by the super-
position of irradiation from Earth and Sun, the solution is
not unique. The authors of Khaniki and Karimian (2014)
propose the usage of an additional sensors pointing in op-
posite direction to the already existing ones to solve this
ambiguity.

Instead of explicitly solving the non-linear system of
equations, Labibian et al. (2017) proposes the usage of
an unscented and extended Kalman filter to estimate the
attitude. This extended Kalman filter is experimentally
validated in a vacuum chamber equipped with a Sun sim-
ulator Labibian et al. (2016). The resulting accuracy is in
the range of 0.2°. Naturally, these errors are expected to
be higher under non-laboratory conditions.

Despite this success with already three sensors, the ad-
vantages using twelve temperature sensors in a specific
configuration are significant. The twelve sensors are di-
vided into six pairs where each pair points into the direc-
tion of another positive or negative unit vector which is
referred to as cuboid configuration. Every pair consists
of two sensors with different visual absorption and emit-
tance. This ensures that for a spacecraft which is not
in solar eclipse, there are at least three sensor pairs that
are under the influence of solar irradiation at all times.
Additionally, the sensor pairs allow the estimation of the
irradiation from Earth and Sun individually and not only
their superposition as mentioned in Khaniki and Karimian
(2014). These sensors in this configuration are commonly
employed in industry and referred to as Coarse Earth Sun
Sensors (CESS) Kramer (2002). They are used for exam-
ple in safe mode to give rough estimations of the attitude
Levenhagen et al. (2007).

In this work, a novel observer design is proposed for the
introduced configuration and a proof of its convergence is
given. This design has not been considered in literature

before and is extremely transparent and simple to imple-
ment. It only consists of a linear differentiator and a non-
linear transformation. No convergence of an optimisation
method or of non-linear ordinary differential equations has
to be shown. Additionally, the scenario of sensor outages
is investigated, i.e. failure cases where some of the consid-
ered sensors do not provide reliable information any more.
It can be shown that in most configurations with sensor
outage, the proposed design can be adapted to still yield
accurate estimates of the attitude. Finally, the proposed
observers are validated on data from a real spacecraft mis-
sion.

Furthermore, parts of the Sections 5 and 8 have been
submitted within Posielek (2022). However, Section 7 is
completely novel and has not been discussed in aforemen-
tioned thesis.

The rest of the work is structured as follows. Section 2
provides the required notation necessary for the problem
formulation and the observer design. In Section 3 the non-
linear models governing the temperature, attitude and or-
bit dynamics are given. A compact formulation of the
problem is given in Section 4 while Section 5 shows the
observer design. The adaptation of the observer for a sen-
sor outage is discussed in Section 7. Finally, the proposed
observers are validated against real mission data in Sec-
tion 8.

2. Notation

Much of the notation in this work is based on Markley
and Crassidis (2014) and Posielek and Reger (2021). By
R, all positive real numbers are denoted. The i-th unit
vector of R™ is defined by e;. The identity and zero ma-
trix of dimension n for n € N are denoted by I,, and 0,,.
The subscript n is neglected when the dimension of the
matrix is clear. For an n € N dimensional vector z € R"
the i-th component is denoted by z; and the components
x; to x; where i < j < n and ¢,7 € N are denoted by
zij; = [z; ... x;]. For any matrices A; € RP*™ where
n,p,m € N the block diagonal matrix with Ay,..., A, on
the main diagonal is denoted by diag(A41, Aa, ..., A,) . For
a matrix A € R™*" with n > m and full rank the Moore-
Penrose inverse with AT = (ATA)"!AT is denoted AT .
Most of the notations regarding attitudes are borrowed
from Markley and Crassidis (2014). Let

Si={z e R | ||zf| = 1}
be the i-th unit sphere with ||-|| the Euclidean norm. The
special orthogonal group is denoted by SO3
SO3 ={AcR¥>3| AAT =1, det(A) = 1}

which contains all rotation matrices. The cross product
matrix and the matrix required for quaternion multiplica-
tion are defined as

0 —uz us
= Is + [g1.3%
= [y 0" ] = [ ]
—U2 U1 0 q1:3



Figure 1: Configuration of the temperature sensors

for u € R and ¢ € S3. In order to define the quaternion
dynamics the matrix

_[lwx] w
aw) = |3
for w € R? is introduced. With A4 : S* — SO3 the trans-
formation from quaternion into rotation matrix is denoted
which is defined by

Alg) = gl (@ = llavsl®) s + 213005 — 2aafarax] )
he inverse quaternion ¢!, the quaternion multiplication

of ¢q,q € S3 denoted by ® and the error quaternion ¢° are
defined by

¢ =lalsal’, a©q=[2@) dq, =905 ",
The inverse of the sine and cosine with the image [—7, 7]

and [0, 7] are written denoted by asin and acos, respec-
tively. The operators A and V denote logical conjunction
and disjunction, respectively. The angle between two vec-
tors r,s € R® and two quaternions ¢,q € Ss is defined
as

r’ s _ .
Z(r,s) := acos T Z(q,q) :=2acos(q®@q ).
|| ||s

3. Modelling

A rigid body spacecraft with twelve sensors pointing
along the individual positive and negative body axes is
considered. Along each axis there are two sensors with
different physical parameters. One sensor of each pair has
a surface which is reflective silver while the other one is
black. These surfaces have different thermal coefficients
o and €5 ;. A temperature measurement of a black sur-
face will be denoted by the superscript -B while one of a
silver surface will be denoted by -5. One sensor is located
at each side of the spacecraft which is referred to as cuboid
configuration, i.e. n € {£ey, teq, +es} where n is the nor-
mal vector in body frame. A temperature measurement
with the normal n is denoted with a subscript -,,. In total

Body Frame

>a

ECI Frame

Figure 2: Illustration of the considered system. Courtesy: NASA)

there are twelve different temperature measurements 77
with ¢ € {B,S} and n € {£e;,+es, £es}. The tempera-
tures are arranged such that the first six temperatures are
from black sensors and the second six from silver sensors,
le. it is

— 7B 7B B oS o8 S
T:=[T\,...,Tio) = [T8, T8, ..., T8 78 78 .. TS ]
with the configuration N := {ny,ng,...,n12} and the
normals (n1,ns,...,ng) = (e1,—e1,ea, —ea,e3, —e3) and

(n7,mg,...,n12) = (n1,n2,...,n6). The configuration of
these sensors is illustrated in Figure 1.

In order to describe the attitude quaternions g € S3 are
used which represent the attitude of the body frame of
the spacecraft with respect to the Earth-centered inertial
(ECI) frame. The parameters of the i-th temperature sen-
sors shall be denoted by ¢; = [as i, Ci, Q, Asi,€54] T where
o ; is the solar absorptance, Q¢ the dissipated power, C;
the thermal capacity, As; the surface area and ey; the
emittance of the i-th temperature sensor. More details
about these parameters can be found in Posielek (2018).

The overall system dynamics can be split into thermal,
attitude and orbit dynamics.

8.1. Thermal Dynamics

An illustrative overview of the temperature dynamics
can be seen in Figure 2. The model and notations of
Posielek (2018) based on the work of Larson and Wertz
(1991) and Meseguer et al. (2012) are used. The dynamics
of the temperature are assumed to be governed solely by
environmental heat. The dynamics have the form

ﬁ = qun(Q7 TN, Ci) + Qalb(Qa T, g, Ci) + QIR(qa Ty Ny, Ci)
= Qas(Ti, i) + Qais(c) (1)
where Qgun is the solar, Q.1 the albedo, Qg the infrared,

Qg5 the deep space irradiation and Qgjs the dissipated heat
and r the position of the spacecraft with respect to earth



in ECI frame. Note that this is a simple model which as-
sumes that the dissipative heat is constant and that neither
conduction nor radiation exchange exists between different
temperature nodes. The irradiations are defined as

Qsun(q, 7,14, ¢;) = max (a(r, ¢;) cos(op(q,ny)), O) (2

Quv (4,711, ) = wax (B(r, ) F(8(q,7,m),7),0) (3

Qir(q,m,ni,¢) =vy(r,e)F(0(q,m,mn5), 1) (4
Qas(Ty, ci) = 6(c;)T* (5

Q4
Qdis(c) = ?1 . (6)

They are introduced such that the attitude dependency is
captured in the angles ¢(q,n;), 6(¢,r,n;) while the ma-
terial and parameter dependencies are captured in the
variables a(r, ¢;), B(r,¢;), v(r,c¢;) and §(¢;), respectively.
These are defined by

(1) = g uiGia(r) Aur () (7a)
B(r,c;) = épalb(r)as’iGs(r)As,i cos (é(r)) (7b)

(3

1
Y(ryci) = F€eiAsilir (1), 0(ci)

Ci 6971'1437150'5 (7C)

_ L
=&

where Gg(r) is the solar constant dependent on the posi-
tion and o the Stefan-Boltzmann constant. The variables
Pan(7), Iir(r) denote the albedo and infrared coefficient,
respectively. These change significantly dependent on the
terrain the satellite is passing. They are modelled as func-
tions of latitude as in Peyrou-Lauga (2017). Note that
a; may be discontinuous due to the shadow function v
which models whether the satellite is in eclipse or sunlit
i.e. v =0 or v = 1, respectively. It is defined using a
cylindrical shadow model with the Earth mean radius rg
and the position of the Sun s in ECI frame as

lIsll
1 otherwise

v(r) = (8)

{0 if 172 <OAflr—rTsp2z| <o

The angles ¢(q,n;), 0(q,r,n;) and £(r) influence the mag-
nitude of the solar, albedo and infrared irradiation and
are illustrated in Fig. 2. The angle (g, 7, n;) is the angle
between the direction the i-th temperature sensor is point-
ing n; and the spacecraft position r. The angle £(r) is the
solar zenith angle, which is the angle between spacecraft
and Sun. The angle ¢(g,n;) denotes the angle between
the direction the i-th temperature sensor is pointing n;
and the Sun s — r. Note that s — r &~ s due to the norm
of s being much larger than the norm of r. Thus, these

angles amount to

st

ola. 1) = acos (£:4(0) i) (92)

sl

.
i) — aCoSs _L Tn'
Ogurin) =acos (~ £ A@Tn) (o)

£(r) = acos (ﬁ:””z”> . (9¢)

Note that r, s are given in ECI frame and n; is given in
body frame.
The form factor F' is defined by

S0 o< 7 i (})
F(0,r) = ¢ Fi o 5 —asin %) < 0 < Ocrit (10)

0 0 > ecrit
with H = L7l where rg is the Earth mean radius, the

T®

critical angle fc.iy = § + asin (H%I) and

Froe b Lo (V21
R H sin(6)

+ #(COS(@) acos ( — \/ﬁCOt(Q))
VET 11— H? cos(9)2) .

8.2. Attitude Dynamics

The quaternion dynamics defining the angles ¢(q,n;)
and 6(q,r,n;) are described by

i= 10w (1)

where w € R3 is the angular velocity of the spacecraft,
the dynamics of which are described by Euler’s rotation
equation

w=J N ~wx Jw)+J (12)

with inertia matrix J € R3*3 and control input u € R3.

3.8. Orbit Dynamics

The orbit dynamics are commonly defined by a second
order differential equation

where f, contains all forces acting on the spacecraft as
discussed in e.g. Markley and Crassidis (2014). Note that
the temperature dynamics are not very sensitive to errors
in the estimation of r, because only the normalised vector
ﬁ is required for the calculation of the angles. Thus, for
the upcoming analysis it is assumed that r(¢) is known
either by the means of measurement or estimation based
on (13).

This section is closed by introducing notations to ren-
der the problem statement more compact. Let the



right-hand sides of the temperature dynamics be denoted
by fT = qun + Qalb + QIR - st + Qdisv of the quater-
nion dynamics by f,(q,w)= %Q(w)q, of Euler’s rota-
tion equation by f,(w)=J 1(-w x Jw) and g, = J L.
The states are denoted by z € R x S3 x R® with
Xr = (Tl, e ,Tlg, qT,wT)T.

4. Problem Definition

The compact system resulting from the dynamics (1),
(11) and (12) can be written as

Tl = fT(Thana ny, Cl) (14&)
(14b)

Tia = fr(Ti2,q,7, 112, c12) (14c)
G = fq(q,w) (14d)
W= fo(w)+ gou (14e)
y=h(z) (141)

with the output function h : R — R15

T

h(I) = |:T1 T12 (.d]

The objective is to design an observer for the system (14)
to estimate the attitude. An observer in the spirit of Be-
sancon (2007) is defined by any system
X = F"(X u,y,t)
&= H(X, u,y,1)

(15a)
(15b)

such that the estimate & is the real state x if the ini-
tial state is known, ie. for all ¢ holds #(t) = «(¢t) if
#(0) = x(0). Additionally, the estimate & of an observer
must converge to the real state x for any initial value, i.e.
lim; o0 ||2(t) — 2(2)|| = 0.

For the proposed system this means in particular that
the goal is to obtain an estimate of the attitude ¢ based
on the temperature measurements 17, ...,To.

5. Observer Design

An observer based on the first derivative of the tem-
perature measurements and a non-linear transformation
of the attitude is used. Figure 3 shows a block diagram
which presents the idea of the algorithm proposed in the
upcoming sections. First, a differentiator is designed to
obtain an estimate of the filtered temperature as well as
its derivative. These two signals of each sensor shall then
be used in combination with their dynamics presented in
Equations (14a) to (14c) to estimate the angles to Sun and
Earth. These angles can be used to estimate the vectors
of Sun and Earth in body coordinates. Finally, the actual
desired attitude of the spacecraft can be estimated.

The angle estimation will be discussed in detail in the
next sections. It turns out that this requires merely a

linear inversion. The vector estimation consists of two
parts. First, finding the measurements that contain use-
ful information and second, using these measurements to
estimate the vectors. These will turn out to be the result
of multiple matrix multiplications. Finally, the real atti-
tude estimation is a standard problem for which various
different algorithms exist and will be discussed. The up-
coming sections also answers the question of the system’s
observability by naturally solving the underlying inversion
problem. Hereby for the remainder of this section it is
assumed that the system is not in solar eclipse, i.e. there
are at least six sensors on which solar irradiation is acting.
The eclipse case is discussed in Section 6.2.

For brevity of exposition the arguments in the up-
coming section are ommitted and a subindex -; to de-
note the parameter vector is used, e.g. ¢; = &(q,n;),
F,=F(0(q,r,n;),r) and o; = a(r, ¢;).

5.1. Differentiator Design

The topic of differentiator design can be viewed as the
observer design of a system which states are described by
a chain of integrators. This fixed system structure facili-
tates the analysis and allows to show the convergence of a
multitude of different observers such as linear, high gain or
sliding mode differentiators Vasiljevic and Khalil (2006);
Khalil (2002); Levant (2003); Levant et al. (2017), to name
but a few. The prevalent problem for all observers is to
find the right balance between performance and measure-
ment noise rejection. The latter is achieved in an optimal
manner for Gaussian white noise when a Kalman Filter is
employed. For the proposed system class a first order dif-
ferentiator for every temperature measurement is required
to estimate the derivative. A simple high gain differen-
tiator in the spirit of Khalil (2002) is proposed but any
other differentiator should provide the desired estimates.
Let i € {1,...,12} be the index of the considered temper-
ature measurement, then it is possible to use the following
differentiator

d |T; 0o 11 |7 a R
— || = X &N —T; 16
a |4, [O O]Ti+m( ) (6

where ag, a; are the coefficient that design the Hurwitz
polynomial ag + a1s + s and ¢ an additional design pa-
rameter. These parameters need to be chosen such that the
bandwidth of the differentiator matches the bandwidth of
the system and the magnitude of the measurement noise.
For the considered orbits, the measurement noise is small
compared to the sensitivity of the temperature with re-
spect to the attitude. This allows combined with slow at-
titude dynamics to design the high gain observer appropri-
ately to deal with the measurement noise. The proposed
way in this work to obtain the differentiator parameters
is by optimisation as carried out in Section 8.3.1. The

estimated values TZ and Tl are used in the following to
estimate the angles.
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Figure 3: Block diagram of the attitude estimation based on temperature.

5.2. FEstimation of the Angle to Sun and Earth

Each pair of temperature sensors with the same normal
vector but different coating can be used in order to deter-
mine the angle between the normal vector and Sun vec-
tor as well as the angle between normal vector and Earth
vector. the temperature vectors can be split into T; with
i€ {1,...,6} for black sensors and T; with j € {7,...,12}
for silver sensors. In the following consider tupel (i, j) are
considered with ¢ € {1,...,6} and j =i + 6. The temper-
ature dynamics as introduced in (1) have the form

Q4
C;
@

T, =max (ai cos(¢;), 0) +max(3; Fi, 0)+v; F; —6; T} +

Tj=max (cvj cos(¢;),0) +max(B; Fj,0)+7; F; —5]»TJ4—|— -

Cj
(17)
Since ¢ and j were chosen such that they have the same
angles, i.e. ¢; = ¢; and F; = Fj, the system (17) can be
written in matrix form as

)= [

max(ﬂiu 0) + ’71:|

max ( cos(¢;), 0)]

max(f3;,0) +7; F,
d
5T — 2
idy C,
s.Td_ 9| (18)
173 [

For a;(max(f;,0)+;)—o;(max(8;,0)+7;) # 0 the matrix
can be inverted and

_ |a; max(8;,0) 4+ !
Nr = [aj max(3;,0) +%} (19)

is defined to solve Equation (18) with

[max(cos(qbi),O)] N <[T} N

F, T

The augmented inverse function of the cosine acos : R —
[0, 7] is introduced via

T ify<—1
acos(y) = Q acos(y) if —1<y<1.
0 ify>1

Further the inverse of the form factor for a fixed posi-
tion 7 is denoted by F~!, i.e. the inverse is defined

by F7':R = (0,5 +sin! (H%I)] with F~H(F(6,r)) = 6.

This inverse can be realised by a simple Newton method
due to the monotonicity of F'. This inverse can be aug-
mented to obtain

Tl
— 1 r2
F o (y) = F(y) ifo<y< 2 .

Z +sin~! (ri> ify<0

; Te_
0 ity > e

This allows to define a method to estimate the angles ¢
and @ for a sunlit spacecraft.

Proposition 5.1 Consider two temperature sensors
which dynamics obey Equation (17) with the angles
¢; € [0,7] and 6; € [0, 7] as defined in Equation (9). Let
s(max (8 (1), 0) + ;) -y (max(B:(£),0) + ) £ 0 . Then
the estimate for the angle between the sensor normal and
the Sun and Farth is defined to be

. h] L [t - %
$; = acos ([1 0] Ny ( 1:’ . S (21a)

T; 0jTj — &

Qf

T,

T}

T
6;=F ' ([0 1] Np 0T ot (21b)
o1 — &

for Nt defined in Equation (19). Then, the estimate of
the solar angle is exact if the real angle is smaller than
90°, otherwise the estimate is 90°, i.e.

3

~

bi = ¢i Vi< 3, (22a)
N T Y

In analog fashion holds for the estimate of the angle be-
tween normal and Farth

éi = 01 Vﬁl S E +sin71 <7’@) y
2 7]

(23a)
~ i T v T
0; = = +sin? (@> V6; > = +sin"? (@) .
2 Il 2 [l
(23Db)

Proof: From 0 < ¢; < 7 it follows

A A d
. [ 5,74 — 9
¢i:acos<[1 O]NT< 7} ZA’4 5}]))
Ll T - <

) acos(max(cos(¢;),0)) #i€l0 3]

w508 (cos(94)) = 1



and the claim (22a) is shown. For § < ¢; < m it is

P4 Qf
$; = acos ([1 oJNT ( ?2}4 &])) (24)
it;y T C

J C

2 acos(max(cos(¢;),0)) P13

|+
T}

acos(0) = g (25)
and the claim (22b) is shown. The claims (23a) and (23b)
can be shown in analogue fashion. O

The proposition has shown that it must be distinguished
between the two cases whether the side is pointing into
the direction of the heat source or not. Equation (22a)
ensures that for a sensor pointing into the direction of
the Sun, i.e. ¢ < 7, the estimate is accurate. However,
for a sensor pointing away from the Sun as in Equation
(22b), i.e. ¢ € (§, 7| the estimated angle is always 7. In
this case, this estimate is generally not useful to estimate
the attitude. Similar results are obtained for the angle
to Earth but the critical angle is higher, due to the Earth
being considered as a spherical heat source and not a point
heat source. These step is also the step where potential
model uncertainties are propagated. Uncertainties in Q<
and the parameters leads to error in the angle estimation.
However, these errors are small if the model uncertainties
are small which can be ensured by an appropriate system

identification.

5.3. Estimation of the Sun and FEarth Vector in Body
Frame

Two tasks need to be solved. First, the angles that con-
tain actual information to determine the desired vectors
must be found. Second, the vectors of Sun and Earth must
be calculated from these angles. The beginning is made
by solving the second task as this shows the information
that is required to calculate the angles.

5.3.1. Calculation of Sun and FEarth Vector in Body Frame
from Solar Angles
From the definition of ¢; and 6; according to Equation
(9) the system of equations is defined as

T

“‘S,THA(q)Tm:cos(qm) i€{l,...6} (26a)
—ﬁ:A(q)Tnizcos(ei) i€{l,...6}. (26b)

The matrix of normal vectors is denoted by N =
[n1,...,n6] € R3*6 the vector of cosines of the angle be-
tween Sun and normal by by = [cos(¢1), . .. cos(¢g)] T € RS
and the vector of the cosines of the angles between normal
and Earth by by = [cos(6;),...cos(6g)]T € RS. With by

and by the vectors by and by with ¢ = gg and 0 = 0 are de-
noted, respectively. Then Equation (26a) can be written
as

s' T T

Transposing both sides leads to
NTA(q)H—zH = by (27)

It is aimed to replace bs by the estimate b; and formulate
a conventional attitude estimation problem in the sense
of Wahba Markley and Crassidis (2014). Therefore, the
system of equations needs to be solved for A(q)s € R3.
Clearly, this is an overdetermined linear system of equa-
tions with six equations and three variables. For an imper-
fect model and measurements the system has no solution
but needs to be considered as an optimisation problem.
However, generally not all of the estimates are sensible
for the reconstruction as discussed in the previous sec-
tion. Thus, a positive semi-definite diagonal weight ma-
trix Wy = [wg1,...wse]" € RO*6 is multiplied to the
system that decides which of the measurements should be
taken into account. The weight matrix is chosen such that
W, N has full rank 3. The choice of its individual entries
will be discussed in the next Section 5.3.2. It is continued
by showing how to estimate the vectors in body frame and
show that the estimate is correct for a perfect model and
measurements.

Proposition 5.2 Consider two temperature sensors
which dynamics obey Equation (17) and the assumptions
and angle estimations as in (21). Further let Wy and
Wa be positive semi-definite diagonal matrices such that
WyNT and WoNT have full rank and fulfil

Wi =0 Vi > g (28a)
wy,; =0 V0, > = 4sin! (r@> (28b)
2 gl
forie{l,...6}.
Then the estimated vectors
3B 1= (WoNT ) Wobglls] (292)
B = — (W N ") TWobg|7|| (29b)

are the Earth and the Sun vector in body coordinates, i.e.
3B = A(q)s B = A(g)r. (30)

Proof: The solution of (27) exists by definition of ¢. Be-
cause N has full rank, the solution of (27) is unique. Mul-
tiplying the weight matrix W, to both sides in (27) yields

S

WyNTA(q)— = Wby . (31)

5]

Condition (28a) ensures with Equation (22a) and the di-
agonal form of Wy that

T T T T

for all ¢ € {1,...6}. The equality in the middle holds
because wg,; is either a multiple of the i-th unit vector



n;

Figure 4: Illustration of the planar projection of the Sun, spacecraft
and its normals.

resulting in cos(¢;) = cos(¢;) or identical to zero. Con-
sequently, the equation Wby = Wb $ holds. Multiplying
N Wq;r from the left side to obtain a quadratic matrix yields

NW, W¢NTA(q)ﬁ = NW] Wyb,.

The inverse of N W;— W,NT exists because WyN T has
full rank. Multiplying with the inverse and |s|| from
the left side leads to Equation (29) and (30). The same
arguments can be made for 6 and A(q)ﬁ. O

This proposition in Equation (28) has provided the re-
quirements that need to be met by the weight matrix and
has shown in (30) that the resulting estimation of the vec-
tors in body frame is accurate. Note that for an imperfect
model and measurements, the estimation is still optimal
as stated in the following formulation.

Remark 1 The estimates of the solar and the Farth vec-
tor in body frame 3B, 7B obtained from (29) are the best
possible solutions in that sense, that they are the least
square solutions which solve the optimisation problem

min el el +egen (32a)
§B

5. t. e1 = WQSNTH - Wb, (32b)
,,qB

€o = WQNTW — Wbé (32(3)

resulting from (31).

Proposition (5.2) assumes that enough of the twelve
measurements provide useful information to estimate the
Earth and Sun vectors in body frame i.e. the existence of
the weight matrices Wy, Wy to fulfil the rank condition. It
can be shown that there exists such a weight matrix and
that the choice of the weight matrix influences the quality
of the solution. This is interrogated in the following and
completes this section.

5.3.2. Choice of the Weight Matrices
As established in the previous section, the choice of the
weight matrix means to choose the estimated angles that

Figure 5: Illustration of the planar projection of the Earth, spacecraft
and its normals.

are of use for the attitude estimation. The choice of this
matrix varies with the configuration of the sensor up to
the point that the matrices do not necessarily exist if the
configuration is chosen poorly. In the case of a cuboid
configuration, the sensors are pointing along each of the
unit vectors which ensures the existence of the weight ma-
trices. There is basically no design freedom for the choice
of the weight matrix Wy as illustrated in Figure 4 which
shows the planar projection of the Sun, spacecraft and its
normals. The Sun is depicted to be very small, instead of
displaying the large distance between Sun and spacecraft.
Thus, the Sun can be considered a point heat source and
the spacecraft surfaces as infinitesimal small. This leads
to the black half-plane which describes the normals of the
surfaces for which there is no exposure to solar irradia-
tion. In the depicted case three normal vectors are inside
the plane and one is outside. In all other cases every rota-
tion leads to exactly two normal vectors inside the plane
and two outside. With the additional vector for the third
dimension not displayed in the illustration this leads to ex-
actly three normal vectors outside the half-plane which is
the minimum of information required to estimate the Sun
position. More design freedom exists for the choice of Wy
as illustrated in Figure 5 by the planar projection of the
Earth, spacecraft and its normals. The Earth is consid-
ered as a spherical heat source and the spacecraft surfaces
as infinitesimal small. For the considered orbits, the crit-
ical angle 0. is around 150 deg resulting in the black
cone with an angle of about 60 degrees which describes
the normals for which no infrared and albedo irradiation
acts on the surface. It can be seen that for all space-
craft orientations at most one normal vector lies inside the
cone. Therefore most pairs of positive and negative unit
vectors contain redundant information that can be used in
an optimal manner to estimate the position of the Earth.
A mathematically more profound and detailed description
of these properties and design for both weight matrices is
proposed in the following.

It is started with the weight matrix Wy for the Sun
vector estimation. Naturally, any measurement that gives
information about the location of the Sun as also used in



Equation (22a) and (28) should be weighed. Therefore,
the choice of the six normal vectors leads to a matrix of
rank three which is defined in the following way

e; ifgi <3

. (33)
0 otherwise

wy i(P) = {

where e; is the i-th six dimensional unit vector. This ma-
trix is uniquely defined and there is no real way to optimise
it. Changing the weights that are identical to zero would
lead to the usage of undesired information while chang-
ing the non-zero weights does not change the solution as
they weigh independent variables. Only in the special case
¢i = ¢piy1 = 5 changing the weights to wg ;(¢) = ase; and
we,i+1(¢) = (1 — a;)e;41 with the parameter a; € [0,1]
would be sensible. The more accurate measurement should
obtain a higher weight.

As the exact angle ¢ is not known but only its estimate
é which is generally subject to model uncertainties and
measurement errors, it is not advisable to use equation
(33) with ¢ = é to define the weight matrix. Instead, it
must be ensured that only one of the two in the oppo-
site direction pointing sides is used as formulated in the
following proposition.

Proposition 5.3 Consider the assumptions and angle es-
timates as in (21). Then, the choice of the weights as

- if min@m@'ﬂ) = i

! or ¢; = ¢iy1 fori € {1,3,5}

if min(¢i1, ¢i) = @ (34)
! or ¢i—1 = ¢; fori € {2,4,6}

0 otherwise

~

wg i(Pi) =

ensures that the matrix VV¢NT has full rank and it is
7T
2

Proof: Due to the structure of N and the definition of
¢ establish the connection between ¢;;1 and ¢; can be
established as

¢; > = We i = 0. (35)

Gip1 =T — i (36)

for i = {1,3,5}. This shows that at least one of the two
sensors ¢ and i+ 1 is under the influence of sunlight. Con-
sequently, for the estimation holds according to Proposi-
tion 5.1 that either ¢; or ¢;4; are estimated correctly and
smaller than 7 or both are estimated correctly and iden-
tical to 5. Thus, the definition of Wy in (34) ensures that
the matrix Wy N has full rank as its rows consist of all
three unit vectors, because
W¢NT€Z' = €; W¢NT€Z'+1 = —€;

for i € {1,3,5}.

It remains to prove the claim (35). Suppose there is
i€{1,3,5} with ¢; > T. Then ¢; = T and $;11 < &

and consequently the definition of the weight matrix (34)
yields wg; = 0. The same argument can be made for
¢; > 5 with i € {2,4,6}. O

This proposition has given a suitable choice of Wy to
ensure the requirements of the weight matrix Wy imposed
in Proposition 5.2.

For Wy the choice of the weights is less straightfor-
ward because the influence of 6 is propagated by the
form factor F' and not the cosine. The critical angle
Ocrit = 5 +sin™! (ﬁ%’il) is approximately %w ~ 150° for
the considered orbit. Consequently, at least five out of the
six sensors provide information that can be used to esti-
mate A(q)r at all times. For a perfect model and measure-
ments it is simple to determine whether a measurement
should be incorporated. If éz > Ot and ™ — QAZ-H < Oerit
the angle should not be incorporated into the design for
i € {1,3,5}. A simple robust approach always uses five of
the six measurements for the attitude estimation.

Proposition 5.4 Consider the assumptions and angle es-
timates as in (21). Suppose that Oc.ix > %7‘( and find the
index k of the highest angle which fulfils

A

0 = P 0:. (37)

Choose the weight matriz as

ifi € {1,3,5}\ {k}
(0 (L—ag)e ifie{2,4,6}\{k} (38)

0 ifi=k.

for some design parameters aq,as, a3 € [0,1]. Then the
matrizc WoN T has full rank and

9@>K+Sin71 <T’@) = wy,; =0
2 T

holds.

Proof: The full rank of the matrix Wy N is clear. Since
Ocrit > %W there is at most one 6; such that 6; > 0.
because ming jeq1,...6},j4i Z(ni,nj) = g If there is k£ such
that 0, > 0., then it is 0r = Oerie and consequently
ék = max;—1. ¢ él Because all the other estimates
are exact égo = 0 > Ouit is obtained and therefore
we,k(0r) = 0. O

This Proposition has given a choice of the weight matrix
Wy that ensures the requirements for Proposition (5.2). As
shown in the proposition, the k-th measurement is never
required to estimate the attitude, as the remaining five
measurements are sufficient to generate a valid estimate of
q. However, this measurement can improve the estimation
if 0, < Ocrit- The incorporation of this measurement is dis-
cussed in Posielek (2022). The next section shows how to
obtain the attitude estimation from the two body vectors.



5.4. Attitude Estimation from the Vectors in Body Frame

Obtaining the attitude from two vectors in body frame
is a standard problem and sufficiently analysed in the liter-
ature Markley and Crassidis (2014); Canuto et al. (2018).
In this section it is merely show how the problem is trans-
formed into the standard problem and stated how this is
commonly solved.

From Equation (27) follows that the equation

s sB r rB
Alg)7— = A= = 757 (39a)
sl lls®ll [ I
holds with
s7 = (NT)Toy|s] %= —(NT)"bg|Ir|
where [|sB| = ||s|| and ||rB| = ||r|. Estimating the at-

titude matrix of these systems of equations can be cast
into the formulation of Wahba’s problem which is com-
monly referred to in literature, e.g. Markley and Crassidis
(2014). Any of the algorithms that maps the estimated
vectors in initial and body coordinates to the desired at-
titude ¢ is denoted by fWabba  For the analysis and the
observer proof it is not important if a simple TRIAD algo-
rithm or more complicated methods such as Davenport’s
g-Method or QUEST are chosen.

Proposition 5.5 Consider the assumptions and esti-
mates from Proposition (5.2). Then the estimate

g=freee ({II 7] § & |?Enr> (40)
represents the current attitude, i.e.

Alg) = A(Q) (41)

Proof: Due to Proposition (5.2) it is 7B = 7B and 8B = sB.

Consequently, § is a solution of Equation (39) which leads
directly to the claim. O

5.5. Complete Observer

The complete algorithm has the form as displayed in
Figure 3. The right hand side of (21) is denoted as
FAP8(Ty, T;), the right hand side of (29) with the gain ma-
trix defined in (34) and (38) by fV°¢(¢1,01,...,d12,012)
and the right hand side of (40) by f@ut(3p,75). Then
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the algorithm can be cast into the form of (15) as

f 3
Tl Tl
4 g 0 1 0 1
e | - | & \lo of> o o R
Tho Tz
T2 T2
T — T,
ap a1
(D[
ag an R
: : T2 —Tio
(42a)
G= fQuat (fVec (flAng(T17Tl)7 o f&;g(j-v127 T12))> ]
(42b)

It can be seen that the dynamic part of the observer (42a)
is simple and linear, as it estimates only the derivatives of
the temperature measurements. All the non-linearities of
the observer are found in the transformation (42b) from
the temperature derivatives to the attitude. Note, that the
proposed observer uses only the measurements of the tem-
peratures T and neither the angular velocity measurement
w nor the input . Additionally, the temperature dynamics
(14a)-(14c) are used to estimate the attitude § but neither
the quaternion nor the angular velocity dynamics (14d) or
(14e) are required for the estimation. This leaves space
for improvements and augmentations of the algorithm as
discussed in the upcoming section.

6. Adaptation of the Algorithm

In this section an additional filter is proposed which uses
the angular velocity measurements to refine the attitude
estimation. Further, the case when the spacecraft is in
solar eclipse and the previously introduced observer cannot
be applied because the matrix Np is not invertible any
more is considered.

6.1. Additional Attitude Filter

In order to smooth the attitude estimation, an addi-
tional attitude filter can be used to obtain a filtered esti-
mation ¢! from the estimation §. The form of this filter
may vary. A non-linear quaternion filter in the spirit of
Tayebi (2008) is proposed as

ga1 = =Z(Ga)@ + k=Z(@)Z (dm)d (43)

1
2

N | =

because it allows a simple adaptation of the gain k£ € R.
This requires a good measurement or estimation of the
angular velocity @.



6.2. Spacecraft in Solar Eclipse

For the spacecraft in solar eclipse no solar or albedo
irradiation is acting. Thus, Equation (18) simplifies to

. T 5,14 — Qi
M F(0i(g,r,n),r) = | | QO (44)
7_7 Tj 6JT’] - ij

Thus, the angle between normal and Sun cannot be esti-
mated. However, the angle between normal and Earth can
be estimated more accurately.

Proposition 6.1 Consider two temperature sensors
which dynamics obey Equation (17) with the angles
¢ € [0,7] and 0 € [0,7] as defined in Equation (26). Let
the spacecraft be in solar eclipse, i.e. «y,B; = 0 but with
acting infrared irradiation, i.e. with either v; # 0 or
Yi+6 7 0 or both. Then an estimate for the angle between
the normal and the Earth is obtained using

1t ([ a9
g, =F ' [7] Ll g o Si . (45a)
j 7] |1t - %

For the estimate of the angle between normal and Farth

holds

T r .

0; < — +sin 1 (@) 0, =0, (46&)
2 Il
T r A T r

0; > = +sin* (@) =0; == +sin? (@) .
2 Il 2 7|

(46D)

Proof: Analogue to Proposition 5.1 using the solution
of Equation (44). O
In this case, the functions developed in 5.3 and 5.4 can-
not be employed due to the missing angle. The simplest
solution to this issue is to use the attitude filter (43) with
k = 0 to propagate the estimated attitude for the period of
the eclipse. Different observer structures can also rely on
the separation of the attitude into the part that is defined
by these Earth angles # and a rest. The 6-part can then
be corrected using the estimation (45) while the rest can
be propagated using the underlying dynamics and angular
velocity measurements. This method is not discussed in
this work but can be obtained using an observer in natural
coordinates as discussed in Posielek (2022).

7. Attitude Estimation under Sensor Outage

In this section sensor outages are considered. Due to the
pairs of black and silver sensors often physically attached
to each other a failure of both of them is assumed. Further,
it is assumed that the malfunctioning sensors are detected
and removed from the sensor configuration immediately.
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7.1. Problem Definition

Consider a new configuration N C N such that
only a subset of the Equations (14a) - (14c) holds. As
discussed in Section 5, the original configuration N is
chosen such that a reconstruction of the attitude is possible
at all times for a spacecraft not in eclipse. This is due to
the fact that for all possible attitudes at least three sensors
are simultaneously sunlit as shown in Proposition 5.3. This
cannot be guaranteed for the resulting failure configuration
which means that the algorithm introduced in Section 5.3
cannot be applied. Thus the original algorithm is adapted
to determine all possible attitudes. The methods presented
in Section 5.1 and 5.2 allow to estimate the angles gﬁ,é
These can be used to define the set of normals with the
correctly estimated angles

N (q) = {ns € N [i € {1,...,12} : §; < g} (472)
Ni(q) = {n; € N | ie{1,...,12} : 0; < 61} (47h)

at the attitude ¢ where the superscript -4 shall empha-
sis that these sets can be linear dependent. Out of
these sets linear independent subsets N (q) C N; qlﬁd (¢) and

Ny(q) € Nj(q) can be constructed. These allow to di-
rectly correlate the designed algorithm to a number of
possible attitudes with the cardinality of the sets N¢(q)
and Ny (¢). According to their definition, the linear depen-
dence of the sets /\A/'qlbd (¢), Njd(g) may occur if they contain
a pair (n;, n;+1) for ¢ € {1,3,5}. A linear independent
subset Ny (q) is constructed by simply replacing the pair
using the smaller of the two angles. This is done in ana-
logue fashion to obtain N and for the sets containing the
real normals Ny and Nj.

In order to use the individual elements, they are denoted
as Ny(q) = {ni,...,ni_,} and Ny(q) = {nj,,...,n; ,}
where m?®, m? € {0, 1,2, 3} denote the cardinality of N¢(q)
and Ny (¢), respectively, and i, j; € {1,...,6} the index of
the normal vectors for k € {1,...,m®}andl € {1,...,m%}
with 4, < igx41 and j; < jiy+1. In other words, the remain-
ing functional sensors are split into the linear indepen-
dent sensors (TR L that can be used to estimate
the angle to sun ¢;, and the linear independent sensors
Njys---, N  , that allow an estimation of the angle to earth
0;,. The number of linear independent sensors from which
the angle to sun ¢;, can be reconstructed is denoted by m?
while the number of linear independent sensors from which
the angle to earth ¢, can be reconstructed is denoted by
mb.

Following the algorithm from the previous Section 5 re-
quires to estimate the Sun and Earth vector in body frame
sB, rB and the final estimation of the attitude as discussed
in Section 5.4. While the latter method does not change,
the first task must now be fulfilled with fewer correctly es-
timated angles. In order to achieve this, it is helpful to use

B — A(§)s, 7B = A(§)r to obtain the norm constraints

S =
1551 = lsll 175 = el (48)



the angle constraint

T

BT 4
B B =sTr,

(49)

and with Equation (22b) and (23b) the constraints for an-
gles that were not used in the estimation process

n &% <0 ¥n; € NMANGH (), (50n)
/\B _ N
n;%ﬂ < cos(f°1) Vn; e N \ N(q). (50b)

Note that these Equations are written in the estimated
variables 8B, #B but they also hold for the real variables
B ..B
50,10,
Consequently, the problem of sensor outage can be con-
sidered as solving the system of Equations

BT A

T ~
g, = cos(¢i,) sl 72 g, = cos(6;,)||r|

3

(51)

BT BT -
" " = cos(8;,,,) 7l

8 n%d):cos(qﬁime)HsH 7 n,

’1’726
combined with (48) and (49) for the vectors 58,75 under
the constraints (50).

7.2. Observer Design

Without loss of generality, it is assumed that [Ny| >
\N¢| If this condition does not hold, the proposed meth-
ods can be executed switching the variables 7 and §P.
The system of equations (48), (49) and (51) has six vari-
ables and up to nine equations. However, due to the non-
linearity of the Equations (48) and (49) it is not straight-
forward to determine the solvability of the system nor the
solutions itself. The existence and way to determine the
solutions depends on the cardinality of /\7¢ and Np.

7.2.1. |Ny| = 3 and |Ny| =3

In this case the system of equations (51) is linear and can
be represented by a quadratic matrix of full rank. Thus
simple inversion leads to the desired vectors.

7.2.2. |Ng| = 3 and |Ny| = 2

The Earth vector in body frame 7" is easily accessed
solving the linear system (51). The remaining two equa-
tions of (51) are

B

T 4B

ni 8% = cos(di, sl n;,8° = cos(du,)ls]| -

(52)

Then, i3 € {1,...,6} can be chosen such that
N = [n;, n;, n,] is an orthonormal matrix. Then Equa-
tion (49) is used which has the form

T

BT & BT o
rls=rB B =¢B NNTEP

(53)

nin, 8% (54)

BT TsB , »BT TsB |, #BT
=T NNy 8 + 77 NNy, §° + 7
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This can be reformulated to obtain the third component

BT ~ ~BT ~
rTs— 7B Neyn! 88 — B Negn! §B
T 2B 21 12
N8

(55a)

(55b)

Then the Sun vector in body frame is obtained using (52)
and (55) with

B _ TeB _ TsB . TsB  TaBT
52 =NN 5= N[n; 58", n;,8,n;,5] .

(56)
7.2.8. |./\79| =3 and |./\A/‘¢‘ =1
The Earth vector in body frame #° is easily accessed

solving the linear system (51). The remaining equation of
(51) is

B

w88 = cos(i)|sll. (57)
The indexes is,i3 € {1,...,6} can be chosen such that
N = [n;, n;, ni,] is an orthonormal matrix. Then, Equa-
tion (48) yields

Isll* = [INT8P|? = (nf 85)* + (n,85)* + (n],35)* .

Substituting n,, 5® using Equation (55) leads to

0= (n;,8")* + (n;,5%)* — |15

BT ~BT ~
B n, rTs—7B n; nl§B\2
+ _ 12 ’I’LT §B T 172
BT 12 T
T ’I’LiB T 77/1'3
/\B 2
" n, R
= (14 ( — 22) (n;I'SB)2
B 2 (58)
75 ng,
RT BT N
7B N, rls— B nilnilsB T.B
—2—7 T Miy®
~B ~B 2
T N, T N,
T ~B T sB
ros—1r" ngn;$s 2 T .B\2 9
— + (n, %)% — |Is|
T2 ng,

This is a quadratic equation in ngéB which yields two
estimations n; §%* for k € {1,2}. With (55), (57) and
(56) two valid estimations %% can be found for k € {1,2}.
It may be possible to rule out one of the two estimations
by checking Condition (50a). However, this depends on s
and the real attitude q.

7.2.4. |No| =2 and |Ny| =2
The system of equations has the form

nf 8% =cos(di)llsl 13" = cos(d;)]s| (59a)
anerB = —cos(8;)||7l anjB = —cos(8;)||r]|. (59b)

Then, i3,j3 € {1,...,6} can be chosen such that
Ny = [n;, ni, ni,) and Ny = [nj, n;, n;,| are orthonormal



matrices. Using the normalisation (48) with Equation (59)
leads to the system of equations

(n5;8%) = lls[|* = (n]8%)% — (n,5%)?
(ng,7%)% = |Irl* = (n},

Due to the quadratic nature of (60) there are two solutions
ng §%F and n] #B* for k € {1,2}. Combining these with

(59) leads to four possible solutions (35 #B:0)
cos(:)
sk = Nngsll cos(6;)
\/1 — cos(¢;)? — cos(p;)?
(61a)
— cos(6;)
fB,l _ N;lHTH —COS(éJ)
(—1)i+t \/1 — cos(6;)? — cos(6;)?
(61Db)

for k,1 € {1,2}. Verifying Equation (49) shows that only
two of these four solutions are valid. Finally, the Condi-
tions (50) may rule out an additional solution dependent
on ¢, s and r.

7.2.5. [Nyl =2 and |[Ny| =1

In this case the solution is obtained in the same manner
as 7.2.3 but for two possible estimations of 7B+ obtained
by (60b) for I € {1,2}. With the potential two solutions
5B obtained as in Section 7.2.3 this leads to potentially
four solutions which need to fulfil the Conditions (50).

7.2.6. |Np| <1 and |Ny| <1

For the case of [Ny| = 1 and |Ny| = 1 system of equa-
tions has the form

8niy = cos(di)llsll - #Png, = cos(@)llr] . (62)
By choosing n,), % € [0, [|7[|?—(#®n;, )?] the task is reduced
to the same one as in Section 7.2.5. This makes clear that
the resulting number of solutions is not finite any more.
The same reasoning can be applied for even fewer sensors.
Thus, it is sensible in this case to make use of higher order
temperature derivatives as e.g. illustrated in Posielek and
Reger (2022) or rely on the integration of the angular ve-
locity instead if the initial attitude is sufficiently accurate.

The results are summarised in the following proposition.

Proposition 7.1 In case of a sensor outage such that at
least one functioning sensor is sunlit and at least two are
influenced by Earth irradiation or vice versa, i.e. for all
attitudes q € S holds

(W)l = 1 A [INo(g)] = 2) V (INe()] =2 A [No(g)| = 1)

then the real attitude is contained in a set of at most four
possible attitudes G*. An error of the possible attitudes can
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Table 1: Number of possible attitudes.

No(a)]  [Ny(g)|  Attitudes
3 > 2 1

3 1 1-2

2 2 1-2

2 1 1-4

<1 <1 00

Table 2: Sun position, initial spacecraft position and spacecraft ve-
locity.

Variable  Value

=
s [1.4779 0.1984 0.0860] 101 m
0 [71.9265 —1.8703 4.2987}T~106m
% [-479 —5.11 2.98]T-103ms_1

be defined via

cr= 32 ot s a0 o)

which is identical to zero for the real attitude.

A(qk)—rni, cos(@crit)> ’ .

(63)

Proof: Using the algorithm proposed in 5 with the body
vector estimations proposed in 7.2.1 to 7.2.5 allows to ob-
tain the possible attitudes. The Equations (50) are incor-
porated into (63) which is identical to zero for the correct
attitude but not necessarily for the other possible atti-
tudes. O
An overview of the possible solutions dependent on the
number of normals can be seen in Table 1. Note that the
proposed algorithms can be easily extended for the case
of a spacecraft in solar eclipse with the estimation of only
the earth vector without the possibility of estimating the
vector to sun.

Validation on real data of the proposed algorithms can
be found in the next section.

8. Observer Validation on Real Mission Data

In this section the observer designs from Section 5 and 7
are employed on data acquired from a real mission. First,
the data obtained is described in detail, then the parame-
ter identification is discussed and finally the reconstruction
capabilities of the observer are validated.

8.1. Mission Data Sets

The reference mission considered is the Gravity Recov-
ery and Climate Experiment (GRACE) Mazanek (2000);
Kirschner et al. (2001); Larson et al. (2007); Bertiger et al.
(2002). The mission launched in March 2002 consists of
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Figure 6: Angles between the sensor normals of the spacecraft and
Sun and Earth.

two twin satellites which took detailed measurements to
improve the model of the Earth’s gravity field .

The data sets considered consist of the time ¢ when a
measurement is obtained, the corresponding position and
velocity of the spacecraft r» and v, the current attitude
of the spacecraft ¢ and twelve temperature measurements
T. Relevant parts of the received data are presented to
provide an overview of the interesting dynamics.

The data considered is from 2014/04/11 00:00:00 UT
with a sample rate of 1s. The corresponding orbit is a low
Earth orbit as it has a semi-major axis of approximately
6800 km, i.e. an altitude of about 450 km. This leads to a
period of the orbit TO™it of approximately 92.98 minutes.
Further, the orbit is almost circular with an eccentricity of
0.003 and it is a polar orbit with an inclination of about 89
degrees. For the longitude of the ascending node (LTAN)
holds © = 126.39°. During the considered time, the space-
craft orbit is never in solar eclipse. The initial positions
and velocities of the spacecraft and the position of the Sun
in ECI can be found in Table 2.

The attitude of the spacecraft is defined by the mode
the spacecraft is in. In science mode the attitude is de-
scribed by the Orbit frame Markley and Crassidis (2014),
i.e. the z-axis is pointing along the nadir vector, the y-axis
is pointing along the negative orbit normal in the direc-
tion opposite to the spacecraft’s orbital angular velocity.
An additional pitch of —0.92 degrees is due to the twin
satellites pointing towards each other. The x-axis com-
pletes the right-handed triad. The second mode consid-
ered is the slew mode, in which the spacecraft performs a
slew manoeuvre over the course of 107.2 minutes (= 1.15
orbits). During the slew manoeuvre the spacecraft rotates
90 degrees around its body z-axis and remains in the new
attitude for 78.8 minutes and then rotates back —90 de-
grees. The attitude for the time series is illustrated by the
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means of their angles to Sun and Earth in Figure 6. The
time is normalised such that the z-axis displays the time
passed in orbits, i.e. ¢Orbit — jfgﬁgt where tg is chosen
such that the slew manoeuvre starts exactly after the first
orbit. Before and after the slew mode the spacecraft is in
science mode.

The evolution of the angles between the individual nor-
mals and Sun and Earth vector are shown in Figure 6.
Every plot displays two angles for normals in opposing
unit directions. Note that there is always a simple connec-
tion between two angles for normals pointing into opposing
direction. One results from the other by subtracting the
angle from 180 degrees as in (36). The left column displays
the sun angles ¢, the right column displays the earth an-
gles 6. In the first plot in the left column the angle to
the Sun for the normal vector pointing in and oppose the
velocity direction can be seen. It can be seen that during
science mode, both angles can be approximately defined
by a sinus function with a mean of 90 degrees and an am-
plitude of approximately 20 degrees. Their phase is shifted
with exactly 180 degrees. The second plot in the left col-
umn shows the angles for the two normal vectors pointing
perpendicular to the orbit. The angles are constant dur-
ing science mode over the course of an orbit, due to the
position of the Sun varying very slowly in this time frame.
One angle is about 160 degrees while the other one is ap-
proximately 30 degrees. Latter side is commonly referred
to as the side pointing towards the Sun. The third plot in
the left column shows the angles to the Sun of the zenith
and nadir pointing side. These have a similar behaviour as
the sides pointing into velocity direction. The solar angles
become interesting for the normals in and oppose to veloc-
ity direction during the slew manoeuvre. The side along e;
makes a quick motion towards the Sun, then points grad-
ually away and then back to it until the angle reaches its
minimum. This behaviour is mirrored by the side point-
ing into —e; direction. The sides pointing perpendicular
to the orbit endure a qualitatively similar motion. The
sides pointing zenith and nadir are not influenced by the
motion as the rotation is around the z-axis.

In the second column the angles between the vector to
Earth and each surface normal can be seen. These are all
constant because the spacecraft is controlled to follow the
orbit frame with its body z-axis always pointing in nadir
direction. Consequently, the angles of the sides pointing
nadir +es and zenith —e3 have approximately 0 and 180
degrees, respectively. The angles of the other four sides
are all about 90 degrees. Note that small deviations to
these values can be seen because of the additional —0.92
degrees pitch. These angles do not change during the slew
manoeuvre due to the rotation being around the z-axis.

Figure 7 shows the twelve temperature measurements
over the course of three orbits. FEach column consist of
three plots, each containing two temperature measure-
ments with opposing normals. The left column shows the
temperatures for the black sensors and the right column
shows the temperatures for the silver sensors. Three or-
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Figure 7: Temperature measurements 7T;.

bits are displayed and it can be seen that the measure-
ments are almost periodic with a period of one orbit. The
top plot in the left column shows the temperature of the
black sensor pointing in and oppose to the velocity direc-
tion of the spacecraft. Both sensors show similar quali-
tative behaviour in science mode. Under the influence of
solar irradiation the temperature rises with the solar an-
gle to its maximum of around 20 degrees Celsius and then
drops back to approximately —80 degrees Celsius when
no solar irradiations is acting any more. This behaviour
results mostly from the sinusoidal evolution of the angles.
The middle plot shows the temperature of the black sensor
pointing towards and oppose the orbit normal. The tem-
perature of the sensor with the normal pointing toward
the Sun is almost constant during science mode. This sug-
gests that the influence of the solar irradiation is dominant
on this side. For the opposite side, no solar irradiation is
acting. Here the temperature evolution is dominated by
the albedo and the infrared irradiation. Oscillations occur
because of varying albedo and infrared irradiation factors.
These depend on the current cloud coverage and the ter-
rain the spacecraft passes. The bottom plot on the left
column shows the evolution of the measured temperature
from the sensors pointing towards zenith and nadir. For
the nadir pointing sensor es the influence of solar irra-
diation can clearly be identified. During these times the
temperature rises significantly. For the remaining parts,
the evolution is dominated by the influence of infrared as
well as albedo irradiation. This leads to a highly time
variant temperature signal due to the changing surface of
the Earth. A more distinct temperature evolution can be
observed by the sensor pointing towards zenith —ez. Here,
only solar irradiation is acting and the sinusoidal influence
of the solar angle can be seen. The temperature evolu-
tions for the silver sensors are qualitatively almost iden-
tical. The main difference lies in the amplitude of the
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temperatures as the influence of the solar irradiation on
the temperature is diminished.

After orbit one, the slew manoeuvre starts. Here, the
temperature evolution follows roughly the evolution of the
solar angles ¢ during the slew manoeuvre. Afterwards, the
temperature returns to its periodic behaviour in science
mode.

This data is used in the upcoming sections to fit the
proposed model on the science mode data up to the first
orbit and validate the results on the slew mode starting
after the first orbit.

8.2. Parameter Identification

In this section, the attitude g between orbit zero and one
is considered to be known and use it with the measured
temperatures and position to identify the other parame-
ters depending on the spacecraft and its thermal topology.
More precisely, the optimal numerical values of the five
parameters C, as, €o, As and Q9 is determined based on
the temperature data for each sensor.

In order to reduce the amount of parameters to be esti-
mated, it is important to determine which parameters are
redundant in the system dynamics sense. It can be read-
ily verified that the parameter tupel (C, oy, &6, As, Q1) and
(abC, aay, age, bAs, abQ?) yield the same dynamics (1) for
a,b € R\ {0}. Consequently, two of these parameters
can be arbitrarily chosen for the estimation process. The
parameters Ag and e, are chosen to allow an easier com-
parison of the dynamics and the thermal properties. The
values are set to be A, =1 and ¢, = 0.8.

In order to allow an unbiased fit, the measured trajec-
tories T; are divided into the first orbit in science mode
which is used for fitting and the remaining time that is
used for validation purposes.

Then the optimisation problem can be divided into 12
different optimisation problems, each of the form

tend ~
min / IT3(t) — T3(8)[dt (64a)
Cq 0
s. t. ﬁ = fi(T%Qara niaci) (64b)
(054, Ci, Q) € [0,1] x RT x R (64c)

for i € {1,...,12}. Every problem has 3 optimisation pa-
rameters (64c) and only a single dynamic equation (64b).
The presented optimisation problem could be adapted
vowing in for example some additional constraints such
as e.g. ag; = g, for i € {1,...,6} as these sensors have
the same coatings. However, the proposed optimisation
problem was chosen to be used as it is the simplest to
solve and yields models that give the best temperature
estimation based on the proposed optimisation problems.

In order to solve the optimisation problem (64), the
software environment MOPS (Multi-Objective Parameter
Synthesis), an optimisation tool of the Institute of System
Dynamics and Control of the German Aerospace Center
presented in Joos (2002), is used. In Table 3 the optimal
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Figure 8: Evolution of the error angle of the attitude in the transient
phase.

parameters can be seen for a fit on the science mode data,
i.e. tend =1.

To give a compact evaluation of all the fits the coefficient
of determination R? is used. It is defined as

N ~
o VEln P

N .
D k—1lyr — 9P

with the measurement values yr, = T;, the values
obtained from the model ¢ =7; with the average

value §v = %Zi\;lﬁ(tk) for the measurement times
(tk)ken = (1,...,N) and the sensors ¢ € {1,...,12}. Ta-

ble 4 shows the R2-values of the twelve configurations. It
can be seen that all values are very close to one which sug-
gests that the fitted model is appropriate. Additional dis-
cussion and verification of these parameters can be found
in Posielek (2022).

8.8. Observer Validation

In this section the proposed observer from Section 5 are
used to estimate the attitude ¢ solely based on the GRACE
measurements discussed in Section 8.1. Additionally, a
sensor outage is simulated and the algorithms of Section 7
are used to validate the possibility to estimate the attitude
despite the outage of a temperature sensor.

8.8.1. Nominal Operation

In this section the nominal operation mode is considered
with all sensors working and providing the real measure-
ment data shown in Section 8.1. The observer proposed
in the Section 5 is shown with the additional nonlinear fil-
ter discussed in Section 6 to smooth the estimation. For
the position r the measurements obtained from the data
sets are directly used. The angular velocity measurements
w were unfortunately unavailable and are thus generated
using

O = (I3 + S)w + Bu + Nw

with the matrix § = (sg, 5§, 854) with s{ = [1510 15] -
1074, s = [15 10 15] - 107%, sJ = [10 15 15] - 10~*
incorporating scale and misalignment factors, the bias
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Figure 9: Estimated angles (13 and 6 compared with the real angles ¢
and 0 for the normal n = +e;.

B, =[0.48 0.48 0.48]-10 6 rad s~! and the Gaussian white
noise 7, with the standard deviation /10 - 1077 rad//s
Markley and Crassidis (2014). The time ¢ with respect to
the orbit period as in Section 8.1 is used. Thus, the sim-
ulation starts at a normalised time of around —1.1 orbits
with the initial attitude gy = [—0.88 0.44 0.15 0.085] " and
the initial guess §o = [0 0 0 1]T which corresponds to an
initial error of around 170 degrees. The gains of the lin-
ear differentiator ag = 40.33, a; = 41.33 and ¢ = 50.244
are obtained by an optimisation which minimises the error
[ Z(s8,88(t) + Z(ra(t), 75 (t))dtO™ where the integra-
tion time is in orbits with ¢t = ¢O™PtTO™It L ¢/ The filter
gain k = 0.0017 is obtained minimising the angle error
fol Z(q(t), Gare (t))dtO™* The small value of k is sensible as
it allows a slow convergence of the attitude for high initial
errors a the benefit of better filtering qualities. The slow
convergence is also justified by the slow dynamics that the
spacecraft is considered in this mission. Note that the op-
timisation is only carried out in the first orbit (in SM) in
order to allow an evaluation in slew mode.

The observer proposed in Section 5 guarantees the con-
vergence of the estimates to the real attitude when no
measurements or model errors are present. An estimation
including these errors leads only to the convergence to a
neighbourhood of zero instead of exact zero. The period
until the solution reaches this neighbourhood is referred
to as the transient phase. The error of the estimated atti-
tude ¢ and the filtered attitude ¢fi'* is displayed Figure 8.
Without the additional attitude filter the convergence of
G depends solely on the convergence of the differentiator
which is within about 0.01 orbit. With the additional fil-
ter the convergence time rises up to approximately 1 orbit.
This is a sufficient convergence time for the herein consid-
ered initial values and time frame. Faster convergence can



Table 3: Fitted parameters, ¢ € {1,...12}
n; el —e1 (D) —e e3 —e3 €1 —e1 €2 —e2 €3 —€3
Qi 0.70 0.57 0.53 0.81 0.50 0.57 0.11 0.13 0.06/0.12 0.11 0.14 0.13
C; [K sfl} 570 392 361 443 495 398 451 484 334 636 463 340
Qld (W] 15.57 1273 837 O 24.42 26.10 12,92 11.64 6.62 29.19 3.03 23.24
. R2 .
Table 4: R® values. column the top and middle plots show the angle to Earth
- of the sensors pointing in direction of the velocity and per-
n; e1 —e1 e —ex  e3 —e3 ) : i
R2 for nq — ng 0.992 0.986 0.918 0.996 0.916 0.991 pendicular to the orbit plane. These errors are higher than
R%forny —miz 0979 0.964 0.848 0970 0.913 0.983 the ones from the solar angle but they appear to oscillate
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Figure 10: Angle error between the estimated vector and the real
vectors v € {s,r}.

also be achieved by adjusting the filter gain at the cost of
higher stationary errors.

The stationary behaviour to be between orbit 0 and 3 is
considered. Figure 9 shows all twelve estimated angles <13
and 6 over the number of orbits. The style of the display
is the same as in Figure 6 where only the corrected angles
values are shown. The dashed line represents the real an-
gles and the solid line displays the estimated angles. The
top plot in the left column shows the estimates of the solar
angle for the sensors pointing in and oppose the velocity
direction. During the first orbit in science mode the an-
gles below 90 degrees are estimated with good accuracy.
As expected, angles over 90 degrees are estimated to be 90
degrees by the algorithm. During the slew manoeuvre the
estimation error becomes more visible as the solar irradia-
tion estimate appears to be higher than it actually is. This
suggests that lower values in the model for the parameter
as may improve this estimation. The middle plot in the
left column displays the angle of the sensors perpendicular
to the orbit plane. It can be seen that the estimates are
extremely accurate even during the slew manoeuvre. The
bottom plot in the left column shows the estimates for the
nadir and zenith pointing sensors. Here the estimation
shows some small errors during the science mode as well
as the slew mode. In particular, the large error during the
start of the slew manoeuvre is due to some dynamics that
have not been incorporated in the model. For the second
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around the correct mean value. The bottom plot in the
second column shows the estimates for the angles to *es.
The normal —eg3 is pointing towards zenith and can there-
fore not be correctly estimated and leads instead mostly to
an estimation of the maximal angle. It is very interesting
to note that there are multiple points when the error of the
estimated angle 05 becomes very large. This is most likely
to internal heat flows which are not modelled. The nor-
mal +ej3 is pointing towards nadir, the estimation shows
some significant errors for this normal as the time vari-
ance of the infrared and albedo irradiation is only roughly
incorporated in the model.

Figure 10 shows the error angle of estimated Sun and
Earth vector and the error angle of the angle estimated re-
sulting from the final filtered attitude ¢f*. Table 5 shows
the mean and the standard deviation of these error angles.
From Figure 10 it can be seen that in science mode the
unfiltered error angle between the Sun vector and its esti-
mate is of low dynamics in comparison to the error angle
of the Earth vector. Additionally, during science mode the
solar vector is more accurately estimated than the Earth
vector. Remember that the model was fitted to the data
during science mode which is why it is expected to have
better results in science mode than in slew mode. Indeed,
during slew mode the estimate of both vectors becomes
less accurate. For the solar vector, a significant spike oc-
curs at the start of the manoeuvre as discussed due to the
high error in the estimate of the ¢ angle in e; direction.
The Earth vector estimate admits larger errors during the
second phase of the orbit. The filtered error admits overall
smaller errors with slower dynamics.

Figure 11 and Table 5 show the error of the estimated
attitude ¢ and the filtered attitude ¢f*. It can be seen
that as expected the filtered attitude damps the oscillation
while giving overall more accurate estimations despite the
errors in the measurements of the angular velocity. For
both estimations it can be seen that the results are better
during the science mode than during the slew mode. This
can be mainly ascribed to the fact that the data from the
science mode was used to fit the parameters in Section 8.2.
However, the results in slew mode show that the resulting
model yields results in the desired accuracy. It can be seen
that for both estimations the fluctuation of the error is
comparatively high. There are multiple potential reasons
for this. First and foremost, unmodelled thermal dynam-
ics, mainly in the form of internal heat flows, may lead
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Figure 11: Error between real and estimated attitude.

Table 5: Mean and Standard deviation of the error angles of the
estimated vectors and attitude. The science mode (SM) denotes the
time frame until the first orbit and the slew mode (Slew) denotes
the time frame from the first orbit when the slew manoeuvre starts
to the end of the slew manoeuvre. Total denotes the mean and the
standard deviation for the combined time frame.

Mean [deg] Standard Deviation [deg]
Error Angle SM  Slew Total SM  Slew Total
/(sB,5B) 2.8 486 3.84 128 2.20 2.07
Z(rB,#B) 3.30 4.86 4.08 2.09 2.18 2.28
Z(q,q) 347 597 472 209 1.76 2.30
2(q, dare) 143  3.03 223 051 0.1 1.04

to such high variations. If more knowledge about these
unknown heat flows is available, it is possible to incorpo-
rate them into the model design and reduce the variations.
Additionally, the parameter identifiction in Section 8.2 is
optimised to minimise the temperature error for the indi-
vidual sensors. A different optimisation criteria could be
chosen which can lead to a smaller fluctuation. All in all,
the mean of the total error is about five degrees for the
attitude estimation and even about two degrees for the fil-
tered attitude as can be seen in Table 5 which makes the
method a viable option for attitude estimation.

- Estimated Number of Sensors
s Filtered Error Z(A(q)v, A(dgi)v)

me= Real Number of Sensors
e Error £(A(q)0, A(G)V)

3 3o camiemm—— . -
=2 S 2
1 . 1
0 1 2 3 0 1 2 3
o 8020 =%
i3 5%
g 510 = 810
M2 0 H> 0
0 1 2 3 0 1 2 3
t [orbits] t [orbits]

Figure 12: Real and estimated number of sensors under the influence
of solar and Earth irradiation. Error between the real and estimated
Sun and Earth vector, v € {r, s}.
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8.3.2. Sensor Failure

In this section, at 0 orbits the outage of the temperature
sensors is considered. These are pointing along e, —es and
—eg direction, i.e. N°™ = {—ej,ep,e3} = {no,n4,n6}.
The differentiator and filter with the same gains as in the
previous Section 8.3.1 and the same algorithms proposed
in Section 7 are used.

The main difficulty lies within the estimation of the set
Noy(q), Ny(q). Due to ¢; and 6; being subject to model and
measurements errors, the definition (47) may lead to incor-
rect estimates and the usage of sensors for the reconstruc-
tion that may carry false information. There are different
ways to improve the estimation of N¢(q). Multiple pairs
of sets (./\A/;(q),/\A/'gl(q)), ey (./\A/‘;L“t’q’(q),/\A/'g”“’d’(q)) are de-
fined and the reconstruction obtaining the estimated at-
titudes ¢' ... ¢™i=¢ are carried out where ny s € N is
the number of considered estimates. The final estimate
is based on the smallest error (63), i.e. § = §F=i» where
Emin = argmin, e(k) and e is considered as the function
which maps k to the error e; defined in (63). The sets
N 4(q) are obtained as in (47a) with the augmentation that

for uncertain angle estimations, two sets N (), N ; (q) are
defined where one incorporates the corresponding normal
while the other does not. An angle estimation is defined
to be uncertain if ¢; > Z — ¢ where ¢'™ € R is a de-
signed threshold. The same is carried out for Nj (). All
combinations of these two sets N ;(q),./\Afg (¢) lead to the
considered pairs of sets. As the thresholds ¢'"* = 0.26
and 6™ = 0.87 based on the estimates in Science Mode
displayed in Figure 9 are chosen.

The transient phase of the estimation is identical to the
one in Figure 8 because the outage occurs at 0 orbits. The
estimates of the stationary phase can be seen in Figure 12.
The top row shows the real and estimated number of sen-
sors under the influence of solar and Earth irradiation. It
can be seen that despite the improved algorithm the esti-
mation is not always correct for the number of sensors that
are sunlit. The errors become more frequent at the tran-
sition points when the state of a sensor changes between
sunlit and not sunlit. The number of sensors under Earth
irradiation is constant with a value of two over the con-
sidered time. The estimation is correct most of the time
but at some instances the zenith pointing sensor is consid-
ered in the estimation of the Earth vector. For the error
of the Earth and Sun vector estimates it can be seen that
the error is high when the estimated number of sensors
under Sun and Earth irradiation is not correct. Higher
errors compared to Figure 10 can be observed during the
slew manoeuvre which is mainly because the information
from the nadir pointing sensor is missing. Overall, as can
be seen in Table 6, the mean error is about three degrees
higher than in the nominal case for both Sun as well as
Earth vector estimation.

Figure 13 shows the error angle of the estimated atti-
tude ¢ and the final filtered attitude ¢fi'*. Their evolution
is qualitatively similar to the errors displayed in Figure 11.
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Figure 13: Error between real and estimated attitude.

Table 6: Error angles as in Table 5 for the considered sensor outage

Mean [deg] Standard Deviation [deg]
Error Angle SM Slew  Total SM  Slew Total
Z(sB,5B) 476 939 7.07 3.80 5.18 5.10
Z(rB,#B) 4.87 1071 779  2.82 5.10 5.05
Z2(q,4) 6.32 9.00 7.66 3.82 2.70 3.57
ACR D) 3.80 524 452 1.04 1.88 1.68

However, the mean error is about three degrees higher for
the unfiltered attitude and about two degrees higher for
the filtered attitude as can be seen in Table 6.

9. Conclusion

Observability of the satellite system with temperature
measurements as outputs can be ensured. The mea-
surements are obtained by twelve temperature sensors in
cuboid configuration. The underlying algorithm can be
very well structured into the different tasks of differentia-
tion, angle estimation, vector estimation and finally atti-
tude estimation. Even in the case of partial sensor outage
the capabilities of attitude estimation remain feasible but
require more complex algorithms. An evaluation of the
attitude estimation algorithm based on real mission data
from the GRACE mission showed that the error which is
to be expected lies in the range of a few degrees. The
proposed algorithm can be augmented adding additional
vector measurements such as magnetic field or the gravity
measurements. The proposed considerations have shown
that it is possible to use temperature sensors for the at-
titude estimation. This can be used in future mission in
different ways such as by fusing the temperature measure-
ments with already existing sensors or as a cheap fall back
method.
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