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Abstract

With the increase in activity and momentum towards Lunar and Martian explo-
ration and habitation, there is a need for a reliable, reusable and versatile engine
which can also use a propellant that can be produced in situ. The Osiris Electri-
cally Augmented Expander Cycle Engine, developed in an earlier Masters Project
work, can fill that role; however, one of the important parameters to be considered
for this implementation is the choice of the right fuel. Liquid hydrogen and liquid
methane are the two fuels being considered for this engine due to their potential
for in situ production, but which of these two would be the ideal choice? The
objective of this study is to understand the effects of hydrogen and methane as
fuel in a spacecraft with the Osiris Electrically Augmented Expander Cycle Engine
for Lunar and interplanetary missions. The study will create two specific use case
envelopes for a mission to the Moon and Mars for which a spacecraft with the two
versions of the engine will be defined. The study will then look at six different
aspects and how these two fuel versions compare against each other and then look
at the merits of hydrogen and methane as a fuel for exploration missions as a whole
at the end.
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Chapter 1 Introduction

1. Introduction

In 1903, Konstantin Eduardovitch Tsiolkovsky published an article in the journal
“Scientific Review” in Russia called “Exploration of Space with Reactive Devices”
[1].
The summarised key points of this article were as follows:

1. Space travel is possible.

2. This can be accomplished by means of, and only by means of, rocket propul-
sion since a rocket is the only known propulsive device which will work in
empty space.

3. Gunpowder rockets cannot be used since gunpowder simply does not have
enough energy to do the job.

4. Certain liquids do possess the necessary energy.

5. Liquid hydrogen would be a good fuel and liquid oxygen a good oxidiser, and
the pair would make a nearly ideal propellant combination.

Today, 120 years later, mankind has gone through a number of technological break-
throughs and stands on the precipice of the next phase of space exploration. What
Tsiolkovsky wrote about in 1903 has been realised now, and in fact, liquid hydro-
gen and liquid oxygen are indeed one of the most efficient propellant combinations
used in spacecraft today [1]. But when performance is not the only goal, then
other propellants start to become significant contenders.

For Lunar and interplanetary exploration, especially with long-term goals in mind,
there are new priorities for a spacecraft. Space systems are needed that are rapidly
reusable, reliable, versatile and self-sustaining to a large extent. This is why this
analysis aims to look at propellant selection from a system level point of view for
an engine that meets these demands in the context of Lunar and interplanetary
exploration.

1.1. Motivation

In the last decade, the momentum for space exploration, and especially human
space exploration, has built up significantly. This trend is also seen in the cur-
rent decade and the foreseeable future. With human exploration missions to the
Moon scheduled for a couple of years from now and significant advancements in the
preparations for Mars missions, the demand for a fleet of vehicles and transport
capabilities to the Moon and the Red Planet is at an all-time high. It is, therefore,
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crucial that fuel selection is a part of the development phase of engines as for in
this chapter of space exploration, the technological and design choices for space
technology would be especially driven by its intended scenario [2][3].

The Osiris Electrically Augmented Expander Cycle Engine is poised to be an
excellent candidate to fill this role for a multi-restart, multi-use and highly throt-
tleable in-space engine. It is an engine developed for a master project for these
capabilities specifically [4]. During the development of the Osiris engine, the fuel
initially considered was hydrogen. But as the design progressed, many drawbacks
started to appear with hydrogen as the fuel. As an alternate investigation, the
engine design study was also conducted with liquid methane as a fuel and a lot
of the drawbacks of hydrogen were mitigated. Nonetheless, there were still some
aspects of liquid hydrogen that were superior in one aspect of the design compared
to others. Therefore a need arose to analyse both Methane and Hydrogen as a
fuel for its intended interplanetary use from different aspects and all relevant fac-
tors and compare them to come to a conclusion as to with which fuel the engine
development should continue.

1.2. Research Question

The main research question that is aimed to be answered is as follows:

For a given set of use case envelopes, whether Hydrogen or Methane is a bet-
ter fuel option for the Osiris Electrically Augmented Expander Cycle engine?

15



Chapter 2 Theoretical background and State of The Art

2. Theoretical background and State of The Art

For missions beyond Earth Orbit, the propellant considered is usually a storable
liquid type [5]. The reasons for this are the easy storage and the long-term reliabil-
ity of these propellants. But considering the rate of growth of longer exploration
missions, not only is a more efficient propulsion system required, but also a sus-
tainable one where the propellant can be sourced from their destination. It is
for this reason that methane and hydrogen are also being considered for future
exploration missions.

Current studies looking at methane and hydrogen tended to focus on their ap-
plication here on Earth as a source of fuel [6]. In terms of directly comparing
methane and hydrogen as a rocket fuel, a lot of studies have considered basic fac-
tors for comparison of these two fuels, such as specific impulse, density etc. But
what they have not considered, are many aspects on a system level and especially
with having a specific engine in mind [7]. Therefore this study intends to bridge
that gap.

To have an understanding of the gap the Osiris Electrically Augmented Expander
Cycle engine intends to fill, below is a brief look at the state-of-the-art liquid
engines.

2.1. Pressure Fed Engines

In a pressure fed liquid rocket engine, the propellant is forced into the combustion
chamber using a pressurised gas, such as helium or nitrogen, rather than relying on
an engine-driven fuel pump. This is a relatively simple system and is cost-effective
[8].

One of the state-of-the-art pressure fed engines used today is the SuperDraco
engine onboard SpaceX’s Dragon 2 capsule [9].

2.2. Pump Fed Engines

2.2.1. Gas Generator Cycle

In a gas generator system for a rocket engine, a portion of the fuel and oxidiser is
redirected to a separate chamber known as the Gas Generator Chamber. Within
this chamber, the propellants undergo combustion and generate high-pressure,
high-velocity gases that drive the turbine responsible for powering the fuel and
oxidiser pumps [8].
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The Merlin engine, which is considered a cutting-edge Gas Generator propulsion
system, is currently utilised on SpaceX’s Falcon 9 rocket [10].

2.2.2. Staged Combustion Cycle

Staged combustion involves diverting a portion of the oxidiser to a separate cham-
ber, as in the gas generator cycle. However, in staged combustion, all of the fuel
is directed to the pre-burner, where it is ignited with the oxidiser. The resulting
combustion products are then utilised to drive the turbine, which generates power
for the fuel and oxidiser pumps [8].

Currently, one of the most advanced full-flow staged combustion engines avail-
able is the Raptor engine, which is set to provide propulsion for SpaceX’s Starship
rocket [11].

2.2.3. Expander Cycle

The Expander cycle operates without initial combustion. Rather than igniting the
fuel, it is passed alongside the combustion chamber, where it absorbs the chamber’s
heat and expands. This expanded fuel is then directed through a turbine, which
powers the fuel pump before finally being redirected to the combustion chamber [8].

The RL10 rocket engine is widely recognized as one of the most dependable ex-
pander cycle engines in use today. It is currently employed by United Launch
Alliance (ULA) to power their Atlas V and Delta IV rockets, as well as by other
companies for their rocket’s upper stages [12].

2.2.4. Electric Pump Cycle

The Electric Pump cycle replaces the conventional turbine-driven pump mecha-
nism with an electric motor, which is powered by batteries. A driveshaft connects
the electric motor to the pump, enabling the transfer of power. This design offers a
straightforward, low-complexity solution with fewer moving parts and fewer losses
[8].

The best example of an Electric Pump Engine is the Rutherford engine used by
Rocket Lab for their Electron rocket [13].
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2.3. Electrically Augmented Expander Cycle

The Electrically Augmented Expander cycle engine is a fusion between the Ex-
pander and the Electric Pump cycle engine combining the advantages of both.
This cycle has a heat exchanger system around the nozzle and turbine that runs
with the expanded gas at the higher throttle range, and an electrical pump that
powers the motor during startup and lower throttle [4].

Figure 1: Electrically Augmented Expander Cycle [4]

The Osiris Engine is designed as an Electrically Augmented Expander Cycle en-
gine. For the general understanding of the Osiris Engine, the Masters Project
report on the Phase A design of the Electrically Augmented Expander Cycle En-
gine is a good starting point [4]. In this, the initial design process is detailed, and
the general design is laid out. This thesis builds on the work done in this report.
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3. Osiris Rocket Engine

3.1. Introduction

The Osiris Electrically Augmented Expander cycle is a liquid bipropellant en-
gine developed to fill in the gaps created due to the drawbacks of a traditional
Expander cycle engine by leveraging the potential of advancements in electrical
motors and battery technology. The ability of the engine to be easily restartable
and deep throttle makes it an excellent engine perfectly suited for high-frequency
interplanetary missions. It was intentionally designed to use propellants that could
be sourced in situ on destinations such as the Moon and Mars and therefore the
design considered hydrogen and methane as its options [4].

3.2. Description

The Osiris Electrically Augmented Expander Cycle engine was designed for two
versions, Hydrolox and Methalox [4].

Engine Specifications

Hydrolox Version:

• Thrust: 50 kN

• ṁox : 8.94 kg/s

• ṁfuel : 1.79 kg/s

• ṁ : 10.73 kg/s

• Chamber Pressure: 20 bar

• Oxidiser to Fuel Ratio: 5.0

• Theoretical Specific Impulse: 475 s

• Realistic Specific Impulse ( 90% efficiency assumed ) : 427.5 s

Methalox Version:

• Thrust: 50 kN

• ṁox : 10.36 kg/s

• ṁfuel : 2.88 kg/s
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• ṁ : 13.236 kg/s

• Chamber Pressure: 20 bar

• Oxidiser to Fuel Ratio: 3.6

• Theoretical Specific Impulse: 385 s

• Realistic Specific Impulse ( 90% efficiency assumed ) : 346.54 s

The design philosophy of the Osiris engine was based on RL10 A-3 Expander cycle
engine as it was similar in performance and had a base architecture of the expander
cycle, which is close to the new cycle [40].
The engine consists of a turbine which drives the pumps using the expanded gases
during higher throttle phases of operation, one oxidiser pump connected to a shaft,
and one fuel pump also connected to a shaft. For the Hydrolox version of the en-
gine, the fuel pump is two stages and, for the Methalox version, it is one stage.
The two pump shafts are connected by a gearing mechanism. For the start-up
and lower throttle phases, there is an electric motor, which is connected with the
help of a clutching mechanism to the gearing mechanism connecting the two pump
shafts. Subsequently, there is the combustion chamber and nozzle assembly, along
with inbuilt cooling channels built into an inner copper shell and surrounded by
a second steel shell. These propellant-feeding driving mechanisms were the main
focus of the initial Osiris design. Apart from these, there are all the other standard
parts in a liquid engine design. Below are the figures for the general design layout
and engine CAD model developed in the project.

Figure 2: General Turbo Pump Configuration for Osiris Engine [4]
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((a)) Complete System Diagram for Osiris
Engine [4]

((b)) Final Engine Model (Hydrolox
Version) [4]

Figure 3: Osiris Engine System Diagram and Model
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The following is the Engine Mass breakdown for the Osiris Engine.

Hydrolox Version:

Part Mass(kg)

Inner Copper Nozzle and Combustion Chamber with cooling chan-
nels

126

Outer Steel Nozzle and Combustion Chamber Shell 85
Injector Plate 1.1
Electric Motor 28.2
Transmission Shafts and Gears 30
Battery and Controller 143
Turbine and Housing 15
Fuel Pump and Housing 50
Oxidiser Pump and Housing 15
Mounts and Other connection hardware 4
Ignition System 3
Valves 21
Tubing and Piping 20
Miscellaneous 5

Total 546.3

Table 1: Hydrolox Version Mass Breakdown
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Methalox Version:

Part Mass(kg)

Inner Copper Nozzle and Combustion Chamber with cooling chan-
nels

141

Outer Steel Nozzle and Combustion Chamber Shell 95
Injector Plate 1.1
Electric Motor 12
Transmission Shafts and Gears 30
Battery and Controller 45
Turbine and Housing 15
Fuel Pump and Housing 20
Oxidiser Pump and Housing 15
Mounts and Other connection hardware 4
Ignition System 3
Valves 21
Tubing and Piping 16
Miscellaneous 5

Total 425.1

Table 2: Methalox Version Mass Breakdown
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4. Approach

This study will use a simplified approach to compare the two fuels on a system
level with the Osiris engine specifically in mind. This means that the conditions
within which it would be compared would give a good representation of the actual
environment and provide an equivalent platform for comparison but not necessar-
ily detailed in any specific direction. The aim is to look at both versions of the
Osiris engine and put them next to each other comparing them based on certain
factors but with having the spacecraft and a specific target mission in mind. This
will give a better understanding of which version of Osiris Engine to develop fur-
ther.

To compare the two engine versions, there will be a sample mission defined that
the spacecraft will perform. This will give us an equivalent base for comparison.
The two missions chosen are Low Earth Orbit (LEO) to Moon Orbit and LEO
to Mars Orbit. These two target destinations were selected since, in the following
decades, exploration activities on these bodies are expected to be rampant.

For this study, some assumptions and simplifications will be made.

• First of all, the spacecraft that will be used with the engine for comparison
can be considered as a kickstage or a service module for a capsule.

• This spacecraft will have a certain payload on top of it. For example, it could
be a lander segment or, in the case of a service module as the spacecraft, the
payload would be the capsule it is transporting.

• The spacecraft’s mission for the study will be from LEO to Target Body
Orbit.

• This is the only segment of operation that will be considered for the study.

For comparing the two fuels for the Osiris engine, different aspects will be looked
into that would be important for a space exploration mission, propellant selection
and spacecraft design.
They are as follows:

• Efficiency of the Fuels

• System Mass and Fuel Budget

• Pump Power Requirement

• Storability and Long Term Use
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• Boil Off Behaviour

• In Situ Production

Figure 4: Topics for Comparison

These aspects are interconnected with each other, and software tools will be used
to study some of them.
These tools, their inputs, and their outputs will be explained in the following chap-
ters.

They interact with each other as follows:

Figure 5: Top Level Logic flow for the Tools used
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GMAT, FreeFlyer, BoilFAST, and Matlab are publicly available software, and the
Mass Estimation and Heat Flux Estimation tools were created using Matlab for
this study. More about these softwares will be discussed in the coming sections,
and the code for the Matlab tools are available in the Appendix.

Scoring System

To have an understanding of how the fuels stack up against each other, a scoring
system will be used. First, for each aspect of comparison, a score will be given
from 0 to 10 for each fuel for each mission type. This will then be multiplied to a
certain weight. This would depend on how impactful that factor would be in the
overall propellant selection. This would then be added together for each fuel for
each mission, and this would give a score to compare.

Score for X fuel for Y mission =
∑

(Weight × Score)
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5. Use Case Envelopes

For comparing the different aspects of the two fuels, hydrogen and methane, a
reference mission has to be established first. This can be done by selecting certain
mission characteristics and then finding out its performance and trajectories and
using that information to analyse the fuels.

For this study, two mission types have been considered.

• LEO-Mars Orbit

• LEO-Lunar Orbit

These mission types are considered because, keeping the multirestart and deep
throttle capabilities of the Osiris Engine in mind, it is best suited for exploration
Missions to the Moon or Mars. To simplify the orbital requirement and not include
complicated landing manoeuvres that differ vastly between the Moon and Mars, as
well as to provide similar engine burn scenarios (Transfer Burn and Orbit Insertion
Burn), the trajectory from the LEO to the Planetary Body orbit was selected.

5.1. LEO-Mars Orbit Mission

In this mission, the spacecraft will start in a LEO and will perform a manoeuvre
for Mars Transfer Orbit and, after the encounter with Mars, will perform a Mars
Orbit Insertion Manoeuvre.

The assumed orbit data is as follows:

• Spacecraft LEO Altitude: 500 km

• Spacecraft LEO Eccentricity: 0

• Spacecraft LEO Inclination: 23.5◦

• Spacecraft LEO Longitude of the Ascending Node: 0◦

• Spacecraft LEO Argument of Periapsis: 0◦

• Spacecraft LEO True Anomaly: 0◦

• Desired Mars Orbit Altitude: 250 km

27



Chapter 5 Use Case Envelopes

The orbit of the Mars Reconnaissance Orbiter was used as a reference for assuming
these orbital altitudes [14]. Some of the orbital parameters have been chosen as
0 for a simplified Patched Conics approach. This will be further explained in the
next section.

Other assumptions made for this analysis:

• A simplified patched conics approach will be used.

• Earth and Mars have perfectly circular and co-planar orbits.

• Newtonian physics is considered.

• Atmospheric Perturbations will not be considered.

• Planetary bodies affecting the spacecraft are the Earth, the Sun, the Moon
and Mars

• The journey is assumed perfect; therefore, ∆V required for correction burns
is not included.

5.1.1. Approach

The analysis of the trajectory requirements for this mission was done in FreeFlyer®
Astrodynamics Software with a student license [15]. This is a commercial off-the-
shelf software for Mission Analysis and has been in use since 1997 [16]. The
approach followed is based on a modified version of a software tutorial for Patched
Conics Transfer [17].

1. First, the Phase Angle is calculated between the two planets so that the
spacecraft reaches Mars at the right time and the epoch at which this phase
angle occurs. The spacecraft is then propagated to this epoch 6.
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Figure 6: Phase Angle Diagram [17]

2. To have a hyperbolic planet departure, the necessary manoeuvre that the
spacecraft would have to make in LEO is then calculated. For this, the
hyperbolic excess velocity of departure is then calculated 7.

Figure 7: Hyperbolic Escape Trajectory of the spacecraft from Earth [17]
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v∞ = |vTransE − vE| (1)

v∞ = Hyperbolic Excess Speed of Departure Hyperbola

vTransE = V elocity of Transfer Orbit at Earth (Periapsis)

vE = Orbital V elocity of Earth

3. To calculate the hyperbolic excess velocity of departure, the Orbital Velocity
of Earth with respect to the Sun is to be calculated first.

vE =

√
µSun

rE
(2)

µSun = Gravitational Parameter of the Sun

rE = Radius of Earths′s Orbit around Sun

4. As well as the velocity of transfer at Earth.

vTransE =

√
µSun

(
2

rE
− 1

aTrans

)
(3)

aTrans = Semi − Major Axis of Transfer Orbit

Therefore from equation 2 and 3

v∞ =

√
µSun

rE

(√
2− rE

aTrans

− 1

)
(4)

5. Once the hyperbolic excess velocity is calculated, the velocity at periapsis
can be found.

ahyp =

(
2

rEarthSOI

− v2∞
µEarth

)−1

(5)

ahyp = Semi−Major Axis of Escape Hyperbola

rEarthSOI = Radius of Earth′s SOI

µEarth = Standard Gravitational Parameter of Earth

vp =

√
µEarth

(
2

rp
− 1

ahyp

)
(6)

vp = V elocity at Periapsis of the Hyperbola

rp = Radius of the Parking Orbit
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6. Therefore, the ∆v needed by the spacecraft to escape Earth can be calculated
by subtracting the parking orbit velocity from the velocity at periapsis.

∆v1 =

∣∣∣∣vp −√
µEarth

rp

∣∣∣∣ (7)

∆v1 = Magnitude of F irst Burn

7. After calculating where in the spacecraft’s trajectory around Earth the burn
would be needed to be performed, the β angle is calculated.

β = cos−1

 1

1 + rp.v2∞
µ2
Earth

 (8)

8. It can be calculated similarly for a Hyperbolic Planetary Arrival 8.

Figure 8: Hyperbolic Arrival Trajectory of the spacecraft to Mars [17]
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∆v2 =

∣∣∣∣vp −√
µMars

rp

∣∣∣∣ (9)

∆v2 = Magnitude of Second Burn

vp = V elocity at Periapsis of the Arrival Hyperola

µMars = Gravitational Parameter of Mars

rp = Radius of the Arrival Parking Orbit/Periapsis

This gives the ∆v required to insert the spacecraft into a circular Mars Orbit.

5.1.2. Results

The following were the results of the Trajectory Simulation on FreeFlyer Astrody-
namics Software:

Figure 9: Trajectory simulation of the Spacecraft at Earth Departure
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Figure 10: Trajectory simulation of the Spacecraft Transfer Trajectory

Figure 11: Trajectory simulation of the Spacecraft in its final trajectory around
Mars
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Figure 12: Final ∆V Requirements

In the trajectories of the spacecraft shown in figures 9, 10 & 11, the red path is
the trajectory of the spacecraft around the solar system while it is in Earth Orbit,
the blue path is the trajectory of the spacecraft on its transfer trajectory to Mars,
and the green path is the trajectory of the spacecraft around the solar system in
Mars Orbit.

Therefore our main outputs from the simulation are:

1. ∆V Required

2. Time of Flight
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5.1.2.1 ∆V Required

∆V 1 = 3.5498 km/s

∆V 2 = (−)2.0967 km/s

∆V Total = 5.6465 km/s

The total ∆V required for the two burns is 5.6465 km/s.

5.1.2.2 Time of Flight

Ttravel = tarrival − tdeparture

Ttravel = February 10, 2021, 09 : 30 − May 24, 2020, 13 : 30

Ttravel = 261 days, 20 hours

= 6284 hours

5.2. LEO-Moon Orbit Mission

In this mission, the spacecraft will be in a Low Earth Orbit and will perform a
manoeuvre for Lunar Transfer Orbit and, after the encounter with the Moon, will
perform a Lunar Orbit Insertion Manoeuvre.

The assumed orbit data is as follows:

• Spacecraft LEO Altitude: 170 km

• Spacecraft LEO Eccentricity: 0

• Spacecraft LEO Inclination: 28.5◦

• Spacecraft LEO Longitude of the Ascending Node: 329.48◦

• Spacecraft LEO Argument of Periapsis: 30.83◦

• Spacecraft LEO True Anomaly: 99.88◦

• Desired Lunar Orbit Altitude: 110 km

The orbits of the Apollo 15 mission was used as a reference for assuming these
orbital altitudes [18].
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Other assumptions made for this analysis:

• Earth and the Moon have realistic orbits simulated for this mission. The
information on the motion of planetary bodies is a part of the software.

• Newtonian physics is considered.

• Atmospheric Perturbations will not be considered.

• The JGM-2 gravitational Model was used for Earth.

• The LP-165 gravitational Model was used for the Moon.

• Planetary bodies that affect the spacecraft are the Earth, the Sun, and the
Moon.

5.2.1. Approach

The analysis of the trajectory requirements for this mission was done in NASA’s
General Mission Analysis Tool (GMAT) version R2020a [19]. GMAT is a publicly
available and open-source Mission Analysis software. The mission was modelled
based on an existing example script, with modifications made to suit the mission
requirements.

For this simulation, first, the resources were initialised and set up for the desired
mission. And then, the mission sequence was set up.
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((a)) Resources Tree ((b)) Mission Tree

Figure 13: GMAT Mission definition
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5.2.2. Results

The following were the results of the Trajectory Simulation on GMAT Software:

Figure 14: Moon Transfer Trajectory

Figure 15: ∆V Required for First Burn
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Figure 16: ∆V Required for Second Burn

In the trajectories of the spacecraft shown in figure 14, the blue path is the trajec-
tory of the spacecraft on its way to the Moon, and the white path is the trajectory
of the spacecraft in Moon Orbit.

Therefore our Main Outputs from the simulation are:

1. ∆V Required

2. Time of Flight

5.2.2.1 ∆V Required

∆V 1 = 3.1461 km/s

∆V 2 = (−)0.8007 km/s

∆V Total = 3.9469 km/s

The total ∆V required for the two burns is 3.9469 km/s.

5.2.2.2 Time of Flight

Ttravel = tarrival − tdeparture

Ttravel = January 05, 2020, 20 : 59 − January 01, 2020, 00 : 00

Ttravel = 4 days, 20 hours, 59minutes

= 117 hours
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6. Efficiency of the Fuels

6.1. Introduction

When modern rocket propulsion was first being developed in the early 20th cen-
tury, one of the very first propellant combinations proposed of liquid hydrogen and
liquid oxygen, was initially not further developed. This was because of the low
density of hydrogen and the handling hazards associated with dealing with cryo-
genic fluids. Apart from this, the availability of liquid hydrogen was also quite low
as the technology for liquefaction was not very advanced. The equipment required
for that was also only able to produce liquid hydrogen in small quantities. So, for
all intents and purposes, liquid hydrogen was not used as a fuel for early rocket
engines for practical reasons [1].
In the late 1930’s Walter Thiel conducted some of the first experiments with liquid
hydrogen and liquid oxygen as rocket propellants. But even during his experi-
ments, hydrogen posed many handling challenges and would leak very readily due
to its small molecular size [20].
The Centaur rocket was the first rocket which used liquid hydrogen and liquid
oxygen as its propellants. Its development started in 1956, and its first flight at-
tempt was in 1962, with the first successful attempt in 1963 [21].
Since then, liquid hydrogen and liquid oxygen have been the workhorse of some of
the aerospace industry’s most important rockets. It is especially preferred in the
upper stages of rockets due to its mass advantage and its higher energy density.
Today it is used in the Vinci engine for Ariane 6, several versions of RL-10, RS-25
for the Space Launch System, Vulcain 2 engine for Ariane 5 and many other Rus-
sian, Chinese, Indian and Japanese engines [22] [12] [23] [24].

Methane as a rocket fuel was not initially considered. This was because, many
more easily available hydrocarbons were accessible, and these were used in rocket
engine development.
In the early 1900’s Herman Oberth wanted to build a rocket with methane but
decided against it as methane was difficult to obtain in Germany then. However, in
1930, Johannes Winkler another German rocket engineer, built a liquid methane
and liquid oxygen rocket engine. But his results were not very exciting as the
performance of his Methalox engine was just marginally better than other hydro-
carbons [1].
But as time went by, methane was no longer an exotic fuel. A lot of Liquified Natu-
ral Gas reserves were discovered, and with this, methane became readily available.
By 1970, NASA had started to experiment with methane as a rocket fuel. They
took the RL-10 engine, which used liquid hydrogen and liquid oxygen and modified
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it to use FLOX (Fluorine and oxygen) as oxidiser and methane as fuel [25].
Recently, there has been a renewed interest in methane as a fuel, and this is being
driven by companies such as SpaceX and Blue Origin. Methane poses as a better
alternative to hydrogen in terms of long-term storage for interplanetary missions.
Additionally, the advantage of methane being able to be produced in situ on Mars
is definitely a driving factor. Some of the methane and oxygen engines that are
being developed are the Raptor engine to be used on Starship, the BE-4 engine
to be used on New Glenn and Vulcan, the M10 for the Vega-E, and some other
Chinese and American engines [11] [26] [27].

6.2. Specific Impulse and Chemistry of Combustion

Specific Impulse is defined as the thrust per unit propellant mass flow rate per
acceleration due to gravity [8].

Isp =

∫ t

0
Fdt

g0
∫ t

0
ṁdt

(10)

Here in Equation 10, the specific impulse is represented as the variation of thrust
and mass flow rate with time t. The acceleration due to gravity is considered
constant, and the value for standard gravity g0 is used.

Therefore, it will be equal to the total Impulse by the total mass of propellant
consumed into acceleration due to gravity.

Isp = It/(mpg0) (11)

For constant thrust and constant propellant mass flow rates, specific impulse can
be represented as:

Isp = F/(ṁg0) = F/ẇ = It/w (12)

With this notation, the unit of specific impulse is seconds. This is the SI unit.

But another value often used to measure the performance of the propulsion system
is the effective exhaust velocity ve. This is essentially the same as specific impulse
but without the standard gravity denominator.

ve = Ispg0 = F/ṁ (13)

The unit for this is m/s, and for this study, specific impulse (Isp) and exhaust
velocity (ve) will be used interchangeably to indicate performance.
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Specific Impulse is an integral part of an engine’s characteristics and indicates
its performance. In a way, it represents how efficient the engine is with its use
of its fuel and oxidiser. An engine with a higher specific impulse will be able to
provide more ∆V for the same quantity of fuel and oxidiser compared to an en-
gine with a lower specific impulse. Therefore a higher specific impulse is always
desirable.

Specific Impulse represents the energy stored in the propellants, which is released
when it is combusted. To understand the theoretical maximum specific impulse
for any propellant combination, the chemical energy of the propellants must be
equated to the kinetic energy of the exhaust products. This is because, under ideal
condition assumptions, all of this stored energy, is converted into fast-moving gases,
and the kinetic energy of the exhaust gas particles is what propels the spacecraft.
The calculations made, will be for Vacuum Specific Impulse [28].

E =
1

2
mv2e (14)√

2E

m
= ve (15)√

2E
m

g
=

ve
g

= Isp (16)

E = Total Chemical Energy Stored

m = Mass of the Propellant

ve = Exhaust V elocity

g = Acceleration due to Gravity

Isp = Specific Impulse

The energy stored per unit mass can be represented as u, called the chemical
energy density.

u =
E

m
(17)

Therefore,

Isp =

√
2u

g
(18)
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6.2.1. Hydrolox Combustion

The chemical reaction for the combustion of hydrogen and oxygen is as follows
[28]:

H
(g)
2 +

1

2
O

(g)
2 → H2O

(g) (19)

Therefore the chemical energy density u must be found.

Since the enthalpy change of combustion ∆H is for the reaction,

H
(g)
2 +

1

2
O

(g)
2 → H2O

(l) (20)

The enthalpy of vaporisation ∆Hvap also needs to be accounted for.

H2O
(l) → H2O

(g) (21)

Therefore, for the reaction where the product is water in its gaseous form [28]:

u =
(∆H −∆Hvap )

mm

(22)

Where mm is the Molar Mass of the combustion product
Therefore the Isp is:

Isp =

√
2(∆H−∆Hvap)

mm

g
(23)

Putting in the values for our reaction [29],

∆H = 285.8kJ/mol

∆Hvap = 40.2kJ/mol

mm = 18g/mol

g = 9.81m/s2

Hence, the maximum theoretical Isp is:

Isp = 532.5 s
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6.2.2. Methalox Combustion

The chemical reaction for the combustion of methane and oxygen is as follows [28]:

CH
(g)
4 + 2O

(g)
2 → CO

(g)
2 + 2H2O

(g) (24)

Similar to the hydrogen and oxygen combustion, the enthalpy change of combus-
tion ∆H is for the following reaction:

CH
(g)
4 + 2O

(g)
2 → CO

(g)
2 + 2H2O

(l) (25)

And here as well, phase change in water needs to be accounted for;

H2O
(l) → H2O

(g) (26)

But here, since there are 2 moles of water, the ∆Hvap is doubled. Also, for molar
mass, carbon dioxide also has to be included.
Therefore, calculating Isp:

u =
(∆H −∆Hvap )

mm

(27)

Isp =

√
2(∆H−∆Hvap)

mm

g
(28)

Putting in the values for our reaction [29],

∆H = 890.6kJ/mol

∆Hvap = 2× 40.2kJ/mol

mm = 44 + 2× 18 = 80g/mol

g = 9.81m/s2

Hence, the maximum theoretical Isp is:

Isp = 458.7 s

In reality, the theoretical Isp is not achieved. This is due to the combination of
various factors, such as:

• The propellants are not always being burnt at their optimal stoichiometric
ratio

• Mechanical losses due to vibrations
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• Thermal losses such as heat escaping as well as heating up parts of the
spacecraft

• Intramolecular Vibrations and rotations

• Non-axial exhaust gas kinetic motion

After all of the possible losses, the kinetic energy of the exhaust gases in the axial
direction is what remains and that gives the actual specific impulse.
For the Osiris Engine, the Hydrolox version has a theoretical specific impulse
of 475 seconds and the Methalox version has a theoretical specific impulse of
385 seconds before considering reduction during operations due to engine efficiency
[4].

6.3. Conclusion and Scoring

Below is a diagram representing the specific impulses of LH2/LOx, LCH4/LOx
and RP-1/LOx.

Figure 17: Graph of Vacuum Specific Impulse vs O/F ratio for LH2/LOx,
LCH4/LOx and RP-1/LOx [30]

It can be observed that LH2/LOx outshines its propellent competitors with respect
to specific impulse. Apart from some experimental propellant combinations with
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fluorine, hydrogen and oxygen is the best-known combination of propellants for
chemical propulsion.
Comparatively, methane and oxygen have a much lower Isp, but it is high enough
to be a considerable propellant choice for a chemical combustion engine.

To score hydrogen and methane as fuels with respect to Specific Impulse, the
difference in Isp of the two fuels with oxygen can be looked at.

Hydrogen can first be assigned 10 points on a scale of 0 to 10 as liquid hydrogen
and liquid oxygen has the highest known specific impulse for a practical chemical
propulsion engine. (Fluorine can be excluded as an oxidiser due to its toxicity and
due to its difficulty to handle).

The difference in the two Isp’s can then be considered.

IspHydrolox− IspMethalox = 90s

Difference Percentage = 90/475× 100

= 18.94%

Therefore, methane can be scored an 18.94% lower score.
The score for methane is then 8.105.

Part Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Score 10 8.105 10 8.105

Table 3: Scoring for Efficiency of Fuels

46



Chapter 7 System Mass and Fuel Budget

7. System Mass and Fuel Budget

7.1. Introduction

In space travel, mass is one of the most important design factors. Due to the rocket
equation 29, the heavier the spacecraft or the launcher is, the more fuel it requires
to get to its destination. The additional weight of the extra fuel, in turn, increases
the mass of the spacecraft, therefore, further fuel is required, and so on. Thus,
it is of utmost importance that all space hardware is of the minimum possible
mass. It is so essential to the spacecraft development procedure, that sometimes,
for cost estimation, the cost is measured in kilograms instead of a currency. This
is because, the mass is the greatest driving factor for putting the spacecraft into
space [8].
The mass of the spacecraft can be broadly divided into its propellant mass and the
dry mass, which is the mass of the spacecraft minus its propellant. The change in
fuel for the engine will affect both, the propellant mass and dry mass. Therefore,
in this section, it will be analysed how the fuel mass and dry mass of the spacecraft
will look like for the two different fuels.
Before looking at the comparison, it is important to understand the difference be-
tween hydrogen and methane in terms of their density.

In terms of density, methane is denser than hydrogen. At standard tempera-
ture and pressure, the density of methane gas is approximately 0.717 kg/m3, while
the density of hydrogen gas is only 0.0899 kg/m3. This means that for the same
volume, a tank of methane will contain more mass than a tank of hydrogen. How-
ever, it is important to note that both hydrogen and methane can be liquefied at
low temperatures, which increases their density significantly. Liquid hydrogen has
a density of 70.88 kg/m3, while liquid methane has a density of 422.6 kg/m3 at
1 bar. Despite this increase in density, liquid methane is still denser than liquid
hydrogen, which means that it would be stored in smaller tanks and requires less
volume on the rocket for the same mass of hydrogen [31] [32].
However, when considering the specific impulse of a Hydrolox engine vs a Methalox
engine, things are again put into perspective. Due to the Hydrolox engine having
a higher specific impulse for the same amount of ∆V required, a smaller mass of
propellant would be needed as compared to the Methalox engine version. In this
section, it will be observed how specific impulse affects the mass on the system
level.
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7.2. System Mass Estimation Tool

7.2.1. Approach

For comparing the system mass of the spacecraft using different fuels, a method
needs to be first established to calculate system mass. It is important to note
that this would be a comparative study where the rough estimates of system mass
would suffice as long as the approach for the elements of comparison remains the
same. Therefore, with this in mind, the estimation was made using Mass Estima-
tion Relations (MER).
For this, a Matlab tool with an interactive approach was made to estimate the
inert mass, fuel mass and oxidiser mass and, therefore, the total system mass us-
ing MERs [58]. The source for the MERs used in the tool was from Principles of
Space Systems Design by David Akin [33]. This is a compilation and formulation
from the works of C. R. Glatt, I. O. MacConochie, and W. Heineman [34] [35] [36]
[37]. All the MERs in the following section will be from this source.
All assumptions made will be mentioned as required.

The System is broken down into these main components:

• Payload Mass

• Propellant Mass

– Fuel Mass

– Oxidiser Mass

• Propellant Tanks

– Fuel Tank Mass

– Oxidiser Tank Mass

– Fuel Tank Insulation Mass

– Oxidiser Tank Insulation Mass

• Engine Mass

• Thrust Bearing Structure Mass

• Gimbal System Mass

• Structural Mass

• Avionics Mass
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• Wiring Mass

Payload Mass

The payload mass would be taken from the user input directly. For this mis-
sion, a payload mass of 3900 kg will be used. This assumption is based on 2
example missions. The Chandrayaan 2 Moon orbiter and lander had a combined
wet mass of 3850 kg [38]. The Curiosity Mars Science Lab had a payload wet mass
of 3893 kg [39].

Propellant Mass

This is essentially calculated using the rocket equation by assuming the inert mass
fraction for the first iteration [8].

∆V = ve ln
m0

mf

(29)

∆V = Change in V elocity

ve = Exhaust V elocity

m0 = Initial Mass

mf = Final Mass

Propellant Tank Mass

The following MER was used for the propellant tanks [33]:

For Liquid Hydrogen Tanks : MLH2Tank(kg) = 9.09 VLH2Tank (m
3) (30)

ForallMethaneandOxygenTanks : MTank(kg) = 12.16VPropellantTank (m
3) (31)

The tank diameters for both engine versions was assumed to be 3.5 m for the
calculations.

Propellant Tank Insulation Mass

The fuel tanks are assumed as cylindrical with insulation on all sides.
The following MER was used for the propellant tank insulation [33]:

For Liquid Hydrogen Tanks : MLH2Insulation(kg) = 2.88 ATank (kg/m
2) (32)

For all Methane and Oxygen Tanks : MTank(kg) = 1.123 ATank (kg/m
2) (33)
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Engine Mass

The engine mass is from the Osiris Engine design for Methalox and Hydrolox
versions. (Table 1 & 2)

Thrust Bearing Structure Mass

The MER for this is as follows [33]:

MThrust Structure(kg) = 2.55× 10−4 × T (N) (34)

Gimbal System Mass

The MER for this is as follows [33]:

MGimbals(kg) = 237.8

[
T (N)

Pcc(Pa)

]0.9375
(35)

Structural Mass

Here, the MER for interstage structure is being used [33]:

MInterstage(kg) = 4.95× (AInterstage)
1.15 (m2) (36)

The interstage height for both engine versions was assumed to be 1.0 m for the
calculations.

Avionics Mass

The MER for this is as follows [33]:

MAvionics(kg) = 10× (MTotal)
0.361 (kg) (37)

Wiring Mass

The MER for this is as follows [33]:

MWiring(kg) = 1.058×
√

MTotal(kg)× (LStage)
0.25(m) (38)
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7.2.1.1 Tool Logic

The Matlab tool was written with an interactive approach, with the ability to take
user input and then generate the mass estimate. In this section, the operational
logic of the tool will be explained.

1. First, the following is asked for user input:

• ∆V

• Thrust

• Combustion Chamber Pressure

• Oxidiser - Fuel Ratio

• Fuel

– If the fuel is not known to the tool, then also Fuel Density

• Inert Mass Fraction Initial Assumption

• Specific Impulse

• Payload Mass

• Engine Mass

• Oxidiser Tank Diameter

• Fuel Tank Diameter

• Interstage Height

The default oxidiser for this tool was set to oxygen.

2. From the Rocket Equation, the mass ratio is obtained first. The initial inert
mass fraction assumption is then used to get the payload fraction, and this
is used for the first iteration. 29

3. Then, the initial total mass estimate is obtained from the payload mass and
the payload fraction. and the inert mass from the inert mass fraction.

4. An error counter is set to an arbitrary number larger than 1 and the condition
is set for the loop to continue as long as the error counter is more than 1.
This error counter is the difference between the total mass in the consecutive
iterations. The main solving loop is then entered.

5. The propellant mass for this iteration is calculated using the mass ratios,
Payload mass and Inert mass.
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6. The separate fuel and oxidiser masses are calculated using the oxidiser to
fuel ratio.

7. The total mass is then calculated by adding the Payload, Inert and Propellant
masses. For the first iteration, this will be the same as the initial total mass
estimate.

8. Next, the tank masses are calculated. Based on the earlier user input, the
appropriate MER is selected to calculate the fuel tank mass. The oxidiser
tank mass is calculated similarly.3031

9. Then, the tank dimensions are computed. With a known density and mass
of fuel, the volume of fuel required is obtained. Assuming 8% ullage volume,
the volume of the tank is attained. From this, the height of the tank is
extrapolated from the given tank diameter. This is also done for the oxidiser
tank.

10. Now, to get the insulation masses, the surface area of the tank is used in
the MER. This is chosen accordingly for Liquid Hydrogen, Methane or Oxy-
gen.3233

11. The Thrust Bearing structure, Gimbal System, Interstage structure, Avionics
and Wiring masses are calculated accordingly using the MERs.3435363738

12. The total mass calculated for the previous iteration is stored in a temporary
variable.

13. A new Total Mass and Inert Mass is obtained by adding the individual
masses.

14. The difference is then stored in this new total mass and the previous iteration
mass using the temporary variable mentioned previously.

15. Now, if the difference between these two iterations is larger than one kilo-
gram, the loop goes back to step 5 and another iteration is solved.

16. Once the loop condition is satisfied, the tool operation breaks out of it, and
the final outputs are displayed.

The following is the schematic of the Matlab tool logic flow and tool inputs and
outputs.
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Figure 18: Matlab System Mass Estimation Tool Logic Flow
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Input Unit

∆V m/s
Thrust N
Combustion Chamber Pressure Pa
Oxidiser to Fuel Ratio -
Fuel -
Initial Mass Fraction Assumption -
Specific Impulse s
Payload Mass kg
Engine Mass kg
Oxidiser Tank Diameter m
Fuel Tank Diameter m
Interstage Height m
Fuel Density kg/m3

Table 4: Required Inputs for the Mass Estimation Tool and their Units

Output Unit

Total Mass kg
Inert Mass kg
Fuel Mass kg
Oxidiser Mass kg
Fuel Tank Height m
Oxidiser Tank Height m

Table 5: Outputs from the Mass Estimation tool and their units
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7.3. Results

7.3.1. For Moon Mission with Hydrolox Osiris Engine

Figure 19: Input for Hydrolox Osiris Engine for Moon Mission

Figure 20: Output of the tool for Hydrolox Osiris Engine for Moon Mission
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7.3.2. For Moon Mission with Methalox Osiris Engine

Figure 21: Input for Methalox Osiris Engine for Moon Mission

Figure 22: Output of the tool for Methalox Osiris Engine for Moon Mission
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7.3.3. For Mars Mission with Hydrolox Osiris Engine

Figure 23: Input for Hydrolox Osiris Engine for Mars Mission

Figure 24: Output of the tool for Hydrolox Osiris Engine for Mars Mission
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7.3.4. For Mars Mission with Methalox Osiris Engine

Figure 25: Input for Methalox Osiris Engine for Mars Mission

Figure 26: Output of the tool for Methalox Osiris Engine for Mars Mission

7.3.5. Trends

In this section, some trends in the Total Mass and Inert Mass of the spacecraft
are examined when only one of the key inputs variables is varied. This gives us an
understanding of the tool’s working and the input sensitivity.
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7.3.5.1 ∆V Trend for Hydrolox Engine

Figure 27: Plot of ∆V Total Mass plot for Hydrolox Engine

Figure 28: Plot of ∆V vs Inert Mass plot for Hydrolox Engine

59



Chapter 7 System Mass and Fuel Budget

7.3.5.2 ∆V Trend for Methalox Engine

Figure 29: Plot of ∆V vs Total Mass plot for Methalox Engine

Figure 30: Plot of ∆V vs Inert Mass plot for Methalox Engine
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7.3.5.3 Oxidiser to Fuel Ratio Trend for Hydrolox Engine for Moon
Mission

Figure 31: Plot of OF Ratio vs Total Mass for Hydrolox Engine for Moon Mission

Figure 32: Plot of OF Ratio vs Total Mass for Hydrolox Engine for Moon Mission
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7.3.5.4 Oxidiser to Fuel Ratio Trend for Methalox Engine for Moon
Mission

Figure 33: Plot of OF Ratio vs Total Mass for Methalox Engine for Moon Mission

Figure 34: Plot of OF Ratio vs Inert Mass for Methalox Engine for Moon Mission
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7.3.5.5 Oxidiser to Fuel Ratio Trend for Hydrolox Engine for Mars
Mission

Figure 35: Plot of OF Ratio vs Total Mass for Hydrolox Engine for Mars Mission

Figure 36: Plot of OF Ratio vs Inert Mass for Hydrolox Engine for Mars Mission

63



Chapter 7 System Mass and Fuel Budget

7.3.5.6 Oxidiser to Fuel Ratio Trend for Methalox Engine for Mars
Mission

Figure 37: Plot of OF Ratio vs Total Mass for Methalox Engine for Mars Mission

Figure 38: Plot of OF Ratio vs Inert Mass for Methalox Engine for Mars Mission
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7.3.5.7 Specific Impulse Trend for Hydrolox Engine for Moon Mission

Figure 39: Plot of Isp vs Total Mass for Hydrolox Engine for Moon Mission

Figure 40: Plot of Isp vs Inert Mass for Hydrolox Engine for Moon Mission
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7.3.5.8 Specific Impulse Trend for Methalox Engine for Moon Mission

Figure 41: Plot of Isp vs Total Mass for Methalox Engine for Moon Mission

Figure 42: Plot of Isp vs Inert Mass for Methalox Engine for Moon Mission
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7.3.5.9 Specific Impulse Trend for Hydrolox Engine for Mars Mission

Figure 43: Plot of Isp vs Total Mass for Hydrolox Engine for Mars Mission

Figure 44: Plot of Isp vs Inert Mass for Hydrolox Engine for Mars Mission
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7.3.5.10 Specific Impulse Trend for Methalox Engine for Mars Mission

Figure 45: Plot of Isp vs Total Mass for Methalox Engine for Mars Mission

Figure 46: Plot of Isp vs Inert Mass for Methalox Engine for Mars Mission
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7.3.6. Summary

Below is the summary of the results of the Matlab Mass Estimation Tool.1

Input Unit Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

∆V m/s 3946.9 3946.9 5646.5 5646.5

Thrust N 50000 50000 50000 50000

Combustion Cham-
ber Pressure

Pa 2000000 2000000 2000000 2000000

Oxidiser to Fuel
Ratio

- 5.0 3.6 5.0 3.6

Fuel - Hydrogen Methane Hydrogen Methane

Initial Mass Frac-
tion Assumption

- 0.08 0.08 0.08 0.08

Specific Impulse s 427.50 346.54 427.50 346.54

Payload Mass kg 3900 3900 3900 3900

Engine Mass kg 546.3 425.1 546.3 425.1

Oxidiser Tank Di-
ameter

m 3.5 3.5 3.5 3.5

Fuel Tank Diame-
ter

m 3.5 3.5 3.5 3.5

Interstage Height m 1.0 1.0 1.0 1.0

Table 6: Inputs for the Mass Estimation tool

1See Appendix A for the Matlab code
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Output Unit Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Total Mass kg 13962.4 16648.7 22752.3 34399.3
Inert Mass kg 1548.3 1260.9 2019.7 1768.8
Fuel Mass kg 1419 2497.4 2805.4 6245.8
Oxidiser Mass kg 7095.1 8990.5 14027.2 22484.8
Fuel Tank Height m 2.2435 0.6627 4.4355 1.6575
Oxidiser Tank
Height

m 0.6986 0.8853 1.3812 2.2140

Table 7: Outputs of the Mass Estimation tool

7.4. Conclusion and Scoring

Some of the main takeaways from this analysis are as follows:

• Irrespective of the mission destination, i.e. regardless of the required ∆V , the
Inert Mass of the spacecraft with the Methalox Engine was always smaller
as compared to the mass of the spacecraft with the Hydrolox Engine.

• But similarly, irrespective of the required DeltaV, the Total Mass of the
spacecraft with the Methalox Engine was always larger as compared to the
mass of the spacecraft with the Hydrolox Engine.

• The fuel tank dimensions for the Hydrolox spacecraft were always greatly
larger than the Methalox spacecraft. This means, the hydrogen tanks will
have a very large surface area, and therefore, face even more significant
thermal management and boil off problems.
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Below is a visual representation of the tank sizes for the two engine types.

Figure 47: Tank sizes for Hydrolox Engine (Left) and Methalox Engine (Right)
for the Moon mission

Figure 48: Tank sizes for Hydrolox Engine (Left) and Methalox Engine (Right)
for the Mars Mission
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Aspects considered when scoring:

• The Methalox version’s inert mass can be even further reduced by improv-
ing the tank architecture using non-conventional methods, such as having a
common bulkhead.

• The propellant mass of the Hydrolox system is significantly lower than the
Methalox system. This is due to the higher efficiency of the Hydrolox Osiris
Engine. Due to this, for the same amount of propellant, the Hydrolox engine
can provide more ∆V compared to the Methalox engine, and therefore, less
propellant is needed in total.

• Due to this advantage because of efficiency being scored in the previous
section, here, that advantage can be ignored.

• One major aspect that is not considered in these total system mass numbers
is the problem of extreme boil off which takes place with liquid hydrogen.
This will be separately addressed in chapter 10.

• This means that, even though in the current analysis the propellant mass of
the Hydrolox system is lower than the Methalox system, in reality, when the
boil off will have to be compensated, the Hydrolox spacecraft might have to
be loaded with additional propellant; and therefore might end up having a
much heavier propellant mass and therefore system mass.

Therefore, for the sake of scoring, only the differences in the inert mass of the
system will be considered.

To really compare the two versions of the engine, the difference in inert mass
for the specific mission needs to be inspected. To do this, the lighter engine will
be given a score of 10 on a scale of 0 to 10, and then scale the score of the other
engine accordingly.

Difference between the inert mass for the Moon mission = 1548.3− 1260.9

= 287.4kg

Difference between the inert mass for the Mars mission = 2019.7− 1768.8

= 250.9kg

Difference percentage for Moon mission = 287.4kg/1548.3× 100

= 18.562 %
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Difference percentage for Mars mission = 250.9/2019.7× 100

= 12.422 %

Therefore, hydrogen can be scored 18.562 % lower score for the Moon mission, and
12.422 % lower score for the Mars mission.

The score for Hydrogen for the Moon mission is 8.14.
The score for Hydrogen for the Mars mission is 8.75.

Part Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Score 8.14 10 8.75 10

Table 8: Scoring for System Mass
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8. Pump Power Requirements

For a pump fed engine, one of the most important elements is the fuel and oxidiser
pumps. As discussed in the overview of the liquid rocket engines 2, the pumps are
driven by a different source according to engine cycle type. For the Gas Generator
cycle and the Staged Combustion cycles, the pre-burner combustion products are
what power the motors, for the Expander cycle it is the heated fuel expanded in
the turbine and for the Electric Pump cycle, it is simply the electric motor that
powers the pump for the entire duration of engine burn. But for the Electrically
Augmented Expander cycle, the motor is responsible for powering the pumps dur-
ing startup and low thrust phases, and the turbine with the expanding fuel for the
rest.
Therefore, it is important to understand how the power requirements for the pumps
are different for the two fuel options, hydrogen and methane. The pump design
and analysis were carried out during the Masters Project work on the Osiris en-
gine, and here, the pump design will be overviewed. After this, the impact of the
different fuels on the power requirement will be discussed [4].

8.1. Osiris Hydrogen and Methane Pump Overview

First, let’s look at the overview of steps that were taken to design the fuel pump
for the Hydrolox version of the Osiris Engine [4].
The mass flow of the fuel for the engine is known to be 1.79 kg/s.
In the beginning, the pressure losses are listed due to the fuel flowing from the
pump through the cooling channels, through the turbine, and then the injector
before reaching the combustion chamber.

δPinjector = 3.5bar

δPline loses = 0.5bar

δPturbine = 24bar

δPcooling channels = 15bar

δPline losses to cooling channels = 7bar

δPtotal = 50bar

Pcc = 20bar

Phypump outlet = 70bar

Phypump intlet = 4bar

Phyhead = 66bar

The RL-10A 3-3 was used as a reference for the losses [40].
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Since the pump head was so large, a two-stage pump design was chosen so as to
not have a very large or very fast pump.

Stage 1: 4 bar - 38 bar
Stage 2: 36 bar - 70 bar

These inputs were then used to generate a pump design by using a modified ver-
sion of a Matlab tool created by Jonas Bishoff for his Masters Thesis [41].
The following were the output parameters for the pump design:

Parameter Value
Pump Flow (Q) 0.02526m3/s
rotational speed 30000rpm

Optimal Pump Power (Pu) 155.5kW
Optimal Head (H) 5597m

Table 9: Hydrogen Pump (Stage 1) Key Parameters [4]

Parameter Value
Pump Flow (Q) 0.02526m3/s
rotational speed 30000rpm

Optimal Pump Power (Pu) 155.5kW
Optimal Head (H) 5597m

Table 10: Hydrogen Pump (Stage 2) Key Parameters [4]
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And the following were the physical output parameters. These parameters are for
one stage of the hydrogen pump, but they are the same vales for both stages.

Parameter Value
Minimum Shaft Diameter 9.5mm
Pump Outer Diameter 196.1mm
Circumferential speed 307.99m/s
Inlet Hub Diameter 23.68mm

Inlet Diameter 54.0mm
Impeller Inlet Angle 26.43◦

Impeller Outlet Angle 23.51◦

Impeller Blade Thickness 1.2mm

Table 11: Hydrogen Pump Design Parameters [4]

Below is the performance of the pump and the streamlines in the impeller.

Figure 49: Performance of the Hydrogen Pump (Stage 1) at 30000 rpm [4]
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Now, for the design of the methane pump, the same procedure was followed.
The mass flow of the methane for the engine is 2.88 kg/s.
Unlike the hydrogen fuel pump, just a single-stage pump can be used for methane
since there is around five times less volume of methane to be pumped due to
methane having a higher density.
The same method was employed to design the methane fuel pump using the Mat-
lab tool, and the following were the output parameters for the pump design:

Parameter Value
Pump Flow (Q) 0.0044m3/s
rotational speed 20000rpm

Optimal Head (H) 1555m
Power (P) 83.000kW
Torque (T) 39.65N ∗m

Table 12: Methane Pump Key Parameters [4]

The following were the physical output parameters:

Parameter Value
Minimum Shaft Diameter 9.5mm
Pump Outer Diameter 153.7mm
Circumferential speed 160.99m/s
Inlet Hub Diameter 23.75mm

Inlet Diameter 40.0mm

Table 13: Methane Pump Design Parameters [4]

Below is the performance of the pump and the streamlines in the impeller.
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Figure 50: Performance of the Methane Pump at 20000 rpm [4]

8.2. Start Up Power

Based on the pump design, it can be seen that the peak power requirement of the
hydrogen fuel pump is 311 kW. For the Hydrolox version of the Osiris Engine, the
power requirement for the oxygen pump is 38.5 kW. Therefore, at peak thrust, the
power required to run both pumps would be 349.5 kW.
Likewise, the peak power requirement of the methane fuel pump is 83 kW. And
for the Methalox version, the power requirement for the oxygen pump is 38.5 kW.
Thus, the combined power requirement at peak thrust is 121.5 kW.

In the Electrically Augmented Expander Cycle engine, the electrical motor is used
to start the engine, therefore, it is important to understand the requirements of
this motor and what will be demanded of it at startup.
Now, the power requirement of the pump is not the same throughout the throttle
range. This is because the change in mass flow of the propellant changes the thrust
of the engine, and this, therefore, changes the power required by the pump.
Additionally, the power that can be extracted from the turbine also decreases with
a decrease in thrust as there is less heat to extract from the cooling channels.
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Therefore the Power vs Thrust curve of the Osiris engine looks as follows:

Figure 51: Thrust vs Power Curve for the Hydrolox Osiris Engine [4]

Figure 52: Thrust vs Power Curve for the Methalox Osiris Engine [4]
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As can be observed, in both cases, the turbine is not able to provide enough power
to the pumps to start the engine. Therefore, the electric motor will be used to
supply this start up power.
The motor would then have to further support powering the pumps at least until
the point when the Power from Turbine curve crosses the Pump Power curve in
figures 51 & 52. Here, the turbine would then be able to supply enough power to
the pumps. Therefore, for the Hydrolox version, the electric motor would have to
supply at least 120 kW, and for the Methalox version, the electric motor would
have to supply at least 41.5 kW.

And herein lies the biggest problem. The power requirements for the Hydrolox
version are extremely high compared to the Methalox version. Therefore, the size
of this motor would be very large.

8.3. Conclusion and Scoring

To satisfy the requirement of the Hydrolox version of the engine, the P400R man-
ufactured by YASA was suggested in the Osiris Project report [4]. It weighs 28.2
kg and has a maximum power output of 160 kW.
For the Methalox version, the REB 50 manufactured by ROTEX Electric was se-
lected. It weighs 12 kg and has a working power output of 50 kW [4].

What can be clearly understood here, is that higher power demand from the motor
for the Hydrolox version is the biggest drawback of using hydrogen as a fuel for
the Osiris engine. The Methalox version only requires 41.5 kW, compared to the
120 kW required by the Hydrolox version, which is almost three times the power
demand. This directly translates to a much heavier electrical motor and higher
cooling demands due to a higher wattage motor. This is, of course, additionally
to the fact that the two-stage pump of the Hydrolox version leads to not just a
heavier design but also a more complicated design. The startup for the Methalox
engine will also be much easier.
Another major factor that is directly affected by the change in motor power usage
is the size of the batteries. The battery plus controller for the Methalox engine
would be around 45 kg. On the other hand, the battery plus the controller for the
Hydrolox engine would be around 143 kg. This alone is responsible for more than
1/4th of the entire engine mass! (From Table 1 & 2)

Therefore, it can unequivocally be said that having a Hydrolox system for the
Osiris Electrically Augmented expander cycle system has tremendous mass and
complexity penalties.
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Hence, if it is broken down to the masses of these two systems, the distrubu-
tion is as follows:

For Hydrolox Osiris Engine:

Mass of the Electric Motor = 28.2 kg

Mass of Battery and Controller = 143 kg

Mass of 2 Stage Fuel Pump and Housing = 50 kg

Total Mass = 221.2 kg

For Methalox Osiris Engine:

Mass of the Electric Motor = 12 kg

Mass of Battery and Controller = 45 kg

Mass of 2 Stage Fuel Pump and Housing = 20 kg

Total Mass = 77 kg

Therefore, the difference in mass is 144.2 kg.

Using a similar philosophy as in the previous section, the lighter power system
can be scored as a 10. Therefore, the Methalox version is scored a 10 on a scale of
0 to 10.

Difference percentage = 144.2/221.2× 100

= 65.19 %

Therefore, hydrogen can be given a 65.19% lower score.
The score for hydrogen is then 3.481.

Part Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Score 3.481 10 3.481 10

Table 14: Scoring for Pump Power Requirements
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9. Storability and Long-Term Use

9.1. Introduction

One of the most important factors for propellant selection is its intended duration
of storage and use. And this is why it is imperative to consider the storability of
the propellants for use in longer duration missions as this becomes a critical factor.
Therefore, this is what will be discussed in this section.

9.2. Factors affecting storability and long-term use

9.2.1. Molecule Size

One of the most infamous drawbacks of hydrogen is its small molecular size. This
is an important consideration when evaluating its use as a fuel for spacecrafts.
While the small size of hydrogen molecules allows for high specific impulse and
clean exhaust, it also presents challenges in terms of containment and leakage.
The small size of hydrogen molecules can make it difficult to contain hydrogen
within fuel tanks, as they can easily escape through tiny gaps and fissures in the
tank walls. This can increase the risk of leaks and safety hazards during fuel stor-
age and transport, which can be particularly problematic for spacecraft due to
the need for high reliability and safety. This is also a big problem for all of the
piping and tubing in the spacecraft. As a result, the design and construction of
hydrogen storage and transport systems for spacecraft must take into account the
small molecular size of hydrogen and the need for effective containment and leak
prevention measures [42].
One approach to addressing the challenges posed by the small molecular size of
hydrogen is the use of advanced materials and designs for fuel storage and trans-
port systems. However, the development and implementation of such systems can
be complex and costly, which can pose challenges to the widespread adoption of
spacecraft systems if the rate of space exploration keeps growing at its current pace.

The molecular size of methane is significantly larger than hydrogen. The diameter
of a hydrogen molecule is about 289 picometers, while the diameter of a methane
molecule is about 380 picometers [43]. This means that methane molecules are
about 1.3 times larger than hydrogen molecules.
The larger molecular size of methane makes it less prone to leakage than hydrogen,
reducing the risk of safety hazards during fuel storage and transport. This can
make methane a more attractive option for long-duration space missions, where
reliable and safe fuel storage is critical.
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9.2.2. Cryogenic Temperature

Liquid hydrogen is a cryogenic fluid that must be stored and transported at ex-
tremely low temperatures, typically below -253◦C. In the context of space missions,
the challenges of storing and handling liquid hydrogen are further compounded.
The harsh conditions of space can cause insulation materials to degrade, leading
to heat transfer and fuel boil off. Additionally, the need for specialised equipment
and insulation materials can add complexity, cost, and mass to the design, making
liquid hydrogen less practical. However, even with these measures, liquid hydrogen
can still boil off and evaporate over time due to its low boiling point. This can lead
to the loss of valuable fuel. In a Hydrolox system, additional measures need to be
taken to insulate the hydrogen tank from the oxygen tank to prevent heat from be-
ing transferred from the oxygen tank, which is usually at a higher temperature [44].

In contrast to liquid hydrogen, liquid methane can be stored and transported at
higher cryogenic temperatures, typically below -162◦C. This is due to the higher
boiling point of methane compared to hydrogen, which means that it requires less
extreme thermal management to remain in a liquid state. The higher temperature
requirements for liquid methane storage and transport can simplify the design and
construction of equipment, as well as reduce material degradation. Additionally,
the higher boiling point of methane means that it is less prone to boil off and
evaporate compared to liquid hydrogen, reducing the risk of fuel loss and safety
hazards [45].
The boiling point of liquid oxygen is around -183◦C, which is much closer to liquid
methane. This provides two main advantages. One is that the thermal manage-
ment between the tanks is much more simplified, and the second is the possibility
of using a common bulkhead. Due to the similar temperatures, it is possible to use
a common structure between the methane and oxygen tanks, and this can prove
to give a significant mass reduction of the overall system. However, like hydrogen,
methane also requires cryogenic storage at extremely low temperatures, which can
pose challenges in terms of insulation and containment to a certain extent.

9.2.3. Interaction with Materials

Hydrogen is known to cause hydrogen embrittlement, a phenomenon in which hy-
drogen atoms can diffuse into a material and weaken its structure, making it brittle
and susceptible to cracking or failure. This is a significant concern in the context of
spacecraft materials, as hydrogen can potentially react with many commonly used
materials, including metals, polymers, and composites, and cause hydrogen em-
brittlement. One example of hydrogen embrittlement in spacecraft with the use of
titanium alloys, which are commonly used in fuel tanks and structural components
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due to their strength and lightweight properties. When exposed to hydrogen, ti-
tanium can become brittle and susceptible to cracking, which can compromise the
structural integrity of the spacecraft. To mitigate the risk of hydrogen embrittle-
ment, special coatings or surface treatments may be applied to prevent hydrogen
diffusion and minimise the risk of failure. In addition to titanium, hydrogen can
also cause embrittlement in other materials commonly used in spacecraft, such
as aluminium alloys and composites. Therefore, it is important to consider this
aspect when comparing fuels [46].

In contrast, methane does not pose as significant a risk of embrittlement as hy-
drogen. While it can potentially react with some materials, such as certain types
of polymers and elastomers, its effects on structural materials, such as metals,
are relatively limited. This makes methane a more attractive option as a fuel in
comparison.

9.2.4. Handling on Earth and other Planetary bodies

Another important aspect to consider is the handling, storage and transportation
of these cryogenic fuels on ground. Because of the factors discussed above, it is
extremely difficult to handle liquid hydrogen. Both, liquid hydrogen and liquid
methane, have boil off on Earth, but the quantity of boil off for hydrogen is sig-
nificantly larger, and this is a loss of valuable resources but also, the evaporated
hydrogen forms an explosive mixture with air. The lower temperatures of liquid
hydrogen also make transportation and storage bulky and cumbersome, and han-
dling challenging. But these difficulties are compounded when it comes to other
planetary bodies. Not only is handling by humans restricted in spacesuits in an
alien environment, but storage and transportation are also hindered due to limited
resources [47].

9.2.5. Toxicity

The toxicity factor for these two fuels has a limited effect on the choice between
them as handling on ground and on the spacecraft is done with a high safety factor
but it is important to have an overview of their possible dangers.

Hydrogen is not considered toxic, as it is not harmful to humans or the environ-
ment in its natural state. However, it can pose certain safety risks if not handled
properly. For example, if released in a confined space, hydrogen gas can displace
oxygen and create an oxygen-deficient atmosphere, leading to asphyxiation [48].
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On the other hand, methane is considered mildly toxic in high concentrations.
Inhalation of methane gas can lead to dizziness, headaches, and nausea. Methane
can also displace oxygen in a confined space, creating an oxygen-deficient atmo-
sphere. Methane is also highly flammable and can ignite if exposed to a spark or
flame. However, it is less reactive than hydrogen and does not pose as much risk
in terms of explosion or combustion [49].

9.2.6. Boil Off

The consequence of boil off on long-term space missions cannot be understated.
For liquid hydrogen and liquid methane, this difference is especially huge. Due to
its significant impact on evaluating the fuels, the next chapter has been dedicated
to analysing this phenomenon 10.

9.3. Conclusion and Scoring

In conclusion, the storability and long-term use of propellants are critical factors to
consider when selecting a fuel for an engine, especially if its intended use is inter-
planetary missions. The small molecular size of hydrogen can present challenges
in terms of containment and leakage, while the need for cryogenic storage and
handling can add complexity and cost to the design. Methane, on the other hand,
has a larger molecular size and can be stored and transported at higher cryogenic
temperatures, making it a more attractive option for long-duration space missions
where reliable and safe fuel storage is critical.

For this, the concept of storability can be approached from a relative point of
view. Some common fuels can be considered that could be used in space travel,
and put it on a scale of 0 to 10 for perspective.
Water would be a 10, as it is very easy to handle and store and requires very little
maintenance.
RP 1 would be an 8, as it is a relatively stable fuel.
Liquid Methane would be a 6, as it is easier to contain and does not react with
storage materials as much, but it is still a cryogenic fluid.
Liquid hydrogen would be a 3 due to containment problems, hydrogen embrittle-
ment, and handling problems.
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Therefore, the score is as follows:

Part Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Score 3 6 3 6

Table 15: Scoring for Storability and Long-Term Use
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10. Boil Off Behaviour

10.1. Introduction

One of the most important differences between liquid hydrogen and liquid methane
are its thermal properties and, more importantly, its liquefaction point. This is
especially important for longer-duration missions, such as interplanetary missions.
The major source of heat in a spacecraft is the solar heat flux. This means that
for missions towards the inner solar system, the boil off problem gets even more
exacerbated [50].
Hydrolox engines have always been one of the most efficient propellant combina-
tions, but there is one main reason why currently it is limited to use in Low Earth
Orbit. It is due to liquid hydrogen boil off. Liquid hydrogen very rapidly boils off
into gaseous hydrogen, and to maintain a certain pressure in the tank, the excess
hydrogen gas has to be thrown out of the spacecraft. For shorter mission dura-
tions, such as low Earth missions, the total amount of time the propellant would
have to be stored, is much less. So, the propellant can be consumed by the engine
before there is enough loss of propellant. But for longer-duration missions, this
becomes much more challenging. This, of course, also occurs with liquid methane,
but at a much lower rate [53].
Therefore, it is important to understand the boil off behaviour of the two fuels
that are being compared. Thus, in this section, that aspect of the two fuels will
be looked at.

10.2. Boil Off Estimate with Heat Flux Input Estimation
Tool

10.2.1. Approach

The goal of this Matlab tool is to provide an estimate of the heat input into the
spacecraft tank, using which boil off can be estimated. Just like the approach of
the previous tool, the aim is to provide a simplified understanding of the main
heat sources and inputs, and therefore, this is a really simple approach to that and
is useful for making a comparison of the fuels.2

The assumptions made are as follows:

• A simplified thermal model is assumed, with the Sun as the primary source
of heat.

2The approach for the entire boil off estimation was verified by Daniel Just from the Thermal
Department at ArianeGroup Bremen.
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• One Astronomical Unit (AU) is 149,597,870,700 m [51].

• Variations due to the Solar cycle are ignored.

• Seasonal variations in solar activity are ignored.

• Distance of Mars from the Sun is 1.52366231 AU [52].

• Distance of the Moon from Earth is 384400 km [54].

• Radius of Earth is 6371 km [54].

• Radius of the Moon is 1737 km [54].

• Radius of Mars is 3389 km [52].

• View factor is always 1.

• Solar zenith angle is always 0.

• Albedo of Earth is 0.31 [55].

• Albedo of the Moon is 0.12 [56].

• Albedo of Mars is 0.25 [52].

• For the journey from Earth to Moon, the spacecraft is assumed to be flying
towards the Sun in the direction of the Moon.

• The boil off calculated will be with the average incoming heat flux and not
as it varies over time.

• The path considered for the journey from Earth to Mars is a two-dimensional
linear journey (not considering transfer between orbits). This is because
a simplified heat flux distribution is the goal, and since only the average
heat flux is being used, the actual distribution of the path travelled by the
spacecraft is not considered.

• Black Body temperature of Earth is 253.72 K [57].

• Black Body temperature of the Moon is 270.4 K [54].

• Black Body temperature of Mars is 209.8 K [52].

• Assume absorptivity as 0.25 due to white colour paint [59].

• Spacecraft is assumed to be inside fairings during launch.
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• Tank architecture plays a major role in the thermodynamics surrounding it.
Since the study is only looking at a simplified thermal model, the effect of
different tank architectures will not be explored, and therefore, different heat
dissipation mechanisms will not be considered. Hence, both fuels would be
compared with the same assumptions.

Any further assumptions will be mentioned where applicable.

Steps followed to get a heat flux input estimate:

1. Calculate the Solar Flux distribution across the Solar System.

2. Display the Solar Flux distribution between Earth and the target body.

3. Calculate the Heat Flux input due to Earth’s Albedo.

4. Calculate the Heat Flux input due to Earth’s IR radiation.

5. Calculate the Heat Flux input due to the target body’s Albedo.

6. Calculate the Heat Flux input due to the target body’s IR radiation.

7. Calculate the Net Heat Flux across the Journey between Earth and the target
body.

8. Find the Average Heat Flux over the entire journey and multiply this by
absorptivity and the tank surface area exposed to the heat flux to get the
power input to the tank.

9. Use this as input for BoilFast Software and get boil off estimate.
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Figure 53: Matlab Heat Flux Estimation Tool Logic Flow
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Input Unit

Altitude of Orbit around Earth km
Altitude of Orbit around Target Body km
Earth’s Black Body Temperature K
Earth’s Albedo -
Target Body’s Black Body Temperature K
Target Body’s Albedo -
Fuel Tank Surface Area m2

Oxidiser Tank Surface Area m2

Table 16: Inputs for the Heat Flux Estimation Tool

Output Unit

Total Power Input into the Fuel Tank W
Total Power Input into the Oxidiser Tank W

Table 17: Outputs of the Heat Flux Estimation Tool

After this, the Tool BoilFAST is used to estimate the boil off. This is a tool de-
veloped at the University of Western Australia by the Fluid Science & Resources
research group [61].

The main inputs for this software are:

• Type of Fluid

• Liquid surface condition

• Vapour temperature

• Tank type

• Tank dimensions

• Vapour relief pressure

• Ambient temperature

• Heat transfer coefficients

• Heat flows
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• Simulation length

• Simulation step interval

The main outputs of this software are the following values within the tank for
liquid and vapour across the simulation time:

• Temperature

• Pressure

• Volume

• Quantity

• Density

• Enthalpy

• Boil off rate

• Relief Rate

• Heat transfer rate
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10.3. Results

10.3.1. Power inputs to the Spacecraft Tanks using Matlab Tool

10.3.1.1 Solar Heat Flux Distribution Graph

Figure 54: Solar Heat Flux Distribution Graph

93



Chapter 10 Boil Off Behaviour

10.3.1.2 For Moon mission

From 170 km Low Earth Orbit to 110 km Lunar Orbit as described in chapter 5.

Solar Heat Flux between Earth and Moon vs Distance from Earth’s Sur-
face

Figure 55: Solar Heat Flux between Earth and Moon vs Distance from Earth’s
Surface
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Incident Heat Flux due to Earth’s Albedo vs Distance from Earth’s Sur-
face

Figure 56: Incident Heat Flux due to Earth’s Albedo vs Distance from Earth’s
Surface

It is interesting to note here that, as the spacecraft moves away from Earth, the
heat flux due to Earth’s Albedo first increases and then decreases. This is because
there are two variable factors that are changing.

Firstly, it is the area of the Earth that is in the view of the spacecraft. In the
simplified illustration of this, shown below in figure 57, it can be seen that com-
pared to an altitude closer to Earth (Red), the area of the Earth visible at a higher
altitude (Blue) is larger. Therefore, there is a larger surface that the reflected light
can reach the spacecraft from, as the spacecraft moves further away from Earth.
Secondly, as the spacecraft moves further away from the Earth, the intensity of
the heat flux reduces by the square of the distance from Earth. As seen in the
graph above, in the beginning, the increase in surface area dominates the direction
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of the heat flux curve, but after a certain point, the effect of reducing heat flux
due to distance takes dominance. This effect also takes place as the spacecraft
approaches the target body.

Figure 57: Change in Incident Heat Flux due to Earth’s Albedo
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Incident Heat Flux due to Earth’s IR Radiation vs Distance from Earth’s
Surface

Figure 58: Incident Heat Flux due to Earth’s IR Radiation vs Distance from
Earth’s Surface
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Incident Heat Flux due to the Moon’s Albedo vs Distance from Earth’s
Surface

Figure 59: Incident Heat Flux due to the Moon’s Albedo vs Distance from Earth’s
Surface
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Incident Heat Flux due to the Moon’s IR Radiation vs Distance from
Earth’s Surface

Figure 60: Incident Heat Flux due to the Moon’s IR Radiation vs Distance from
Earth’s Surface
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Net Heat Flux across the Journey vs Distance from Earth’s Surface

Figure 61: Net Heat Flux across the Journey vs Distance from Earth’s Surface
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Hydrolox Engine

Figure 62: Input of the Tank Size for Hydrolox Engine for Moon Mission

Figure 63: Output of the Heat Flux and Power for Hydrolox Engine for Moon
Mission
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Methalox Engine

Figure 64: Input of the Tank Size for Methalox Engine for Moon Mission

Figure 65: Output of the Heat Flux and Power for Methalox Engine for Moon
Mission
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10.3.1.3 For Mars mission

From 500 km Low Earth Orbit to 250 km Mars Orbit as described in chapter 5.

Solar Heat Flux between Earth and Mars vs Distance from Earth’s Sur-
face

Figure 66: Solar Heat Flux between Earth and Mars vs Distance from Earth’s
Surface
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Incident Heat Flux due to Earth’s Albedo vs Distance from Earth’s Sur-
face

Figure 67: Incident Heat Flux due to Earth’s Albedo vs Distance from Earth’s
Surface
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Incident Heat Flux due to Earth’s IR Radiation vs Distance from Earth’s
Surface

Figure 68: Incident Heat Flux due to Earth’s IR Radiation vs Distance from
Earth’s Surface
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Incident Heat Flux due to Mars’ Albedo vs Distance from Earth’s Sur-
face

Figure 69: Incident Heat Flux due to Mars’ Albedo vs Distance from Earth’s
Surface
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Incident Heat Flux due to Mars’ IR Radiation vs Distance from Earth’s
Surface

Figure 70: Incident Heat Flux due to Mars’ IR Radiation vs Distance from Earth’s
Surface
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Net Heat Flux across the Journey vs Distance from Earth’s Surface

Figure 71: Net Heat Flux across the Journey vs Distance from Earth’s Surface
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Hydrolox Engine

Figure 72: Input of the Tank Size for Hydrolox Engine for Mars Mission

Figure 73: Output of the Heat Flux and Power for Hydrolox Engine for Mars
Mission
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Methalox Engine

Figure 74: Input of the Tank Size for Methalox Engine for Mars Mission

Figure 75: Output of the Heat Flux and Power for Methalox Engine for Mars
Mission
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10.3.2. Boil Off calculation using BoilFAST

Using this tool, the boil off of the cryogenic fuels during their coasting phase
towards the target body can be obtained. To really observe the boil off behaviour
more properly, one assumption has been made for this section. The fuel tank will
be considered as full during the coasting phase. In reality, during this segment of
the mission, there would be much less propellant due to it being consumed during
the transfer burn. However, having a full tank gives us more room to observe and
understand the boil off behaviour, and therefore, a good indicator of reality.

10.3.2.1 For Liquid Hydrogen Tank for Moon Mission

Figure 76: First Input page for BoilFAST for LH2 Tank for Moon Mission
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Figure 77: Second Input page for BoilFAST for LH2 Tank for Moon Mission

Figure 78: Third Input page for BoilFAST for LH2 Tank for Moon Mission
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Figure 79: Volume of Fuel vs Time for LH2 Tank for Moon Mission

Figure 80: Quantity of Fuel vs Time for LH2 Tank for Moon Mission
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Figure 81: Boil Off Rates of Fuel vs Time for LH2 Tank for Moon Mission

Figure 82: Heat Transfer Rates of Fuel vs Time for LH2 Tank for Moon Mission
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10.3.2.2 For Liquid Methane Tank for Moon Mission

Figure 83: First Input page for BoilFAST for LCH4 Tank for Moon Mission

Figure 84: Second Input page for BoilFAST for LCH4 Tank for Moon Mission
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Figure 85: Third Input page for BoilFAST for LCH4 Tank for Moon Mission

Figure 86: Volume of Fuel vs Time for LCH4 Tank for Moon Mission
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Figure 87: Quantity of Fuel vs Time for LCH4 Tank for Moon Mission

Figure 88: Boil Off Rates of Fuel vs Time for LCH4 Tank for Moon Mission
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Figure 89: Heat Transfer Rates of Fuel vs Time for LCH4 Tank for Moon Mission

10.3.2.3 For Liquid Hydrogen Tank for Mars Mission

Figure 90: First Input page for BoilFAST for LH2 Tank for Mars Mission
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Figure 91: Second Input page for BoilFAST for LH2 Tank for Mars Mission

Figure 92: Third Input page for BoilFAST for LH2 Tank for Mars Mission
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Figure 93: Volume of Fuel vs Time for LH2 Tank for Mars Mission

Figure 94: Quantity of Fuel vs Time for LH2 Tank for Mars Mission
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Figure 95: Boil Off Rates of Fuel vs Time for LH2 Tank for Mars Mission

Figure 96: Heat Transfer Rates of Fuel vs Time for LH2 Tank for Mars Mission

121



Chapter 10 Boil Off Behaviour

10.3.2.4 For Liquid Methane Tank for Mars Mission

Figure 97: First Input page for BoilFAST for LCH4 Tank for Mars Mission

Figure 98: Second Input page for BoilFAST for LCH4 Tank for Mars Mission
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Figure 99: Third Input page for BoilFAST for LCH4 Tank for Mars Mission

Figure 100: Volume of Fuel vs for LCH4 Tank for Mars Mission
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Figure 101: Quantity of Fuel vs Time for LCH4 Tank for Mars Mission

Figure 102: Boil Off Rates of Fuel vs Time for LCH4 Tank for Mars Mission
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Figure 103: Heat Transfer Rates of Fuel vs Time for LCH4 Tank for Mars Mission

10.4. Summary

Below is the summary of the results of the Matlab Heat Flux Estimation Tool and
BoilFAST Tool.3

10.4.1. Heat Flux Estimation using Matlab Tool

Input Unit Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Fuel Tank Diameter m 3.5 3.5 3.5 3.5
Fuel Tank Height m 2.2435 0.6627 4.4355 1.6575

Table 18: Inputs to the Heat Flux Estimation tool

3See Appendix B and C for the Matlab code
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Output Unit Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Average Heat Flux In-
cident

W/m2 1374.8 1374.8 898.7 898.7

Average Heat Flux Ab-
sorbed

W/m2 343.71 343.71 224.67 224.67

Power Input to Fuel
Tank

W 4239.4 1252.3 5478.8 2047.4

Table 19: Outputs of the Heat Flux Estimation tool

10.4.2. Boil Off Estimation using BoilFAST

Output Unit Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Average Boil Off Rate kg/s 0.00523 0.00227 0.00616 0.00367
Approximate..time
till fuel is completely
boiled off

hours 71 - 116 452

Table 20: Outputs of the BoilFAST tool

10.5. Conclusion and Scoring

Boil off of cryogenic fuels is one of the main reasons why they are not currently
being used for longer-term missions. But with upcoming momentum towards ex-
ploration missions and sustained human presence on the Moon and Mars, it will
be important to use fuels that could be produced in situ, for which hydrogen and
methane are currently the best options. This is why it is important to understand
their behaviour and select the fuel that best withstands the effect of boil off.

It is important to note that the thermal condition in an actual spacecraft will
be much better managed. There is a scope for better thermal management by
having a better tank architecture, using better insulation material and so on. But
the goal of this study was to demonstrate the boil off behaviour of both these fuels
on an equivalent platform and then understand how they behave, and that was
achieved.
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It is very clear that the boil off behaviour of liquid methane is far superior to that of
liquid hydrogen. Apart from this, the cryogenic temperature of liquid methane be-
ing higher at -162°C, makes it easier to thermally manage. For long-term missions,
hydrogen becomes a near-impossible option due to the fuel completely disappear-
ing. Unless more advanced thermal management capabilities and architecture are
used.

For scoring, the difference in their boil off rates will now be looked at.

Difference between boil off rates for the Moon mission = 0.00523− 0.00227

= 0.00296 kg/s

Difference between boil off rates for the Mars mission = 0.00616− 0.00367

= 0.00249 kg/s

Since methane has a lower boil off rate, it can be given a score of 10 on a scale of
0 to 10. This will help understand how significantly more the boil off of hydrogen
is and then score it in relation.

Difference percentage for Moon mission = 0.00296/0.00523× 100

= 56.59%

Difference percentage for Mars mission = 0.00249/0.00616× 100

= 40.422%

Therefore, hydrogen can be scored a 56.59% lower score for the Moon mission and
a 40.422% lower score for the Mars mission.

The score for Hydrogen for the Moon mission is then 4.341.
The score for Hydrogen for the Mars mission is then 5.957.

Part Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Score 4.341 10 5.957 10

Table 21: Scoring for Boil Off Behaviour
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11. In Situ Production

11.1. Introduction

“In situ resource utilisation (ISRU) is a concept for increasing the efficiency of
space missions by utilising indigenous resources on a planet or moon in order to
reduce the amount of material that must be brought from Earth” [62].

But before discussing ISRU and its importance, it is essential to weigh the cost
of ISRU and understand if it is significantly beneficial for the given goals. For
plans and missions to the Moon and Mars, ISRU is definitely a worthy endeavour.
This is because of plausible ways to extract hydrogen and methane, and therefore,
use them as fuel as well as the goal of long-term human presence on these bodies.
For this comparison, ISRU on the destination bodies is an especially important
factor, as the feasibility of ISRU of propellants could mean the difference between
an occasional exploration mission and a fully sustainable colony and research base.
ISRU will be the foundation for continuous space exploration. Research around
the world is being carried out to figure out the most effective way to utilise these
planetary bodies and their resources to build sustained human presence by being
less reliant on Earth.

Figure 104: Example of an ecosystem with In Situ Resource Utilization [63]
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It is important to discuss ISRU from the earliest phase, which here would be en-
gine development. This is because ISRU requires an approach that is integrated
on a system level and ingrained in the mission architecture, which also includes
spacecraft design. This makes the goal of ISRU streamlined.
This is especially important for the Osiris engine as the domain in which it truly
shines with its capabilities is at interplanetary and medium-to-long-term missions.
The goal of the Osiris Engine is to be the workhorse of exploration missions in the
near future, and ISRU will play an important choice in propellant selection and,
therefore, the engine.
For this comparison, only the propellant production using In Situ Resource Utili-
sation will be looked at and specifically the fuels hydrogen and methane.

11.2. Mars

11.2.1. Resources

On Mars, one of the most abundant resource available is its atmosphere. It is
composed of (by volume) 96% CO2, 1.9% N2, and 1.9% Ar, along with gases such
as O2, CO, H2O, NO and CH4 in minor amounts [64].
Recently, the Mars Rover Curiosity detected an increase in atmospheric methane
of more than 30 times the previously known background peak. While the source
of this methane is not known, it can potentially be from a subsurface methane
accumulation [65]. Therefore, it may be possible to benefit from this and extract
methane directly as well.

Figure 105: Mars’ Atmosphere as compared to Earth [64]
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The notion of water on Mars had existed since the time of Cassini in the 1600s
when the observable polar ice was believed to be water ice. Over the last century,
mankind has gained a tremendous wealth of information about the environment
on Mars and now has a better understanding of water on Mars. Water on Mars
is mostly found underground and in the form of ice. Therefore, it is difficult to
simply use water on Mars, and instead, it needs to be mined and extracted first.
There is estimated to be around 5x106 km3 of water ice available on Mars [66].
There is a water content of around 1 to 10 % by weight around the middle latitude
region of Mars, i.e. between the 30 degrees North and South latitudes in the upper
1 metre of Mars regolith. This is distributed within mineral deposits of phyllosil-
icates, carbonates, sulphates, and silica, and usually, the water content around
these deposits goes slightly up, on average around 8% by weight. Additionally,
around 1 to 3 % by weight of water is expected in the loose surface regolith based
on data from Viking I, Viking II and Curiosity rover’s Sample Analysis onboard
instrument. Several Mars orbiters carry radar and imaging instruments, and with
that, evidence of large subsurface ice sheets was found using a very interesting
approach. Very young craters on Mars were observed, and it was found that the
recently exposed subsurface, due to the impact, had ice formation in approximately
the 10-metre range of subsurface depth in the latitude ranging from 35 to 60 de-
grees North and South [63].

Therefore, summarising the types of ice resources on Mars:

1. Loose surface regolith with a water content of around 1 to 3 % by weight,
found in most regions of Mars

2. Dense hydrated minerals with a water content of around 6 to 10 % by weight,
found in the top 1 metre of the Martian surface in the mid-latitudes between
30 degrees North and South.

3. And subterranean ice sheets with large ice accumulation, found in the 10-
metre range of subsurface depth around 35 to 60 degrees North and South
latitudes and many craters.
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Figure 106: Subsurface ice detected by NASA’s Phoenix Mars Lander’s Surface
Stereo Imager. Here the ice is shown sublimating between the interval of 4 Martian
Days [68]

In terms of resource extraction and planning, for earlier missions with small crews
and simpler goals such as scientific research, smaller glacial deposits covered with
regolith scattered around the planet should be adequate. The water ice should be
enough for the purpose of life support and a small production plant.
But for more permanent settlements and Mars colonies, a central mining location
should be established with transportation logistics to the habitats. There are cur-
rently 18 identified craters in the northern polar region with large quantities of
water ice accumulation. The Korolev and Dokka craters are the largest among
these, with the Korolev Crater alone boasting a build-up of around 3000 km3 of
ice [67].
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Figure 107: The Korolov Crater captured by ESA’s Mars Express [69]

11.2.2. ISRU for Hydrogen on Mars

To consider the production of hydrogen as a fuel, the main source on Mars is most
definitely water. There is essentially no molecular hydrogen in the Martian atmo-
sphere due to its low density and Mars’ lower gravity. So practically, the only way
to extract hydrogen from in situ supplies would be from Mars’ water ice [70].

There are currently three methods of extracting hydrogen from water:

1. Electrolysis

2. Magnetite / Wustite Redox Cycle Method

3. Water Gas Shift Reaction

11.2.2.1 Electrolysis

Water Electrolysis was discovered by Jan Rudolph Deiman and Adriaan Paets van
Troostwijk in the Netherlands in 1789. This was done by observing the electrostatic
discharge between two gold electrodes dipped in water [71].
Water Electrolysis is essentially the process of passing electricity through water,
and the water then, using this energy, dissociates into its constituents, hydrogen
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and oxygen. At standard temperature and pressure (1 bar and 298 K), the reaction
is as follows [72]:

H2O
(l) → H

(g)
2 +

1

2
O

(g)
2 (39)

The electrochemistry of this reaction is as follows [71]:

At 298 K, the standard enthalpy of formation is 286.03 /kJmol, and the ideal
gas entropy is 0.163 /kJmol/K of gaseous water.
According to Gibbs Free Energy Equation:

∆G◦ = ∆H◦ − T∆S◦ (40)

∆G◦ = 286.03− (298× 0.163)

∆G◦ = 237.46 /kJmol

Therefore, to make a single molecule of hydrogen (n = 2),

Vrev = −∆G◦

nF
(41)

Where F is Faradays Constant,

Vrev = − 237, 460

2× 96, 485

Vrev = −1.23 V

But to first change the liquid water to gas, now more energy is needed.

∆H◦ + Energy Required to V aporise Liquid Water = 286.030 /kJmol

Vrev = − 286, 030

2× 96, 485

Vrev = −1.48 V

This is the minimum required voltage to dissociate water into hydrogen and oxy-
gen. If the voltage is further increased, the rate of reaction increases and this is
known as overpotential.
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Effect of Impurities in Martian Water and Subzero Temperatures

The process of electrolysis requires a certain level of electrical conductivity within
the water and a certain temperature to maintain the kinetics of the electrodes. On
Mars, these conditions don’t exist. Electrolysis doesn’t work on the brackish water
that is available on Mars, which contains elevated perchlorate content. Normally
for electrolysis, an electrolyte is needed in the water to conduct the discharge from
the electrodes further than just the local area, and for this, a small concentration
of non-interfering salts does the trick. But unlike this, the brine water on Mars
has a high concentration of perchlorate salts. This salt needs to be removed first
if the standard electrolysis process is to be performed, as is done on Earth [73].
Additionally, the temperature of the water on Mars can be below -36 ◦C. This cuts
down the molecular activity of the water, and therefore, reduces the effectivity of
the electrolysis process.

But these hostile conditions of Martian water are not completely hostile to cer-
tain specialised methods to perform electrolysis. Pralay Gayen and a group of
researchers from the Department of Environmental & Chemical Engineering at
Washington State University in St. Louis, USA, have come up with an innovative
method to perform electrolysis on Martian Brine [73].
The researchers attempted to counteract the drawbacks of the salts in the water
by changing the material of the electrodes and therefore targeting the solution at
the location of the biggest challenge, i.e. the electrodes.
The setup attempted to imitate the Martian conditions. The simulated Martian
brine was composed of water with 2.8 molar Magnesium Perchlorate (Mg(ClO4)2)
purged with CO2 so as to saturate it. This was kept at -36 ◦C to simulate Mar-
tian conditions by surrounding the setup with a solution of ethylene glycol and
ethanol with dry ice in it. The electrolysis setup consisted of an anode made of
Pb2 Ru2 O7−δ and supported by glassy carbon (GC), and a platinum cathode also
supported by glassy carbon. These electrodes are separated by a generic anion-
exchange membrane (AEM) [73].
The results of this experiment were very promising. The energy efficiency of the
setup was estimated to be around 60% compared to around 60-80% efficiency
for water electrolysers in Earth Conditions. The output of this system is also
very good. Compared to Mars Oxygen In-Situ Resource Utilization Experiment
(MOXIE) aboard NASA’s Perseverence Mars Rovers, the oxygen production from
this water electrolysis method is 25 times for the same amount of power input [73].

Therefore even with these hostile conditions of Martian water and environment,
water electrolysis is possible.
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Effect of Martian Gravity on Electrolysis

The effect of gravity on water electrolysis is unknown, and more specifically, the
effect of lower gravity. What is known, is that the formation of bubbles at the
electrodes during electrolysis is governed by the 3 phases interfacial phenomena,
and this is definitely greatly reliant on gravity. The nature of the bubble evolu-
tion directly impacts the electrochemical efficiency of the dissociation of the water
molecules. Therefore, it is extremely important to understand and overcome this
gap in knowledge, as this will lead to a more informed stance in designing systems
for the electrolysis of water specifically for interplanetary use [74].

Figure 108: Comparison between the formation of gas bubbles in a lower and
higher gravity environment [74]

Very recently, a research team from the University of Glasgow and the University
of Manchester set out to answer this question. The team performed the electrolysis
experiment at different gravity levels, all the way from 0.01 g (microgravity) to 8
g [74].
The experiment for the reduced gravity electrolysis was conducted by putting
electrolysis cells on a centrifuge, and these were then operated on microgravity-
inducing parabolic flights. During the microgravity periods, the centrifuge was
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spun at different speeds to simulate different levels of reduced gravity.
What was found, was that a layer of froth of small bubbles at the electrode surface
was more prevalent as the gravity levels went down. The size of the bubbles were
identified into three groups; large, medium and small. On average, the size of
the large bubbles remained the same. On the other hand, at reduced gravity, the
number of small-sized fizz increased with a decrease in gravity. The number of
medium-sized bubbles also increased. For Mars, where the gravity is 1/3rd that
of Earth, it was found that for the same amount of power supplied, there is a 6%
decrease in the products obtained as compared to on Earth [74].
Hence, it can be concluded that the effect of the lower gravity on Mars does not
have a constraining effect on the use of electrolysis of water on Mars.

11.2.2.2 Magnetite / Wustite Redox Cycle Method to Produce Hy-
drogen

Another method that can be used to produce hydrogen on Mars is the Magnetite
/ Wustite Redox Cycle. This process is the two-step reaction of a metal oxide
at a high temperature with steam, and results in an endothermic reaction. The
reaction is as follows [76]:

MOox → MOred +
1

2
O2 (T > 1300◦C) (42)

MOred +H2O → MOox +H2 (T < 1000◦C) (43)

It is known that oxides of Iron, including Magnetite and Wustite, can be found on
Mars [75]. Therefore, potentially this metal oxide redox reaction can be performed
with Magnetite to get Wustite, and then react it with steam to get hydrogen or
directly react with Wustite to get hydrogen. The reaction would look as follows
[76]:

Fe3O4 → 3FeO +
1

2
O2 (44)

3FeO +H2O → Fe3O4 +H2 (45)

This can be an additional source of hydrogen but definitely would not be able to
sustain the high demands of hydrogen as a fuel.

11.2.2.3 Water Gas Shift Reaction

In this method of hydrogen production, carbon monoxide is reacted with steam.
This can prove to be an excellent alternative to hydrogen production as compared
to water electrolysis, since carbon monoxide is present in Mars’ atmosphere. The
reaction for Water Gas Shift is as follows [77]:

CO +H2O → CO2O4 +H2 (46)
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11.2.2.4 Liquid Hydrogen Storage

If the hydrogen generated is to be used as a fuel, it needs to be stored. The most
efficient way of storing hydrogen is in its liquid form at high pressures. For this,
large tanks are needed that hold between 350 to 700 bars of pressure and can
maintain cryogenic temperatures.
Therefore, energy would be required for liquefaction, pressurisation, as well as
maintaining the storing conditions. This is one major disadvantage of hydrogen as
a fuel compared to methane. Even though water would have to be used to supply
the hydrogen required for the Sabatier process to obtain methane, the hydrogen
doesn’t need to be liquified, pressurised, and stored.

11.2.3. ISRU for Methane on Mars

To obtain methane from in situ resources on Mars, the two components of the
methane molecule are required, carbon and hydrogen. To obtain hydrogen, the
same resource strategy is followed as used to obtain hydrogen as the main rocket
fuel, i.e. obtain it from water. To obtain carbon, the most abundant resource
available on Mars is used, the carbon dioxide in its atmosphere. This is, of course,
apart from the other obvious source, which could be the molecular methane di-
rectly available on Mars’.

Therefore, the two ways of obtaining methane in situ on Mars are:

1. From molecular methane

2. From carbon dioxide through the Sabatier Reaction

11.2.3.1 Natural Methane

Atmospheric methane is very rare on Mars and is available in very trace quantities
ranging between 0 to 30 parts per billion volume with seasonal peaks of up to 60
ppbv [78]. Molecular methane is extremely unstable in the atmosphere of Mars
due to its oxidising nature and due to its breakdown by the Sun’s UV radiation.
At 1 bar, the boiling point of methane is -161.5◦C; therefore, if this atmospheric
methane can be pressurised and then cooled, it can be condensed and stored as
liquid methane. Nonetheless, molecular methane remains an unviable source for
large requirements for methane as a fuel.
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11.2.3.2 Sabatier Process

The Sabatier process is essential to a settlement on Mars if methane is to be
used as fuel. The Sabatier process was discovered by Paul Sabatier and Jean-
Baptiste Senderens in France in 1897. It is the process by which carbon dioxide
and hydrogen, under high temperatures and in the presence of a catalyst, form
methane and water.
The reaction for this is as follows [79]:

CO2 + 4H2

400°C
GGGGGGGGGGGGGGGGGGA

pressure+catalyst
CH4 + 2H2O (47)

This is usually performed with a metal catalyst like Nickel, Rubidium, Rhodium,
and Zinc and is performed at temperatures between 250-400°C.

Figure 109: The Sabatier Process Setup [80]

On Mars, the dust from the atmosphere needs to be first filtered out. Then, the
carbon dioxide is separated from the rest of the components of the atmosphere,
and this is done by condensing and storing the carbon dioxide in a liquid form.
Parallelly, water is electrolysed as described in section 11.2.2.1. From the products,
the oxygen is liquified and then stored for use as propellant and for other purposes.
The carbon dioxide and the hydrogen are then reacted in the Sabatier reactor. The
main products of this reaction are methane and water vapour, but along with the
main reaction products, are also unreacted carbon dioxide and hydrogen. First,
this mixture is passed through a condenser which collects the water, and it is
used again for electrolysis. The remaining components are then passed through
a chamber where Pressure Swing Adsorption takes place, and the carbon dioxide
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and hydrogen gases are channelled back to the Sabatier reactor. The remaining
methane then passes on to be liquified and stored as propellant [81].

Figure 110: Flowchart representing the flow of resources for an ecosystem on Mars
where methane is the fuel [82]

11.2.3.3 Liquid Methane Storage

Liquid methane can be stored with relative ease as compared to hydrogen due to
it having a much higher boiling point. Additionally, the hydrogen produced by
the electrolysis does not need to be stored and is directly used in the Sabatier
process. Therefore, the energy required for liquefaction and storage is also saved
as compared to storing it as liquid hydrogen as fuel.

11.3. The Moon

11.3.1. Resources

The resources on the Moon are much more limited as compared to Mars due to
its smaller size.

They can be categorised into two main categories:

1. Lunar Regolith based

2. Polar Water / Volatile based

The Lunar Regolith can be an important resource for long-term settlement and
exploration for civil engineering applications. Within the scope of propellant re-
source utilisation, it is worth noting that Lunar regolith is composed of 40% oxygen
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by mass, mostly as oxides. This can be extracted as oxygen for the oxidiser for
the engines. But in terms of fuel, there is not as much of worth to extract from
the Lunar regolith.

Figure 111: Lunar Regolith [86]

Water can be the most game-changing resource on the Moon. One of the first sam-
ples of Lunar regolith came with the Apollo program in the 1970s, but no evidence
of water was found in those samples. In 1978, hope in Lunar water was rekindled
when the Soviet Luna 24 probe returned with Lunar samples, and it was found that
these samples contained 0.01% water by mass [83]. In 2009, India’s Chandrayaan 1
orbiter identified absorption features resembling water or water-bearing minerals
with its Moon Mineralogy Mapper. The Chandrayaan then released the Moon
Impact Probe into a crater in the Lunar south pole and further displayed evidence
of water ice. Later missions on the Lunar Crater Observation and Sensing Satellite
(LCROSS) and the Lunar Reconnaissance Orbiter (LRO) have further discovered
evidence of water ice. One of the more interesting observations was when a used
Centaur upper stage crashed in the crater Cabeus at the Lunar south pole and
ejected a plume. This plume was then measured by the LCROSS satellite and
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found to be 5.5% water by weight [84]. The Research team led by Shuai Li from
the University of Hawaii analysed the data from the Moon Mineralogy Mapper
and found that in some regions of the Lunar craters, there could be water ice up
to 30% by weight [85].

Figure 112: (A) Lunar North Pole and (B) Lunar South Pole. Green and Blue
dots indicate detected surface water ice. [85]

But in terms of the exact form in which the water is stored, the concentration of
ice reserves, and its distribution, especially in the shadowed craters, not much is
known yet. Therefore, it will be imperative that more is found out about water
reserves on the Moon with expedition missions.
What is known, is that most of the water ice that can be observed, is located
on the poles and, more specifically, in the craters, where the temperatures are
colder. In the short term, landing sites would have to be chosen near the poles,
such as the Artemis mission, which will land near the south pole, so that more
exploration can be done to learn more about Lunar water ice. This will also make
it logistically easier to utilise this ice for ISRU. Later, mining areas would probably
have to be set up near the poles and habitation in another area of the Moon with
transportation lines in between.
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11.3.2. ISRU for Hydrogen on the Moon

For the Moon as well, water will be the de facto source of hydrogen. The Moon
does receive some Solar Wind Volatiles, and it includes some hydrogen. But there
is no chance of this staying anywhere on the Moon due to low gravity. Electrolysis
with water still remains the best option for large-scale hydrogen production.There
is no known source of iron oxides that are in reasonable quantities, and carbon
monoxide is not found in ambient conditions and would require mining to utilise
small deposits. Therefore, the Magnetite / Wustite Redox Cycle method and the
Water Gas Shift Reaction method can’t really be used in a practical way.

Electrolysis and the effect of Lunar gravity on Electrolysis

Similar to the discussion about the process of electrolysis on Mars and the ef-
fect of gravity on bubble formation, due to the Moon having a lower gravity, the
rate of electrolysis here is also hindered. But according to Lomax et al’s experi-
ments, it was proved that even in the Moon’s gravity, which is 1/6th of the Earth,
the reduction in the electrolysis product is just 11% as compared to the Earth
with the same power input [29].

The hydrogen harnessed on the Moon would also have to be stored in liquid form.
This entails all the same energy requirements as on Mars.

11.3.3. ISRU for Methane on the Moon

In situ production of methane has always been an elusive ordeal since there was
never a source of carbon that was known of on the Moon. But this view has been
changing recently.
When data from the LCROSS satellite was received about the plume created
when the spent Centaur stage impacted the Moon, some interesting observations
were made. According to the study published in the Science Journal by Anthony
Colaprete and his team, the plume created by the impact contained considerable
quantities of carbon monoxide and water along with small quantities of C2H4,
carbon dioxide, methane and CH3OH [84].
This could mean that the electrolysis of water could be performed, and oxygen
and hydrogen could be obtained as products. From these products, the carbon
monoxide can be reacted on the Moon with some of the oxygen, and the rest can
be used as propellant. The product of this reaction would be carbon dioxide which
can then be reacted with the hydrogen produced from the electrolysis, which can
then be used in the Sabatier process to get methane as a propellant.
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Figure 113: Manufacturing of methane as a Fuel from carbon monoxide and water

That being said, the source of carbon on the Moon will always be limited as
compared to the demand for making methane to be used as a propellant. In the
long term, this might be a problem if a large settlement of humans is envisioned.
In that case, there will be a large amount that will be readily available as human
waste in the form of carbon dioxide as respiration waste and bio waste.

11.4. Conclusion and Scoring

In conclusion, it is important to look at the in situ propellant development aspects
in the early development phase as it can help make essential decisions, such as fuel
selection for engine development. ISRU is an especially important factor to look
at because of two reasons. One is that the development and momentum from the
public and private sectors have grown exponentially in the space sector, and more
specifically, Lunar and Martian exploration. This makes it especially important
to consider the resources already available at the destinations for the development
of the vehicles that will be used to get there and back. The second reason why
this aspect is important for this discussion is that the Osiris engine is exactly de-
signed to fill a role in that interplanetary exploration ecosystem. Therefore, ISRU
consideration during its development seems imperative.

For Mars, its most important resource for propellant production is the water ice
and its atmosphere. To obtain both, methane and hydrogen, on Mars, water ice
will have to be utilised. Therefore, comparing it just on the basis of water extrac-
tion would not make sense. But what can be considered, is the difference between
liquefying and storing the hydrogen produced when it is supposed to be used as a
fuel, as compared to it directly being utilised in the Sabatier process. The impor-
tant difference would be the cost, difficulty, and energy that would be required as
compared to storing methane as fuel. On top of that, with the abundance of CO2

on Mars that is freely available in the atmosphere, as well as a neatly connecting
ecosystem of all the resources used in the process, as shown in figure 110 , methane
seems the most compelling choice.
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For the Moon, its most important resource for propellant production is the water
ice and its regolith. Similar to Mars, on the Moon as well, water would have to be
electrolysed regardless of which fuel is chosen. But one aspect that is different on
the Moon is that carbon is not as abundant. The same disadvantages of liquifying
and storing hydrogen apply on the Moon as well, but there is a difference in one
aspect here. It is cooler in the shaded regions on the Moon, and therefore, it can
be used to our advantage. Carbon monoxide in the regolith was detected by the
analysis of the LCROSS plume, but its actual quantities and allocations around
the Moon are not as clear. Additionally, there would be a significant disadvantage
in the fact that, to get the carbon on the Moon, there would be the need to have
a mining operation to extract it from the regolith, as it is not as straightforward
as using the atmosphere on Mars. This, of course, gets a little simpler once there
is a human settlement and enough human waste, but this would still take some
time.

For Mars, there is no better fuel choice based on the factors discussed than methane
in terms of ISRU. For that reason, it can be assigned a score of 10 on a scale of
0 to 10. For hydrogen, the only challenge is its storage cost, but apart from that,
all the necessary resources are present. Therefore, it can be given a score of 8.

For the Moon, both fuels have some pros and some cons. Hydrogen still has a
slight disadvantage in terms of storage but an advantage due to the fact that all
the resources required are available and cooler temperatures on the Moon. For
methane, it is much more challenging. The source of carbon is limited and not
very well known and is harder. Therefore hydrogen can be given a score of 9 and
methane a score of 7.

Part Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Score 9 7 8 10

Table 22: Scoring for In Situ Production
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12. Evaluation of Results

Looking at all of these aspects gives a good understanding of hydrogen and methane
as fuels and an insight into their effect on the spacecraft. The analysis was broken
down into six main topics that are important to consider while deciding the pro-
pellant for an engine, and the focus here was specifically on the Osiris Electrically
Augmented Expander Cycle Engine and its intended use for exploration missions.

Below is the summary of the individual scores for these categories.

Part Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Efficiency 10 8.105 10 8.105

System Mass 8.14 10 8.75 10

Pump Power
Requirements

3.481 10 3.481 10

Storability
and Long
Term use

3 6 3 6

Boil Off 4.341 10 5.957 10

In Situ
Production

9 7 8 10

Table 23: Summary of Scores

As mentioned in the approach in chapter 4, the score will then be multiplied into
a weight that will factor in the significance of each category to the overall deciding
factor. The weight will be in the range of 0 to 1.0, 0 being insignificant and 1.0
being the most significant. Below, these weights will be discussed and their reasons.

Understanding the efficiencies of these two fuels gives one of the most impor-
tant factors of propellant choice for a spacecraft engine, the performance. The
efficiency of a propellant combination can play an important role in many other
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spacecraft design decisions too, and its influence can be a deciding factor in some
cases. This would make one of the key factors in deciding the fuel, and thus, it
will have a weight of 1.0.

The mass of the spacecraft is what decides if a certain spacecraft design is feasible
or not in the first place. The mass of the spacecraft would also determine how much
payload it can carry. A lighter inert mass means more mass available for payload,
and on an exploration mission this is one of the most desirable factors. This will
also affect the cost of the spacecraft directly. Therefore, it will have a weight of 1.0.

The limitation on the electrical motor and powertrain system for an electrically
augmented expander engine can be huge, and it would be important to consider
its impact on mass due to the importance of the electrical motor and battery dur-
ing startup as well the difference in fuel pump size. But this mass penalty gets
a little subdued when looking at the overall system. Additionally, better battery
and motor technology and improved pump design can further narrow down the
gap, and thus, make it less significant. Hence, it will have a weight of 0.5.

Storability and long-term behaviour of a fuel might not be as significant of a factor
for an Earth Orbit mission, but for missions to the Moon and especially Mars, it
is a significant factor to be considered for propellant management aspects; there-
fore, it cannot be as easily dismissed. That being said, this is one of the areas
where there is significant technology and infrastructure development. And, with
time, the issues related to this will start to become more and more insignificant.
Accordingly, it will have a weight of 0.4.

One of the main reasons cryogenic propellants are not used, is due to their boil
off. Therefore, it is important to understand the boil off behaviour so as to select
a propellant that requires less thermal management and has a lesser tendency to
completely be depleted during the course of the mission. Longer duration missions
exacerbate this problem associated with boil off, as it gets harder to hold on to
the fuel. The difference in the boil off will still be representative of the difference
in behaviour shown in this study; nonetheless, it is still possible to have some ad-
vancements in thermal management approaches to narrow the differences. With
this in mind, it will have a weight of 0.8 for the Moon mission and a weight of 0.9
for the Mars mission.

And lastly, it is important to understand what opportunities for In Situ Fuel
production are available on the destination planetary bodies so as to develop an
engine that can be part of the ecosystem of the intended settlement and is as
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self-sufficient as possible. This might not be as significant at first, since currently
there is no infrastructure at present for ISRU, but later, to keep up the pace of
exploration, ISRU would be essential. Thus, there would have to be design de-
cisions made for this engine with the future prospects in mind. Once set up, a
self-sufficient propellant ecosystem can be the difference between long-term ex-
ploration being feasible or unfeasible. This becomes even more significant if the
habitats are even further away from Earth, such as on Mars. On the Moon, to
a small extent and on an initial stage, it is possible to transport some propellant
from Earth to refuel, but on Mars, self-reliance can be critical as resupply missions
might be insurmountable. In that case, it will have a weight of 0.9 for the Moon
mission and a weight of 1.0 for the Mars mission.

The weights can further be normalised to have a total maximum sum of 1.0. This
will make the final score also on a scale of 0 to 10. This can be done by dividing
the weight by 6.

Therefore summarising the normalised weights:

Part Moon-
Hydrolox

Moon-
Methalox

Mars-
Hydrolox

Mars-
Methalox

Efficiency 0.1666 0.1666 0.1666 0.1666

System Mass 0.1666 0.1666 0.1666 0.1666

Pump Power
Requirements

0.0833 0.0833 0.0833 0.0833

Storability
and Long
Term use

0.0666 0.0666 0.0666 0.0666

Boil Off 0.1333 0.1333 0.1500 0.1500

In Situ
Production

0.1500 0.1500 0.1666 0.1666

Table 24: Summary of Weights
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Therefore, to calculate the final score:

Score for X fuel for Y mission =
∑

(Weight × Score)

Final Score for Hydrogen for Moon mission = (0.1666× 10) + (0.1666× 8.14)

+ (0.0833× 3.481) + (0.0666× 3)

+ (0.1333× 4.341) + (0.1500× 9)

= 5.440

Final Score for Methane for Moon mission = (0.1666× 8.105) + (0.1666× 10)

+ (0.0833× 10) + (0.0666× 6)

+ (0.1333× 10) + (0.1500× 7)

= 6.631

Final Score for Hydrogen for Mars mission = (0.1666× 10) + (0.1666× 8.75)

+ (0.0833× 3.481) + (0.0666× 3)

+ (0.1500× 5.957) + (0.1666× 8)

= 5.840

Final Score for Methane for Mars mission = (0.1666× 8.105) + (0.1666× 10)

+ (0.0833× 10) + (0.0666× 6)

+ (0.1500× 10) + (0.1666× 10)

= 7.415

Note: These scores are just relative quantifiers to compare one fuel to another. The
numbers by themselves do not indicate anything, but only give a representation
of the difference between the two fuels. It is also important to only put scores of
the same mission type next to each other to understand how both perform against
each other in a similar situation.
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For the Moon Mission:

Difference in score = 6.631− 5.440

= 1.191

Percentage difference = 1.191/5.440× 100

= 21.89 %

Methane is better than Hydrogen as a fuel, for a mission to the Moon using the
Osiris Electrically Augmented Expander Cycle Engine, according to this scoring
system, by 21.89 %.

For the Mars Mission:

Difference in score = 7.415− 5.840

= 1.575

Percentage difference = 1.575/5.840× 100

= 26.97 %

Methane is better than Hydrogen as a fuel, for a mission to Mars using the Osiris
Electrically Augmented Expander Cycle Engine, according to this scoring system,
by 26.97 %.

Therefore, it can be observed that for exploration missions to the Moon, a Methalox
engine is a better option and even more so for missions to Mars.
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13. Conclusion

For the considered use cases of the Moon and Mars missions, spacecraft with two
versions of the Osiris electrically augmented expander cycle engine using hydrogen
and methane as their fuel was studied. Based on six different factors, the two
versions were scored. It was observed that for the Moon mission, the spacecraft
with the Methalox version of the Osiris engine scored 21.89 % better than the
Hydrolox version. For the Mars mission, this advantage jumped to 26.97 %. It
can, therefore, be concluded that the Methalox version of the Osiris Engine is a
better choice for exploration missions to both, the Moon and Mars, and any future
development intended for this engine should be focused in this direction.

Two of the key areas where further development is required beyond the scope
of engine development, are thermal management of boil off and ISRU technology.
As was observed earlier, boil off of cryogenic propellant can be extremely large.
For liquid hydrogen, this was significantly larger than liquid methane. Nonethe-
less, a much better thermal design is also required for keeping the boil off losses
of methane as well to a minimum. ISRU is one of the key considerations for
propellant selection for the Osiris engine and will form the backbone of human
settlement on the Moon and Mars, but currently, no infrastructure has been set
up or experimented with on these bodies. Advancements in these domains will
also have to be made.

In this study, the aim was to provide a basis for choosing which fuel type should
be used when further developing such an engine. While all the parameters of the
study might not be representative of actual spacecraft and engine design, it gives a
platform for comparison by using similar use case envelopes, and therefore, being
able to compare the two fuels. Further study will now have to be carried out to
create a more detailed design for the Osiris engine, but now only focussed on using
Methane and Oxygen as propellants.

In the next few decades, exploration activity to the Moon and then Mars will
surge in numbers. For this initial exploration to turn into long-term sustenance
and regular crossings, there needs to be a space system which is reliable, reusable,
versatile, cheap and can use the resources which are easily available. The Osiris
electrically augmented expander cycle engine is well poised to become the propul-
sion for such a system, and this study is a step in developing such a system.
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Appendix A - Matlab System Mass Estimation Tool 

 
% Tool to Estimate System Mass  
% Taha Merchant, January 2023 
 
clc 
clearvars 
 
% Inputs 
 
% DeltaV 
 
prompt = "What is the DeltaV required in m/s? "; 
deltaV = input(prompt); %(m/s) 
 
% Thrust 
 
prompt = "What is the Engine Thrust in Newtons? "; 
Thrust = input(prompt); %(N) 
 
% Combustion Chamber Pressure 
 
prompt = "What is the Combustion Chamber Pressure in Pascal? "; 
Pcc = input(prompt); %(Pa) 
 
% Oxidiser to Fuel Ratio 
 
prompt = "What is the Oxidiser to Fuel Ratio? "; 
ofratio = input(prompt); 
 
% Fuel 
 
prompt = "If fuel is Liquid Hydrogen press 1, for Liquid Methane press 2, 
else press 0 (assuming LOx as Oxidiser for this tool)"; 
fueltype = input(prompt) ; 
 
% Propellant Densities 
 
if fueltype==1 
    rhofuel = 71 ; % (kg/m3)   
elseif fueltype== 2 
    rhofuel = 423 ; % (kg/m3)   
else  
    prompt = "What is the Density of the fuel in kg/m3? "; 
    rhofuel = input(prompt);  % (kg/m3)   
end 
 
rhoox = 1140 ; % (kg/m3)                                                     
 
% Selecting initial Inert Mass Fraction assumption 



 
prompt = "What is the initial Inert Mass Fraction assumption? "; 
delta = input(prompt); 
 
% Specific Impulse 
 
prompt = "What is the Isp in Seconds? "; 
isp_s = input(prompt); % (s)  
 
isp = isp_s * 9.81 ; % (m/s) 
 
r = exp(-deltaV/isp);  
 
lambda = r - delta ; 
 
% Payload mass selection 
 
prompt = "What is the Payload Mass in Kg? "; 
Mpl = input(prompt); % (kg) 
 
% Engine Mass 
 
prompt = "What is the Engine Mass in Kg? "; 
Mengine = input(prompt); % (kg) 
 
% Selecting tank diameters 
% Assume cylindrical tanks  
 
prompt = "What is the inner Diameter of the Fuel Tank in m? "; 
D_fueltank = input(prompt); %(m) 
 
prompt = "What is the inner Diameter of the Oxidizer Tank in m? "; 
D_oxtank = input(prompt); %(m)  
 
% Selecting interstage height 
 
prompt = "What is the Height of the Interstage in m ? "; 
H_is = input(prompt); % (m) 
 
% First Mass Estimations 
 
M_total = Mpl/lambda ;  % (kg)   
 
M_inert = delta * M_total ; % (kg)   
 
% Main Solving Loop 
 
error = 42 ; 
 
while error > 1  
 
Mprop = ((M_inert+Mpl)/r)*(1-r) ; % (kg) 
 
% Propellant Mass Breakdown 
 



Mfuel = Mprop / (ofratio+1) ; % (kg)   
 
Mox = Mprop - Mfuel ; % (kg)   
 
M_total = M_inert + Mpl + Mprop; % (kg) 
 
% Tank Mass 
 
if fueltype==1 
    Mfuel_tank = (9.09/rhofuel) * Mfuel ; % (kg)   
else 
    Mfuel_tank = (12.16/rhofuel) * Mfuel ; % (kg)   
end 
 
Mox_tank = (12.16/rhoox) * Mox ; % (kg)   
 
%For Tanks Insualtion Mass 
 
% Assume cylindrical tanks  
 
% Fuel Tank Dimensions 
 
Vfuel = Mfuel / rhofuel ; %(m3) 
 
Vfuel_tank = 1.08 * Vfuel ; %(m3) Assuming 8% ullage volume   
 
H_fueltank = (Vfuel_tank * 4)/ (pi * D_fueltank^2);  %(m)   
 
SA_fueltank = ((pi*D_fueltank^2)/2)+(pi*D_fueltank*H_fueltank);  %(m2) 
 
% Fuel Tank Insulation 
 
if fueltype==1 
    Mfuel_insulation = 2.88 * SA_fueltank;  % (kg)   
elseif fueltype== 2 
       Mfuel_insulation = 1.123 * SA_fueltank;  % (kg)   
else  
    Mfuel_insulation = 0;  % (kg)   
end 
 
% Oxidiser Tank Dimensions 
 
Vox = Mox / rhoox ; %(m3) 
 
Vox_tank = 1.08 * Vox ; %(m3) Assuming 8% ullage volume  
 
H_oxtank = (Vox_tank * 4)/ (pi * D_oxtank^2);  %(m)   
 
SA_oxtank = ((pi*D_oxtank^2)/2)+(pi*D_oxtank*H_oxtank);  %(m2) 
 
% Oxidiser Tank Insulation 
 
Mox_insulation = 1.123 * SA_oxtank;  % (kg) 
 
% Thrust Bearing Structure Mass 



 
M_thruststructure = (2.55/10000) * Thrust ; % (kg) 
 
% Gimbal Mass 
 
M_gimbal = 237.8 * (Thrust/Pcc)^0.9375 ; % (kg) 
 
 
% Other Structural Masses 
 
% Interstage Mass  
 
SA_interstage = pi * D_fueltank * H_is ; % (m2) 
 
M_interstage = 4.95 * (SA_interstage)^1.15 ; % (kg) 
 
% Avionics 
 
M_avionics = 10 * (M_total)^0.361 ; % (kg) 
 
% Wiring 
 
M_wiring = 1.058 * ((M_total)^0.5) *(H_oxtank+H_fueltank+H_is)^0.25 ; % 
(kg) 
 
 
% Total Calculated Mass 
 
temp = M_total ; 
 
M_total = Mengine + Mfuel + Mox + Mfuel_tank + Mfuel_insulation + Mox_tank 
+ Mox_insulation + M_thruststructure + M_gimbal + Mpl + M_interstage + 
M_avionics + M_wiring ; % (kg)  
 
M_inert = Mengine + Mfuel_tank + Mfuel_insulation + Mox_tank + 
Mox_insulation + M_thruststructure + M_gimbal + M_interstage + M_avionics + 
M_wiring ;   % (kg) 
 
error = M_total - temp ;  
 
end 
 
M_total 
 
M_inert 
 
Mfuel 
 
Mox 
 
H_fueltank 
 
H_oxtank 
 



 
Appendix B - Matlab Heat Flux Estimation Tool for 

Moon Mission 

 
% Tool to estimate Heat Flux input for a Moon Mission 
% Taha Merchant, December 2022 
 
clc 
clearvars 
 
% Section 0 
 
% User Inputs 
 
prompt = "What is the diameter of the Hydrogen Tank in m? "; 
d_hy = input(prompt);  
 
prompt = "What is the diameter of the Methane Tank in m? "; 
d_meth = input(prompt); 
 
prompt = "What is the height of the Hydrogen Tank in m? "; 
h_hy = input(prompt); 
 
prompt = "What is the height of the Methane Tank in m? "; 
h_meth = input(prompt); 
 
% Section 1 
 
% Script to calculate Solar Heat Flux across the solar system 
 
% Initialise constants 
 
sigma = 5.670374 * 10^-8 ;    % Stefan-Boltzmann constant (W/m^2*K^4) 
T_sun = 5778 ;                % Temperature of the Sun (K) 
R_sun = 696340000 ;           % Radius of the Sun (m) 
AU = 149597870700 ;           % (m) 
 
% Calculating total power output from the Sun 
 
P_sun = sigma * (T_sun^4) * 4* pi * (R_sun^2);      %(W) 
 
    % P_sun is 3.8510e+26 W 
 
% Finding the power recieved per unit area across the solar system between 
0.3 and 1.6 AU 
 
% Storing values of r (distance from the Sun) from 0.3 AU to 1.6 AU in an 
array 
 
r_array = zeros(1301,1);  



 
for x = 300:1600 
     
     
    r_array(x-299,1) = x*AU/1000; 
 
 
end 
 
% Calculating the Solar Heat flux from 0.3 AU to 1.6AU  
 
heat_flux_array = zeros(1301,1) ; 
 
for y = 300:1600 
 
    heat_flux_array(y-299,1)= P_sun/(4*pi*r_array(y-299,1)^2) ;     % 
(W/m^2) 
 
end 
 
% Converting the r values to AU in array to display on plot 
 
AU_array = zeros (1301,1); 
 
for z = 300:1600 
 
    AU_array (z-299,1) = r_array(z-299,1)/149597870700; 
 
end 
 
% Plotting Solar Heat Flux vs Distance from Sun. 
figure(1) 
plot 
(AU_array,heat_flux_array,AU_array(701),heat_flux_array(701),'o',AU_array(1
225),heat_flux_array(1225),'o') 
text(AU_array(701),heat_flux_array(701),'Earth','VerticalAlignment','bottom
','HorizontalAlignment','center') 
text(AU_array(1225),heat_flux_array(1225),'Mars','VerticalAlignment','botto
m','HorizontalAlignment','center') 
 
 
title('Solar Heat Flux vs Distance from Sun') 
xlabel('Distance from Sun (AU)') 
ylabel('Solar Heat Flux (W/m^2)') 
 
% Section 2 
 
% Plotting Solar Heat Flux vs Distance from Sun for Earth to the Moon. 
 
% Hot case is considered therefore the Moon lies between Earth and the Sun 
and the spacecraft moves towards the direction of the Sun.  
 
% Earth and Moon Radii 
 
r_earth = 6371 ;         % (km) 



r_moon = 1737 ;          % (km) 
 
% Creating a new array to represent the space between Earth and the Moon 
 
r_em_array = zeros(376013,1);               % (km) 
heat_flux_em_array = zeros(376013,1);       % (W/m^2) 
alt_array = zeros (376013,1);               % (km) 
 
% Calculating the Solar Heat flux between Earth and the Moon 
 
for u = 170:376182 
     
  
    r_em_array(u-169) = (1-((u+r_earth)*1000)/AU)*AU;                   % 
Distance of spacecraft from the Sun (km) 
 
    heat_flux_em_array(u-169)= P_sun/(4*pi*r_em_array(u-169)^2) ;       % 
Solar Heat flux incident on the spaceraft at the particular altitude 
(W/m^2) 
 
    alt_array(u-169) = u ;                                              % 
Distance of spacecraft from Earths surface (km) 
 
 
end 
 
figure(2) 
plot (alt_array,heat_flux_em_array) 
 
title('Solar Heat Flux between Earth and Moon vs Distance from Sun') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Solar Heat Flux (W/m^2)') 
 
% Section 3 
 
% Script to calculate the Heat Flux due to Albedo from Earth  
 
% Distance between centre of Earth and centre of the Moon 
 
D_em = 384400;                                          % (km) 
D_em_travel = D_em - r_earth - 170 - r_moon - 110 ;     % Subtracting the 
bodies radii and orbit heights (km) 
 
% Earths Albedo 
 
alb_earth = 0.31 ;  
 
% Solar Heat Flux at Earth (1 AU) 
 
heat_flux_earth= P_sun/(4*pi*AU^2) ; % (W/m^2) 
 
% Power of Outgoing Heat due to Albedo with respect to Distance from Earth 
 
alt_array = zeros (376013,1);                   % (km) 
h_array = zeros (376013,1);                     % (km) 



area_array = zeros (376013,1);                  % (km^2) 
P_al_earth_array = zeros (376013,1);            % (W) 
alb_earth_heat_flux_array = zeros (376013,1);   % (W/m^2) 
 
for w = 170:376182 
 
    alt_array(w-169) = w ;                                                                                      
% (km) Distance between Earths surface and the spacecraft 
 
    h_array(w-169) = (r_earth * alt_array(w-169))/(r_earth + alt_array(w-
169));                                 % (km) Height of the Sphere Cap of 
Earths surface in view of the spacecarft at that altitude  
 
    area_array(w-169) = 2 * pi * r_earth * h_array(w-169) ;                                                     
% (km^2) Surface area of the Sphere Cap (surface area = 2*pi*r*h ) 
 
    P_al_earth_array(w-169) = (heat_flux_earth*1000000) * area_array(w-169) 
* alb_earth ;                       % (W) Power reflected by the Earth due 
to albedo for that surface area 
 
    alb_earth_heat_flux_array(w-169)= (P_al_earth_array(w-
169)/(4*pi*((alt_array(w-169)+r_earth)^2)))/1000000;  % (W/m^2) Heat flux 
incident on the spaceraft at the particular altitude  
 
end 
 
% Plot of the heat flux incident on the spacecraft due to Earth's albedo 
 
figure(3) 
plot (alt_array,alb_earth_heat_flux_array) 
 
title('Incident Heat Flux due to Earths Albedo vs Distance from Earths 
Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Incident Heat Flux due to Earths Albedo (W/m^2)') 
 
 
% Section 4 
 
% Script to calculate the Heat Flux from Earth's IR Radiation  
 
T_earth = 253.72 ;              % Blackbody Temperature of Earth (K) 
 
% Calculating total Infrared Power output from Earth 
  
P_earth_IR = sigma * (T_earth^4) * 4* pi * (r_earth^2);              % (W) 
 
% Finding the IR heat flux recieved wrt to the altitude from Earth's 
surface 
 
heat_flux_IR_array = zeros (376012,1); 
 
for v = 170:376182 
 



    heat_flux_IR_array(v-169)= (P_earth_IR/(4*pi*((alt_array(v-
169)+r_earth)^2)))/1000000 ; 
 
end 
 
% Plot of The heat flux incident on the spacecraft due to Earth's IR 
Radiation 
 
figure(4) 
plot (alt_array,heat_flux_IR_array) 
 
title('Incident Heat Flux due to Earths IR Radiation vs Distance from 
Earths Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Incident Heat Flux due to Earths IR Radiation (W/m^2)') 
 
% Section 5 
 
% Script to calculate the Heat Flux from Albedo from the Moon 
 
% Earths Albedo 
 
alb_moon = 0.12 ; 
 
% Solar Heat Flux at the Moon  
 
heat_flux_moon= P_sun/(4*pi*(AU-384400000)^2) ; % (W/m^2) 
 
% Power of Outgoing Heat due to Albedo with respect to Distance from the 
Moon 
 
alt_moon_array = zeros (376013,1); 
h_moon_array = zeros (376013,1); 
area_moon_array = zeros (376013,1); 
P_al_moon_array = zeros (376013,1); 
alb_moon_heat_flux_array = zeros (376013,1); 
 
temp = 1 ; 
 
for s = 376122:-1:110 
 
    alt_moon_array(temp) = s ;                                                                                 
% (km) Distance between the Moons surface and the spacecraft 
 
    h_moon_array(temp) = (r_moon * alt_moon_array(temp))/(r_moon + 
alt_moon_array(temp));                      % (km) Height of the Sphere Cap 
of the Moons surface in view of the spacecarft at that altitude  
 
    area_moon_array(temp) = 2 * pi * r_moon * h_moon_array(temp) ;                                             
% (km^2) Surface area of the Sphere Cap (surface area = 2*pi*r*h ) 
 
 
    P_al_moon_array(temp) = (heat_flux_moon*1000000) * 
area_moon_array(temp) * alb_moon ;                      % (W) Power 
reflected by the Moon due to albedo for that surface area 



 
    alb_moon_heat_flux_array(temp)= 
(P_al_moon_array(temp)/(4*pi*((alt_moon_array(temp)+r_moon)^2)))/1000000;  
% (W/m^2) Heat flux incident on the spaceraft at the particular altitude  
 
    temp = temp+1 ; 
end 
 
% Plot of The heat flux incident on the spacecraft due to the Moon's albedo 
 
figure(5) 
plot (alt_array,alb_moon_heat_flux_array) 
 
title('Incident Heat Flux due to the Moons Albedo vs Distance from Earths 
Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Incident Heat Flux due to the Moons Albedo (W/m^2)') 
 
% Section 6 
 
% Script to calculate the Heat Flux from the Moons IR Radiation  
 
T_moon = 270.4 ;              % Blackbody Temperature of the Moon (K) 
 
% Calculating total Infrared Power output from the Moon 
 
P_moon_IR = sigma * (T_moon^4) * 4* pi * (r_moon^2);              %(W) 
 
% Finding the IR heat flux recieved wrt to the altitude from the Moon's 
surface 
 
heat_flux_moon_IR_array = zeros (376013,1); 
 
temp2=1 ; 
 
for r = 376122:-1:110 
 
    heat_flux_moon_IR_array(temp2)= 
(P_moon_IR/(4*pi*((alt_moon_array(temp2)+r_moon)^2)))/1000000 ; % (W/m^2) 
 
    temp2 = temp2+1 ; 
 
end 
 
% Plot of The heat flux incident on the spacecraft due to the Moon's IR 
Radiation 
 
figure(6) 
plot (alt_array,heat_flux_moon_IR_array) 
 
title('Incident Heat Flux due to the Moons IR Radiation vs Distance from 
Earths Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Incident Heat Flux due to the Moons IR Radiation (W/m^2)') 
 



% Section 7 
 
% Script to calculate the Net Heat Flux across the journey 
 
heat_flux_net_array = zeros (376013,1); 
 
heat_flux_net_array = heat_flux_em_array + alb_earth_heat_flux_array + 
heat_flux_IR_array + alb_moon_heat_flux_array + heat_flux_moon_IR_array ; % 
(W/m^2) Adding all the fluxes incident on the spacecraft. 
 
figure(7) 
plot (alt_array,heat_flux_net_array) 
 
title('Net Heat Flux across the journey vs Distance from Earths Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Net Heat Flux across the journey (W/m^2)') 
 
% Section 8 
 
% Script to calculate the Average Heat Flux across the journey  
 
heat_flux_avg_total = 0; 
 
for q = 1:376013 
 
    heat_flux_avg_total = heat_flux_avg_total + heat_flux_net_array(q) ; 
 
end 
 
heat_flux_avg = heat_flux_avg_total / 376012 
 
 
% Section 9 
 
% Script to calculate the Final Heat Flux and Total Power inout into the 
tanks across the journey  
 
% Spacecraft assumed to be inside a fairing on Ascent 
 
absorptivity_stage = 0.25 ; 
 
heat_flux_stage = heat_flux_avg * absorptivity_stage    % (W/m^2) 
 
 
 
surface_area_hydrogen_tank = 0.5 * (pi * d_hy * h_hy) ;               % 
(m^2) 
 
surface_area_methane_tank = 0.5 * (pi * d_meth * h_meth) ;            % 
(m^2) 
 
power_tank_hydrogen = heat_flux_stage * surface_area_hydrogen_tank    % (W) 
 
power_tank_methane = heat_flux_stage * surface_area_methane_tank      % (W) 

 



 
Appendix C - Matlab Heat Flux Estimation Tool for 

Mars Mission 

 
% Tool to estimate Heat Flux input for a Mars Mission 
% Taha Merchant, December 2022 
 
clc 
clearvars 
 
% Section 0 
 
% User Inputs 
 
prompt = "What is the diameter of the Hydrogen Tank in m? "; 
d_hy = input(prompt);  
 
prompt = "What is the diameter of the Methane Tank in m? "; 
d_meth = input(prompt); 
 
prompt = "What is the height of the Hydrogen Tank in m? "; 
h_hy = input(prompt); 
 
prompt = "What is the height of the Methane Tank in m? "; 
h_meth = input(prompt); 
 
% Section 1 
 
% Script to calculate Solar Heat Flux across the solar system 
 
% Initialise constants 
 
sigma = 5.670374 * 10^-8 ;    % Stefan-Boltzmann constant (W/m^2*K^4) 
T_sun = 5778 ;                % Temperature of the Sun (K) 
R_sun = 696340000 ;           % Radius of the Sun (m) 
AU = 149597870700 ;           % (m) 
 
% Calculating total power output from the Sun 
 
P_sun = sigma * (T_sun^4) * 4* pi * (R_sun^2);      %(W) 
 
    % P_sun is 3.8510e+26 W 
 
% Finding the power recieved per unit area across the solar system between 
0.3 and 1.6 AU 
 
% Storing values of r (distance from the Sun) from 0.3 AU to 1.6 AU in an 
array 
 
r_array = zeros(1301,1);  



 
for x = 300:1600 
     
     
    r_array(x-299,1) = x*AU/1000; 
 
 
end 
 
% Calculating the Solar Heat flux from 0.3 AU to 1.6AU  
 
heat_flux_array = zeros(1301,1) ; 
 
for y = 300:1600 
 
    heat_flux_array(y-299,1)= P_sun/(4*pi*r_array(y-299,1)^2) ;     % 
(W/m^2) 
 
end 
 
% Converting the r values to AU in array to display on plot 
 
AU_array = zeros (1301,1); 
 
for z = 300:1600 
 
    AU_array (z-299,1) = r_array(z-299,1)/149597870700; 
 
end 
 
% Plotting Solar Heat Flux vs Distance from Sun. 
figure(1) 
plot 
(AU_array,heat_flux_array,AU_array(701),heat_flux_array(701),'o',AU_array(1
225),heat_flux_array(1225),'o') 
text(AU_array(701),heat_flux_array(701),'Earth','VerticalAlignment','bottom
','HorizontalAlignment','center') 
text(AU_array(1225),heat_flux_array(1225),'Mars','VerticalAlignment','botto
m','HorizontalAlignment','center') 
 
 
title('Solar Heat Flux vs Distance from Sun') 
xlabel('Distance from Sun (AU)') 
ylabel('Solar Heat Flux (W/m^2)') 
 
% Section 2 
 
% Plotting Solar Heat Flux vs Distance from Sun for Earth to Mars. 
 
% Earth and Mars Radii 
 
r_earth = 6371 ;         % (km) 
r_mars = 3389 ;          % (km) 
 
%Earth and Mars Positions 



 
earth_au = 1 ; 
mars_au = 1.52366231 ; 
 
% Distance between centre of Earth and centre of Mars 
 
D_em = round(((mars_au - earth_au) * AU)/1000);     % (km) 
D_em_travel = D_em - r_earth - 500 - r_mars - 250 ; % Subtracting the 
bodies radii and orbit heights (km) 
 
% Creating a new array to represent the space between Earth and mars 
 
r_em_array = zeros(78328258,1);  
heat_flux_em_array = zeros(78328258,1); 
alt_array = zeros (78328258,1); 
 
% Calculating the Solar Heat flux between Earth and Mars 
 
for u = 500:78328757 
     
  
    r_em_array(u-499) = (1+((u+r_earth)*1000)/AU)*AU;               % 
Distance of spacecraft from the Sun (km) 
 
    heat_flux_em_array(u-499)= P_sun/(4*pi*r_em_array(u-499)^2) ;   % Solar 
Heat flux incident on the spaceraft at the particular altitude (W/m^2) 
 
    alt_array(u-499) = u ;                                          % 
Distance of spacecraft from Earths surface (km) 
 
 
end 
 
figure(2) 
plot (alt_array,heat_flux_em_array) 
 
title('Solar Heat Flux between Earth and Mars vs Distance from Sun') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Solar Heat Flux (W/m^2)') 
 
% Section 3 
 
% Script to calculate the Heat Flux from Albedo from Earth  
 
% Earths Albedo 
 
alb_earth = 0.31 ;  
 
%Solar Heat Flux at Earth (1 AU) 
 
heat_flux_earth= P_sun/(4*pi*AU^2) ; % (W/m^2) 
 
% Power of Outgoing Heat due to Albedo with respect to Distance from Earth 
 
alt_array = zeros (78328258,1); 



h_array = zeros (78328258,1); 
area_array = zeros (78328258,1); 
P_al_earth_array = zeros (78328258,1); 
alb_earth_heat_flux_array = zeros (78328258,1); 
 
for w = 500:78328757 
 
    alt_array(w-499) = w ;                                                                                      
% (km) Distance between Earths surface and the spacecraft 
 
    h_array(w-499) = (r_earth * alt_array(w-499))/(r_earth + alt_array(w-
499));                                 % (km) Height of the Sphere Cap of 
Earths surface in view of the spacecarft at that altitude  
 
    area_array(w-499) = 2 * pi * r_earth * h_array(w-499) ;                                                     
% (km^2) Surface area of the Sphere Cap (surface area = 2*pi*r*h ) 
 
    P_al_earth_array(w-499) = (heat_flux_earth*1000000) * area_array(w-499) 
* alb_earth ;                       % (W) Power reflected by the Earth due 
to albedo for that surface area 
 
    alb_earth_heat_flux_array(w-499)= (P_al_earth_array(w-
499)/(4*pi*((alt_array(w-499)+r_earth)^2)))/1000000;  % (W/m^2) Heat flux 
incident on the spaceraft at the particular altitude  
 
end 
 
% Plot of The heat flux incident on the spacecraft due to Earth's albedo 
 
figure(3) 
plot (alt_array,alb_earth_heat_flux_array) 
 
title('Incident Heat Flux due to Earths Albedo vs Distance from Earths 
Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Incident Heat Flux due to Earths Albedo (W/m^2)') 
 
 
% Section 4 
 
% Script to calculate the Heat Flux from Earth's IR Radiation  
 
T_earth = 253.72 ;              % Blackbody Temperature of Earth (K) 
 
% Calculating total Infrared Power output from Earth 
 
P_earth_IR = sigma * (T_earth^4) * 4* pi * (r_earth^2);              %(W) 
 
% Finding the IR heat flux recieved wrt to the altitude from Earth's 
surface 
 
heat_flux_IR_array = zeros (78328258,1); 
 
for v = 500:78328757 
 



    heat_flux_IR_array(v-499) = (P_earth_IR/(4*pi*((alt_array(v-
499)+r_earth)^2)))/1000000 ; 
 
end 
 
% Plot of The heat flux incident on the spacecraft due to Earth's IR 
Radiation 
 
figure(4) 
plot (alt_array,heat_flux_IR_array) 
 
title('Incident Heat Flux due to Earths IR Radiation vs Distance from 
Earths Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Incident Heat Flux due to Earths IR Radiation (W/m^2)') 
 
% Section 5 
 
% Script to calculate the Heat Flux from Albedo from Mars 
 
% Earths Albedo 
 
alb_mars = 0.25 ; 
 
% Solar Heat Flux at Mars  
 
heat_flux_mars= P_sun/(4*pi*(AU*mars_au)^2) ; % (W/m^2) 
 
% Power of Outgoing Heat due to Albedo with respect to Distance from Mars 
 
alt_mars_array = zeros (78328258,1); 
h_mars_array = zeros (78328258,1); 
area_mars_array = zeros (78328258,1); 
P_al_mars_array = zeros (78328258,1); 
alb_mars_heat_flux_array = zeros (78328258,1); 
 
temp = 1 ; 
 
for s = 78328507:-1:250 
 
    alt_mars_array(temp) = s ;                                                                                      
% (km) Distance between Mars surface and the spacecraft 
 
    h_mars_array(temp) = (r_mars * alt_mars_array(temp))/(r_mars + 
alt_mars_array(temp));                           % (km) Height of the 
Sphere Cap of the Mars surface in view of the spacecarft at that altitude  
 
    area_mars_array(temp) = 2 * pi * r_mars * h_mars_array(temp) ;                                                  
% (km^2) Surface area of the Sphere Cap (surface area = 2*pi*r*h ) 
 
 
    P_al_mars_array(temp) = (heat_flux_mars*1000000) * 
area_mars_array(temp) * alb_mars ;                       % (W) Power 
reflected by Mars due to albedo for that surface area 
 



    alb_mars_heat_flux_array(temp)= 
(P_al_mars_array(temp)/(4*pi*((alt_mars_array(temp)+r_mars)^2)))/1000000;  
% (W/m^2) Heat flux incident on the spaceraft at the particular altitude  
 
    temp = temp+1 ; 
end 
 
% Plot of The heat flux incident on the spacecraft due to Mars' albedo 
 
figure(5) 
plot (alt_array,alb_mars_heat_flux_array) 
 
title('Incident Heat Flux due to Mars Albedo vs Distance from Earths 
Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Incident Heat Flux due to Mars Albedo (W/m^2)') 
 
% Section 6 
 
% Script to calculate the Heat Flux from the Mars IR Radiation  
 
T_mars = 209.8 ;              % Blackbody Temperature of Mars (K) 
 
% Calculating total Infrared Power output from Mars 
 
P_mars_IR = sigma * (T_mars^4) * 4* pi * (r_mars^2);              %(W) 
 
% Finding the IR heat flux recieved wrt to the altitude from Mars' surface 
 
heat_flux_mars_IR_array = zeros (78328258,1); 
 
temp2=1 ; 
 
for r = 78328507:-1:250 
 
    heat_flux_mars_IR_array(temp2)= 
(P_mars_IR/(4*pi*((alt_mars_array(temp2)+r_mars)^2)))/1000000 ; % (W/m^2) 
 
    temp2 = temp2+1 ; 
 
end 
 
% Plot of The heat flux incident on the spacecraft due to Mars' IR 
Radiation 
 
figure(6) 
plot (alt_array,heat_flux_mars_IR_array) 
 
title('Incident Heat Flux due to Mars IR Radiation vs Distance from Earths 
Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Incident Heat Flux due to Mars IR Radiation (W/m^2)') 
 
 
% Section 7 



 
% Script to calculate the Net Heat Flux across the journey 
 
heat_flux_net_array = zeros (78328258,1); 
 
heat_flux_net_array = heat_flux_em_array + alb_earth_heat_flux_array + 
heat_flux_IR_array + alb_mars_heat_flux_array + heat_flux_mars_IR_array ; % 
(W/m^2) Adding all the fluxes incident on the spacecraft. 
 
figure(7) 
plot (alt_array,heat_flux_net_array) 
 
title('Net Heat Flux across the journey vs Distance from Earths Surface') 
xlabel('Distance from Earths Surface (km)') 
ylabel('Net Heat Flux across the journey (W/m^2)') 
 
% Section 8 
 
% Script to calculate the Average Heat Flux across the journey  
 
heat_flux_avg_total = 0; 
 
for q = 1:78328258 
 
    heat_flux_avg_total = heat_flux_avg_total + heat_flux_net_array(q) ; 
 
end 
 
heat_flux_avg = heat_flux_avg_total / 78328257 
 
 
% Section 9 
 
% Script to calculate the Final Heat Flux and Total Power inout into the 
tanks across the journey  
 
% Spacecraft assumed to be inside a fairing on Ascent 
 
absorptivity_stage = 0.25 ; 
 
heat_flux_stage = heat_flux_avg * absorptivity_stage     % (W/m^2) 
 
 
surface_area_hydrogen_tank = 0.5 * (pi * d_hy * h_hy) ;               % 
(m^2) 
 
surface_area_methane_tank = 0.5 * (pi * d_meth * h_meth) ;            % 
(m^2) 
 
power_tank_hydrogen = heat_flux_stage * surface_area_hydrogen_tank    % (W) 
 
power_tank_methane = heat_flux_stage * surface_area_methane_tank      % (W) 
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