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Abstract
The aeroelastic loads and design processes at the German Aerospace Center, Institute of Aeroelasticity in the framework of 
multi-disciplinary optimization are constantly evolving. New developments have been made in the in-house model genera-
tion tool ModGen, which allow us to create detailed fuselage models for preliminary design. As a part of the subsequent 
developments to integrate the fuselage structure in our aeroelastic design process, a new framework for optimizing the fuse-
lage structure has been developed. The process is based on a bi-level optimization approach which follows a global–local 
optimization methodology to simplify a large optimization problem. A sub-structuring procedure is used to define stiffened 
panels as independent structures for local optimization. The panels are sized with stress and buckling constraints with con-
sideration of several aeroelastic load cases. Furthermore, in this paper, we present a physical sub-structure grouping process 
which enables reduced number of panel optimizations and saves considerable computational effort with little compromise 
in the solution accuracy.

Keywords  Fuselage sizing · Bi-level optimization · Aeroelastic design · Super-stiffener grouping

1  Introduction

Multi-disciplinary optimization (MDO) is an indispensable 
and integral part of the overall aircraft design process. The 
goal in developing such MDO frameworks is to obtain a 
good preliminary estimation of the structural dimensions 
usually with the objective of weight reduction and also to 
gain assurance toward the structural design. The complex-
ity of the process and the fidelity of the models used vary 
depending on the design level for which the framework is 
developed. For example, MDO at the preliminary design 
level is focused on the global aero-structural performance 
and works sufficiently well with medium fidelity models. 
At the German Aerospace Center, Institute of Aeroelasticity 
(DLR-AE), a comprehensive framework, cpacs-MONA [1], 
has been developed for the aeroelastic pre-design of full-
scale aircraft models. Until now, the focus of this framework 
has been on the optimization of the wing structures based 
on aeroelastic loads and constraints. The fuselage structure 

is therefore modeled as an equivalent beam structure and 
is sized using analytical methods on a conceptual design 
level. Recent developments at DLR-AE in the in-house 
model generation tool ModGen [2] have enabled the pos-
sibility of modeling a full finite element model (FEM) of 
the fuselage structure utilizing the design data defined in 
the CPACS (Common Parametric Aircraft Configuration 
Schema) format [6].

To integrate the fuselage in our design process, a 
Python-based automated framework has been developed 
at DLR-AE to conduct the structural optimization of the 
fuselage based on aeroelastic loads. The fuselage structure 
is primarily constructed of stiffened panels consisting of 
shell and beam elements. Due to the large number of ele-
ments used to generate the finite element (FE) model of 
the fuselage, an optimization model can potentially consist 
of thousands of parameters. The application of mathemati-
cal programming techniques for designing such structures 
can be impractical due to the requirement of high com-
putational power. Furthermore, large-scale optimization 
problems can become infeasible when using standard 
optimization algorithms [9]. One approach for reducing 
the large dimensionality of an optimization problem is to 
identify weak couplings in a group of variables and divide 
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it through the use of local variables [3, 8]. A preliminary 
estimate of the material distribution can be subsequently 
obtained through the use of low-fidelity methods such as 
fully stressed design (FSD). The cross-sectional dimen-
sions are then resized in a detailed design step involv-
ing local design variables and more accurate mathemati-
cal programming techniques. This method is generically 
termed as the bi-level optimization approach. A compre-
hensive description of an optimization framework based 
on the above principle is presented by Grihon et al. [3]. 
Such formulations have also been applied to fuselage 
barrel section models built with composite materials [4] 
where the failure criteria, such as buckling, damage toler-
ance and post-buckling, are utilized in the local optimi-
zation problem. Furthermore, optimization results for a 
composite fuselage section including local elastic tailoring 
of the laminate properties are presented in [14]. A multi-
objective optimization methodology for a fuselage section 
including window and door cut-outs has been discussed in 
[15], where the authors consider minimizing the deforma-
tion of the cut-outs as an additional design objective com-
bined with mass minimization. A multi-scale optimization 
strategy for fuselage structures using genetic algorithm has 
been discussed in [20, 21]. In these articles, notably, the 
boundary conditions for sub-structure optimizations are 
defined without simplifying hypotheses through the use 
of enforced displacements which are interpolated across 
the edge grid points of the local models. This approach 
enables a more realistic coupling between a global and a 
local model. A similar process has also been utilized in 
sizing composite wings of varying configurations includ-
ing fatigue and manufacturing constraints [22–24].

The application of bi-level optimization does not nec-
essarily ensure computational efficiency and in certain 
cases, the solution process for a realistic fuselage model 
can require several days for completion [18]. This neces-
sitates development of efficient optimization techniques. 
In correlation to this, the use of surrogate models as a 
replacement for traditional solution methods in the frame-
work of MDO is an area of interest. An assessment of the 
performance benefits of applying well-known surrogate 
modeling techniques to an MDO process for preliminary 
design of wings has been conducted by Paiva et al. [10]. 
The authors conclude that the approach is worth investi-
gating however, the benefits are not clearly predictable. It 
was found that the methods begin to lose advantage with 
increasing complexity and dimensionality of the opti-
mization problem. Nevertheless, variations of surrogate 
modeling techniques have been successfully implemented 
in broader MDO frameworks with good results [12]. A 
numerical sizing approach using FSD is presented in [16] 
where the considerations for the local buckling stability is 
incorporated through handbook methods. The utilization 

of FSD allows obtaining quick estimates of a design, how-
ever with limited accuracies.

In this article, new developments in the aeroelastic design 
process at DLR-AE are discussed. The focus of this work 
is on the development of an efficient automated framework 
for sizing fuselage structures using bi-level optimization 
techniques which can be coupled to our in-house aeroelas-
tic loads computation process for the preliminary sizing of a 
full-scale fuselage model of a generic transport aircraft. To 
alleviate the computational costs in the local optimization, 
a physical grouping procedure is proposed for the fuselage 
panels. The grouping procedure allows selective sizing of a 
reduced number of panels to ensure faster solutions with rea-
sonable accuracy. The framework is applied to a full-length 
fuselage and the skin thickness distribution is computed. 
Several maneuver and quasi-static gust loads computed at 
different flight conditions and mass configurations are uti-
lized in the analysis, and the thickness distribution obtained 
through optimization is presented.

The fuselage barrel of the D150 aircraft model first devel-
oped in the DLR project “Virtual Aircraft Multi-Discipli-
nary Analysis and Design Process” (VAMP) [5] is used for 
the studies. The format for defining the structural elements 
of the fuselage in the CPACS dataset is discussed in [26]. 
The loads applied on the full model are obtained through 
static aeroelastic analyses in the SOL 144 module [25] of 
MSC Nastran which is setup within cpacs-MONA. In the 
first level, a global finite element model (GFEM) is sized 
using the fully stressed design module (FSD) of MSC Nas-
tran [13]. A linear static analysis is conducted to extract 
internal forces and stresses in the full FE model. A sub-
structuring procedure is used to generate stiffened panels 
for local optimizations. Subsequently, the internal forces are 
utilized for panel optimizations to obtain a global thickness 
distribution.

The subsequent discussion can be outlined in the follow-
ing manner: (1) in Sect. 2, a description of the primary struc-
tural components in the FE model and the reference D150 
aircraft configuration is presented, (2) Sect. 3 describes the 
process flow in the optimization framework which includes 
the model development, aeroelastic load computation, struc-
tural optimization and the proposed sub-structure grouping 
procedure, (3) the application of the framework to the D150 
aircraft and the corresponding results are discussed in the 
Sect. 4, (4) and finally the concluding remarks are presented.

2 � Geometry

2.1 � Structural components in the model

The finite element model consists of an assembly of the 
skin panels stiffened by the longitudinal stringers and the 
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circumferential orbit frames. The stringers are essential in 
carrying the tension and compression loads on the fuselage, 
whereas the orbit frames maintain the shape of the fuse-
lage and helps in load redistribution [11]. The skin panels 
sustain the majority of the cabin pressure loads. In Fig. 1, 
the skeletal structure of a fuselage section, generated using 
ModGen, is depicted. In addition to the main fuselage barrel 
section, the keel beam, pressure bulk heads, passenger and 
cargo floors are also modeled (Fig. 2).

The keel beam lies in the center fuselage region where 
the wing loads are introduced into the fuselage structure. 
The center wing box (CWB) is modeled for the wing load 
transmission into the fuselage.

The FE models of the fuselage generated through 
ModGen are low-fidelity structural models for early pre-
liminary design. One shell element is formulated between 
two parallel stringers and two orbit frames. The tool allows 

mesh refinement depending on the design level of inter-
est. A sequence of line elements is defined along the fuse-
lage length and the cross-sectional mid-points. This axis 
is termed as the loads reference axis (LRA) and the cor-
responding nodal points are used for the introduction of the 
aeroelastic loads into the structure. The LRA is connected 
to the encompassing structure through rigid body interpola-
tion elements which enables the load distribution into the 
primary structure.

2.2 �  Reference aircraft model

The optimization framework presented here has been 
assessed with the use of the reference aircraft model D150, 
shown in Fig. 3. This aircraft was designed as a mid-range, 
single-aisle configuration, transport aircraft for 150 pas-
sengers. In general, the aircraft design has similarities in 
characteristics to the Airbus A320 model. Some of the rel-
evant dimensions and design data of the D150 fuselage are 
listed in the Table 1. The cross-sectional dimension of the 
center fuselage barrel is depicted in Fig. 4. It is noted that 
the stringers, which run from the nose to the tail end of the 
fuselage, are circumferentially not equally spaced. There-
fore, a range for the stringer pitch is listed. Similarly, the 
frames have variations in the interspacing across the fuselage 
length .

Fig. 1   Skeletal structure of a fuselage section

Fig. 2   Mid-fuselage section with the center wing box for wing load 
introduction

Fig. 3   Full FE model of the D150 aircraft configuration

Table 1   Design parameters of the fuselage of the D150 model

Parameters Value

Fuselage length [m] 37.5
Diameter at the nose [m] 1.96
Diameter at the mid-section [m] 4.14
Diameter at the tail end [m] 1.0
Number of bay area [ −] 85
Number of stringers [ −] 86
Frame pitch [m] 0.3–0.533
Stringer pitch [m] 0.165–0.175
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Two types of cross sections have been defined for the 
stiffening structures: ‘Z’ shapes are used for the stringer 
geometries, while ‘C’ shapes are used for the frame geom-
etries. The initial dimensions of the cross sections are 
defined to be constant for each element across the circum-
ference and the length of the fuselage. Figure 5 depicts the 
relevant dimensions (in mm) for definition of the stiffening 
elements.

The FE model of D150, built in MSC Nastran, has 
10,759 node points and over 25,000 elements. Quad-
rilateral shell elements (CQUAD4, Mindlin-Reissner 
shell) with 24 degrees of freedom (DOF) per element are 
predominantly used to model the main fuselage barrel, 
whereas the triangular shell elements (CTRIA3, Mind-
lin-Reissner shell) with 18 DOF per element are used as 
substitutes in areas where insufficient space leads to poor 
aspect ratio and distortion of the quadrilateral elements. 
The stiffening components of the structure, such as the 
orbit frames and the stringers, are modeled using the 1-D 
beam elements with 6 DOF per node. The connection 
between the shell and the beam elements inherently exists 
due to node commonality. The material properties used 
in the FE model are described in Table 2. The allowable 
strengths have been listed with an applied factor of safety 
of 1.5.

3 � Optimization framework

The framework utilizes the concept of super-stiffeners [3] to 
break down a large optimization problem into several sub-
structure optimizations. In this section, a description of the 
sequential steps in the setup of the framework is given with 
reference to Fig. 6.

The first two steps involving the model generation and 
aeroelastic loads computation are a part of the external tools 
ModGen and cpacs-MONA, respectively. A description of the 
model components has been provided in Sect. 2. In cpacs-
MONA, the loads are generated using the aeroelastic solver 
SOL 144 in MSC Nastran. The flight conditions are defined 
at various Mach numbers, flight speeds and altitudes rang-
ing up to 12.5 km based on the specification of the certifica-
tion document CS25 [17]. Additionally, five different mass 
configurations with forward and aft center of gravity (CG) 
positions are considered. The variation in the CG positions 
is achieved through appropriate distribution of payload and 
fuel masses. For a comprehensive description of the load case 
definitions, aeroelastic load computation and design process 
in cpacs-MONA, the reader is referred to [1, 7].

3.1 � Load case selection (LCS)

Several aeroelastic load cases are obtainable through the com-
bination of different flight conditions and mass configurations. 
However, the utilization of all generated load cases enforces 
redundant computations in the sizing process. This occurs 
since each sub-structural component is sized using the corre-
sponding critical load cases i.e., the cases which generate the 
maximum magnitudes of forces and moments. To circumvent 
unnecessary computations, a load case selection (LCS) pro-
cess is applied. In this process, a comparison is made between 
the integrated loads at each fuselage section. The load cases 
generating the maximum magnitudes of forces fi and moments 
mi  at any jth fuselage section are determined to form a reduced 
subset of loads comprising Fj

lcs
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lcs
 , where:

(1)
F

j

lcs
= max

(
f
j

1
, f

j

2
,… ,… f j

n

)
, M

j

lcs
= max

(
m

j

1
,m

j

2
… ,…mj

n

)
.

Fig. 4   Cross-sectional dimensions of the center fuselage barrel

Fig. 5   Cross-sectional definition for the stiffening elements of the 
fuselage model, all dimensions are in mm, Z-shape for the stringers 
and C-shape for the frames

Table 2   Material properties allocated to the fuselage components in 
the analysis model

Elastic Modulus E [MPa] 74,000

Poisson’s ratio ν [ −] 0.298
Density [kg/m3] 2800
Allowable strength in tension σat [MPa] 354
Allowable strength in compression σac [MPa] 308
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Thereafter, the reduced loads subset is applied in the siz-
ing process.

3.2 � Fully stressed design

The FSD process is applied to the global finite element 
model (GFEM) of the fuselage to get a preliminary estimate 
of the thickness distribution. The FSD methodology is not 
designed to give an accurate representation of the required 
material, but rather is seen as a lower bound estimate [13]. 
It is based on the premise that each member of the structure 
should be at its maximum allowable stress under at least one 
of the design load conditions. Therefore, the design variables 
are updated iteratively such that the stress levels reach the 
maximum allowable in each element of an FE model. In 
practice, this is implemented as discussed in [19]:

where i is the iteration number, N is the total number of 
design variables and ti

j
 is the current value of the jth design 

variable, �i
j
 is the current stress level for the element which 

corresponds to the jth design variable and �al
j

 is the allowable 
stress. The SOL 200 module in MSC Nastran is used for this 
purpose. The selected parameters for the sizing process are:

(1) shell thicknesses t of the elements (8345 in total) are 
selected as design variables,

(2) von Mises stresses � on the upper and lower ele-
ment surfaces (16,690 in total) are selected as the design 
responses,

(3) and the minimum skin thickness in each iteration is 
defined to be 1 mm which fulfills the requirement of defin-
ing design constraints together with the allowable stresses.

ti+1
j

= ti
j
× �i

j
, j = 1…N,

(2)�i
j
= max

(
�i
j

�al
j

)
,

This keel beam and the center wing box are presently only 
sized using the FSD process and are not considered in the 
optimization model. Obtaining a realistic initial thickness 
estimate in the preliminary FSD step is also necessary for 
accurate internal force computation, which directly influ-
ences the subsequent steps in the process flow. An example 
of the sizing results obtained from the FSD process is shown 
in Fig. 7, where a thickness gradient can be seen on the keel 
beam. The center wing box is sized with a single design vari-
able for each panel, therefore a uniform thickness is obtained 
through this process.

3.3 � Internal force extraction

A linear static analysis of the fuselage model is conducted in 
SOL 101 module of MSC Nastran using the design proper-
ties obtained from the FSD process. The internal forces and 
moments generated at every node point in the FE model 
due to the applied external loads are evaluated in this step. 
These internal loads are required for the local panel optimi-
zations. The analysis is conducted using the inertia relief 

Fig. 6   Process flow diagram 
of the optimization frame-
work depicting the sequential 
progress

Fig. 7   Exemplary thickness estimation from the fully stressed design 
(FSD) process
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feature in MSC Nastran since the fuselage structure is glob-
ally unconstrained during operational conditions. The inertia 
relief feature balances out the external forces and moments 
by applying nodal accelerations, thus maintain a state of 
perfect equilibrium for an unconstrained structure. There-
fore, no assumptions with respect to definition of boundary 
conditions are required in the global analysis.

3.4 � Super‑stiffener generation

The super-stiffener element is a stiffened shell panel which 
has a width equal to the stringer pitch in the GFEM and 
the length equal to the distance between two orbit frames. 
Figure 8 depicts a super-stiffener element on a larger fuse-
lage panel and the corresponding extracted super-stiffener 
geometry.

According to Grihon et al. [3], isolating such a super-
stiffener geometry to analyze the structure locally is a good 
approximation when a suitable stiffening in the transverse 
direction is provided. This concept is well applicable to fuse-
lage structures due to the presence of orbit frames. Through 
application of the super-stiffener extraction procedure on 
the main fuselage body, 6593 independent stiffened panel 
geometries can be created for the D150 aircraft model.

3.5 � Grouping of super‑stiffener geometries

It is evident that conducting optimization for all generated 
panels would require a high computational time. The group-
ing process has been implemented to reduce the number of 
super-stiffener panel optimizations that need to be conducted 
independently to obtain a fully updated optimized solution. 
To this end, two solution methods were investigated: load-
based grouping and von Mises stress-based grouping.

All super-stiffener panels are first segregated into groups 
based on similar dimensions. In the load-based method, 
the internal forces and moments at the node points of the 
GFEM are compared. The panels having a similar range of 
forces and moments are assigned one super-stiffener group. 
Although, this approach is more generically applicable, it is 
more tedious due to the requirement of local coordinates for 
every panel and the necessary comparison of all three com-
ponents of forces and moments for the appropriate grouping.

The alternate approach using the von Mises stress as the 
grouping criterion was found to be more effective. In this 
case, normalized stresses in every super-stiffener panels are 
compared to formulate panel groups. In every group, the 
panel which is subjected to the maximum stress is optimized 
and the new properties are applied to all super-stiffener pan-
els of that group.

This procedure is suitable for structures constructed 
with isotropic materials for which the optimization is gen-
erally conducted with von Mises stress as one of the design 
constraints. In the case of composite materials, where the 
sizing is often conducted with principal strain as a design 
constraint, it is more practical to allocate groups based on 
similar loads or strains. The fundamental idea in any of the Fig. 8   a Super-stiffener element, enclosed in red, shown on a fuselage 

panel, b extracted super-stiffener element

Fig. 9   Super-stiffener grouping based on von Mises stress. The envel-
oping curve defines the maximum number of panels in different stress 
intervals
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grouping procedures remains the same while the difference 
only arises from the choice of the grouping criterion.

Figure 9 shows an example of the stress-based grouping. 
The number of panels lying within a certain stress inter-
val is shown with the blue markers. The enclosing curve 
defines the maximum number of grouped panels in every 
stress interval. The choice of stress interval is objectively 
decided by the user depending on the extent of error margin 
acceptable in the design. A conservative design is obtained 
when a high stress interval is chosen as the grouping crite-
rion. Further discussion on this is presented in the Sect. 4.

3.6 � Local optimization

The local optimization is conducted on the super-stiffener 
panels, as discussed previously in Sect. 3. The panel opti-
mizations are conducted with constraints on the von Mises 
stresses � such that the stress allowable of the material �a is 
not exceeded. Additionally, it is ensured that the critical load 
factor � , obtained through an eigenvalue buckling analysis of 
the panels, is greater than 1.1 including an applied factor of 
safety. The panel thicknesses ti is chosen as the design vari-
able while the stringer dimensions are fixed for the prelimi-
nary studies. The minimum values of the shell thicknesses 
are limited to 1 mm. Finally, the optimization is conducted 
with the objective of minimizing the panel mass M. The 
following summarizes the optimization problem of interest:

Design objective Obj = min(M),

Design variable t = {t1, t2,… , tn}: ti ≥ 1 mm,
Design constraints |�| ≤ ||�a|| , � ≥ 1.1.
The stringer cross-sectional dimensions are pre-defined 

in the aircraft design and remain constant through the opti-
mization sequence.

The internal forces extracted through the static analysis 
of the GFEM is utilized in this step. These forces are applied 
on the edge 1 and edge 3 of the panel shown in Fig. 8b. The 
internal forces are directly transferable to the grid points that 
are common in the global and local models. Since the local 
panel model has a finer meshing than the GFEM, the loads 
are distributed on to the panel edges using the RBE3 inter-
polation elements of MSC Nastran. The key characteristic 
of the RBE3 element is that it does not add additional stiff-
ness to the structure, however, can be used to transfer forces 
and moments from a reference master node to its dependent 
nodes. The remaining edges 2 and 4 are simply supported to 
constrain the structure from undergoing rigid body motion in 
static analyses. It is notable that assumptions in the bound-
ary conditions do not necessarily reflect the global structural 
behavior accurately [21]. Furthermore, edge effects may also 
influence the analysis for which some measures have been 
recommended in [20, 21]. These considerations are currently 
not incorporated into the framework presented here and 
therefore, may lead to some deviations from global analyses.

With the defined optimization model, the panels are 
optimized sequentially and the new properties are then allo-
cated to the global FE model. The process is iterated with 
the updated properties until convergence in the thickness 
distribution is obtained. The optimization is conducted in 
the SOL 200 solver [13] of MSC Nastran which utilizes a 
gradient-based optimizer. Design sensitivities are computed 
for the objective function and the design constraints which 
provides a search direction for the optimization algorithm. A 
relative change in the objective function of < 0.001 between 
two design cycles is chosen as the convergence criteria for 
the algorithm.

4 � Application and results

The D150 aircraft is used in the subsequent studies to dem-
onstrate the applicability of the framework. Initially, one 
aeroelastic load case from cpacs-MONA labeled as LC1, is 
considered to size the fuselage. The grouping procedure is 
used in this case and a comparison of the sizing results and 
analysis time is presented for this load case. Subsequently, 
the complete sets of loads computed at different flight condi-
tions, labeled as LCM, are utilized in the sizing process. The 
sizing results are finally compared to LC1.

4.1 � Sizing with one load case: LC1

The load case is computed with the following analysis 
parameters:

o	 MTOAa: Maximum take-off weight with aft CG position
p	 Load factor: 2.5 (pull-up maneuver)
q	 Mach number: 0.89
r	 Flight altitude: 12.5 km
s	 Equivalent air speed: 127.3 m/s
t	 Internal pressure: 0.66 bar

Fig. 10   Stress distribution in the fuselage obtained from a linear 
static analysis, lowest stress depicted in blue on the color spectrum
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The internal pressure load is added as the difference 
between the cabin pressure and the external atmospheric 
pressure. A reference optimization result is generated with-
out grouping such that all super-stiffener panels are inde-
pendently optimized. A linear static analysis prior to the 
optimization process gives an indication of the stress distri-
bution with the initial thicknesses, as shown in Fig. 10. The 
thickness distribution of the optimized model is expected to 
have a similar trend.

The obtained thickness distribution from LC1 is shown in 
Fig. 11. The highest thicknesses are localized near the center 
fuselage section with a gradual reduction in thicknesses 
when moving toward the front or rear end of the fuselage. 
A vast majority of the element thickness lie in the range of 
1–2 mm while the maximum thickness in the lateral region 
of the center fuselage is closer to 3.6 mm. The highest thick-
nesses obtained are localized in the keel beam.

4.2 � Influence of stress interval

The stress interval determines the number of panel optimiza-
tions that need to be conducted.

As discussed in Sect. 3, the choice of higher stress inter-
val reduces the number of panel optimizations to be done 
and therefore, reduces the computational time. However, the 
approximation that the optimization result of an individual 
panel with the highest stress is valid for all super-stiffen-
ers in that particular group leads to over-estimation in the 
design. The grouping process is, to an extent, a trade-off 
between the computational efficiency and solution accuracy. 

To understand the effectiveness of the grouping process, a 
verification study was conducted with different stress inter-
vals and the resultant weight estimates and thickness dis-
tributions were compared. The following Table 3 gives an 
overview on the different weight estimates obtained with 
various stress intervals. The reference dataset describes the 
case where all panels are independently optimized and rep-
resents the ideal case.

A considerable reduction is seen in the completion time of 
the optimization cycle when the super-stiffener panel group-
ing process is applied. However, a corresponding increase in 
the estimated weights is also observed. This is explainable 
by observing the thickness distributions obtained with dif-
ferent stress intervals.

Due to the grouping approximations, thicknesses in some 
panels are over-estimated and therefore, a higher weight 
estimation is expected. Figure 12 shows the thickness dis-
tributions in the optimized models with normalized stress 

Fig. 11   Thickness distribution of the D150 fuselage obtained from the optimization framework (top, side and bottom view). No grouping proce-
dure is used and a single 2.5 g maneuver load case LC1 is applied

Table 3   Comparison of estimated weights and simulation times with 
the use of different stress intervals

Normalized 
stress interval

Number of pan-
els optimized

Solution 
time (hours)

Normalized weight

Reference 6593 24.33 1.0
0.1 422 1.50 1.1126
0.01 1262 3.97 1.0159
0.001 3450 10.28 1.0137
0.0001 5577 17.60 1.0019
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intervals: 0.1, 0.01, and 0.001. These plots are generated 
with the same color spectrum and therefore, give an accu-
rate indication of deviations in thickness distribution. When 
using a normalized stress interval of 0.1 for grouping, the 
solution is very quick but the thicknesses in a larger area 
near the center fuselage are over-estimated, which results in 
the 11.26% gain in the weight of the optimized model. At the 
stress interval of 0.01, the thickness distribution has some 
visible differences from the reference model, and an error of 
1.59% in the weight estimation is seen. However, the solu-
tion time reduces by 83.6%. At a stress interval of 0.001, the 
thickness distribution is much closer to the reference model, 
the error in weight estimate is 1.37% and a reduction of 
57.7% in solution time is achieved. There is clear advantage 
of using the grouping procedure in terms of computational 
efficiency while producing an acceptable level of accuracy.

4.3 � Sizing with multiple load cases: LCM

As previously discussed in Sect. 3, cpacs-MONA [1] gener-
ates a diverse set of load cases which are utilized in the aer-
oelastic design process. A fully assembled configuration of 
the D150 model, including the structural stiffness of wings 
and the tail plane, is considered in the aeroelastic analysis 
in SOL 144 in MSC Nastran. The following summarizes the 
load case parameters that are utilized in the subsequently 
presented analysis.

o	 Mass configurations: maximum take-off, maximum 
operating empty, maximum zero fuel, maximum land-
ing and maximum cruise flight mass. For each of these 

mass configurations, aft and forward CG positions are 
considered.

p	 Load cases: 2.5 g pull-up maneuver, − 1.0 g push-down 
maneuver, 1.0  g cruise flight, roll maneuvers, yaw 
maneuvers and quasi-steady Pratt gust cases are con-
sidered.

q	 Range of Mach numbers: 0.38–0.89
r	 Range of flight altitudes: 0–12.5 km
s	 Range of equivalent air speeds: 82–205 m/s
t	 Internal pressure: 0.66 bar

Varying combinations of the listed parameters result in 
693 load cases for the D150 aircraft. In this analysis, the 
LCS procedure, previously discussed in Sect. 3, produces 
24 sizing relevant load cases. The resultant thickness dis-
tribution obtained is presented in Fig. 13. The thickness 
distributions are plotted using the same color spectrum as 
in Fig. 11. In the middle section of the fuselage, the thick-
nesses are perceivably higher in comparison to the thickness 
distribution obtained with a single load case in LC1. This 
occurs since several super-stiffener panels are now sized by 
the critical load cases in the corresponding fuselage sections 
chosen by the LCS process. A constraint monitoring process 
is utilized to assess the main driver behind the design in 
different sections of the fuselage. In Fig. 14, panel loca-
tions are depicted for which the design is primarily driven 
by the buckling constraints. In these panels, buckling load 
factors computed in the final design cycle within the opti-
mization algorithm are found to be marginally higher than 
the critical buckling load. These locations are predominantly 
in the central fuselage region and below the center line of 
the fuselage, especially in the vicinity of the center wing 

Fig. 12   A comparison of thickness distributions obtained with stress-based grouping using different normalized stress intervals (0.1, 0.01 and 
0.001)
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box cut-out. This is in alignment with the expectation that, 
due to the higher loading in the center fuselage region, the 
panels are more prone to buckling. Overall, the necessity 
of considering a comprehensive set of loading conditions 
in the sizing process is highlighted through an increase of 
5.4% in the normalized weight. The loading conditions and 
design constraints considered here, while necessary, are not 
invariably sufficient for a detailed design. Further investiga-
tions would be carried out with considerations of additional 
structural constraints, such as fatigue and additional load-
ing conditions, derived from landing and ground maneuvers. 
As a final remark, the direct comparison of the thickness 
distribution results to the reference A320 model cannot be 
published due to confidential data.

5 � Conclusion

A framework for optimization of the fuselage structure 
of a generic passenger aircraft has been developed. The 
method utilizes a multi-level optimization approach where 

an initial thickness distribution is obtained from a low-
fidelity model using fully stressed design. A sub-structur-
ing procedure is used to generate sub-components called 
super-stiffener panels. These panels are locally optimized 
with stress and buckling constraints using gradient-based 
optimization in MSC Nastran. A physical grouping pro-
cedure for the super-stiffener panels is implemented to 
reduce the overall computational effort. It is found that 
the grouping procedure significantly speeds up the pro-
cess while the errors in the thickness and weight estimates 
due to grouping are within acceptable margins. While the 
framework considers some necessary design parameters, 
further improvements can be introduced. Investigations 
pertaining to the local optimizations are one of the focal 
points. In particular, the appropriate transformation from 
a global to local models is a major point of interest. In 
the context of the applied load cases, the influence of the 
landing and ground loads is yet to be investigated. The 
application of the framework so far has been limited to the 
D150 aircraft model. A change in the structural model is 
not expected to have any impact on the described process. 

Fig. 13   Thickness distribution of the D150 fuselage obtained from the optimization framework (top, side and bottom view). No grouping proce-
dure is used and multiple loads, according to the definition of the subcase LCM, are applied

Fig. 14   Panel locations along 
the fuselage length, in reference 
to the fuselage center line, for 
which the buckling constraints 
are active in driving the optimi-
zation algorithm
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However, it is eventually intended to be applied to other 
aircraft models for generalization of the framework.
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